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1 E 1  AN  IMPROVED  CO-EVOLUTIONARY  METHOD  FOR  PURSUIT-EVASION  GAME 
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ABSTRACT 

Pursuit-evasion  game  is  a  representative  minimax  problem. 
Co-evolution  optimization  method  is  one  of  newly  emerging 
techniques  for  addressing  minimax  problem  obtaining  the 
saddle  point  solution  through  simultaneous  evolution  of  two 
opposite  players.  When  applied  to  conventional  pursuit-evasion 
game,  it  is  reformulated  due  to  the  unprescribed  final  time 
condition.  In  this  paper,  an  improved  co-evolutionary  method 
for  pursuit-evasion  game  is  proposed  introducing  a  smoothing 
technique  to  generate  a  more  elegant  solution  history. 


1.  INTRODUCTION 

Co-evolutionary  algorithm  (CEA)  is  recently  devised  to 
solve  minimax  problems  and  it  has  shown  reliable  performance 
for  various  optimization  problems.  Park  and  Tahk[3]  propose  a 
CEA  autopilot  design  method  and  Tahk  and  Sun[4]  developed 
CEA  for  constrained  optimization  problems  by  adopting  the 
benefits  of  the  augmented  Lagrangian  method.  The  main 
advantage  of  CEA  for  minimax  problems  is  that  it  optimizes 
the  fitnesses  of  minimizer  and  maximizer  simultaneously  so 
that  it  has  a  low  possibility  of  converging  to  local  solutions. 

Pursuit-evasion  game  is  a  typical  minimax  optimization 
situation  dealing  with  the  behaviors  of  the  pursuer  and  the 
evader  at  the  situation  of  interceptionfl].  In  this  game  one 
player  tries  to  minimize  a  prescribed  payoff  and  the  other  to 
maximize  it.  The  payoff,  or  the  objective  of  the  game  is  usually 
represented  as  the  intercept  time,  or  the  final  miss  distance,  or  a 
combination  of  both  of  them[5]. 

When  applying  the  CEA  to  the  pursuit-evasion  game,  the 
payoff  is  hardly  obtainable  due  to  the  unprescribed  final  time 
condition,  which  is  essential  for  the  calculation  of  the  payoff  as 
well  as  the  flight  trajectories  of  the  pursuer  and  the  evader. 

This  paper  proposes  an  improved  co-evolutionary  method 
for  addressing  this  problem  by  employing  another  evolving 
group  representing  the  final  time  and  a  different  game  concept 
is  implemented  for  fitness  evaluation.  Furthermore,  a 
smoothing  technique  is  applied  in  order  to  obtain  more  elegant 
input  histories.  The  proposed  algorithm  is  verified  by  a 
numerical  example  of  2-dimensional  intercept  situation. 


2.  ALGORITHMS 

A.  General  Co-evolutionary  Algorithm  (CEA) 

Conventional  co-evolutionary  algorithm  (CEA)  is  a 
stochastic  global  search  algorithm  for  obtaining  a  saddle  point 
solution  of  a  minimax  problem.  It  is  summerized  as  the 
following  6  steps[3]: 

1.  Initialization 

The  initial  populations  of  the  two  evolving  groups 
(minimizing  group  and  maximizing  one)  are  generated. 

2.  Offspring  generation 

The  offspring  populations  of  each  group  are  generated 
through  genetic  operations  such  as  recombination  and  mutation. 

3.  Match 

The  two  evolving  groups  play  full  matches  for  cost 
evaluations. 

4.  Fitness  evaluations  and  sorting. 

The  fitness  of  each  individual  of  two  groups  is  evaluated 
from  the  worst-case  cost  values  of  his  (or  her)  match  scores. 
And  the  two  groups  sort  themselves  for  their  sakes. 

5.  Selection 

The  two  groups  select  new  parent  populations  for  the  next 
generation  from  the  sorted  offspring  populations  for  the  present 
generation. 

6.  Termination  criteria 

If  the  termination  criteria  are  satisfied,  the  co-evolution 
process  is  terminated.  Otherwise,  go  to  step  2. 

B.  Intercept  Time  Optimization 

The  intercept  time  of  the  pursuit-evasion  game  is  usually 
unprescribed,  which  causes  much  trouble  for  obtaining  payoff 
and  the  solution  trajectories.  When  the  final  time,  denoted  as 
tj9  is  employed  as  the  payoff,  the  pursuit-evasion  game  is 

expressed  as  the  following  minimax  optimization  problem: 
min  max  t  f  (n 

Uf,  ue  J 

which  is  subject  to  the  kinematics  of  the  pursuer  and  the 
evader  and  up  >  ue  denote  the  pursuer  and  evader  control 
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input  histories,  respectively. 

C.  Control  Input  Parameterization 

For  the  calculation  of  the  payoff  and  the  trajectories,  the 
input  histories  of  the  pursuer  and  the  evader  are  parameterized, 
which  results  in  a  direct  optimization  method.  The  control 

inputs  are  parameterized  with  the  time  step  fit-tf.  as 

N 


u,=k.  (2) 

U,=[«„l  .  Ue2  ’  ■■■  >  »'nY 

The  parameterized  input  vectors  are  treated  as  the  parameter 
vector  of  the  CEA  where  the  pursuer  input  vector  is  the 
minimizer  and  the  evader  input  vector  is  the  maximizer. 


the  number  of  parent  individuals,  and  i  =  j,  k  equals  to  i , 
otherwise  it  is  randomly  selected  from  [  1  ,  /u+X  ],  where  X  is  the 
number  of  offspring  individuals.  However,  fj  selected  as 
stated  before  may  be  erroneous  compared  with  the  actual 
intercept  time,  because  /*  is  generated  through  random 

operations  not  through  physically  meaningful  processes. 
Therefore,  a  modification  term  is  added  for  the  calculation  of 
the  final  time  and  miss  distance.  The  modified  final  time  and 
miss  distance  can  be  evaluated  using  the  final  relative  position 
vector  and  the  final  relative  velocity  vector. 


*h 


*«/•  Vrei 


t 


y 

/.mod 


=  t}+dt j 


(5) 

(6) 


D.  Evolving  Role  Assignment 

The  pursuer  input  group  (X)  and  the  evader  input  group  (F) 
evolve  simultaneously  to  the  saddle  point  solution  by  the  CEA. 
However,  the  un prescribed  final  time  brings  the  need  to 
introduce  another  evolving  group  considering  the  variations  of 
the  final  time.  We  introduced  an  evolving  group  made  up  of  the 
individuals  of  the  final  time  and  denote  it  as  group  Z. 

Z  also  evolves  through  ordinary  genetic  operations  and  thus 
the  candidates  of  the  optimal  final  time  are  randomly  generated. 
By  the  way,  the  evolution  process  of  the  group  Z  is  somewhat 
different  from  the  other  groups.  The  fitness  of  each  individual 
in  the  group  Z  is  not  determined  independently  but  dependently 
on  the  other  groups'  fitness  evaluations,  which  will  be 
interpreted  concretely  in  the  followings. 

E.  Fitness  Evaluation  and  Selection  Scheme 

For  the  situation  that  the  pursuer  is  unable  to  capture  the 
evader,  it  is  unrealistic  to  optimize  the  intercept  time.  Therefore, 
we  considered  only  the  situation  that  the  pursuer  can  catch  the 
evader.  The  final  intercept  condition  is  expressed  as  the  final 
miss  distance  (r  )  being  smaller  than  the  specified  radius  of 

capture  (  R  ),  which  is  treated  as  the  constraint  of  the 

minimax  problem.  In  the  proposed  method,  a  penalty  function 
method  is  introduced  to  deal  with  this  final  miss  distance 
constraint.  Thus,  the  payoff  functions  become  different  for 
players  like  the  below. 


where  Rrd=Re-Rp  and  Vrd=V-Vp- 
Then,  the  miss  distance  is  evaluated  as  follow: 

Rf=\\Rrel+dtfyrel\\  (7) 

Therefore,  the  payoff  obtained  from  the  match  is  expressed 
as 

iij  =tij  +rw 

Jp  1 /.mod  *  ^  ¥Vij  (8) 

/  y  —  t  y  -CW 

J  e  od  ^  YVij 

The  performance  index  of  each  player  is  evaluated  in  a 
different  way  because  the  payoff  of  each  player  has  a  different 
form  with  the  conventional  CEA.  It  has  been  shown  that 
Stackelberg  game  introducing  the  concept  of  leader  and 
follower  is  applicable  to  co-evolution  using  bimatrix  game[6]. 
According  to  this  game  theory,  the  performance  indices  of  the 
leader  players  are  determined  in  advance  and  then  those  of  the 
follower  players  are  evaluated[2].  For  the  pursuit-evasion  game, 
the  maximizing  group  is  treated  as  the  leader  and  the 
minimizing  group  as  the  follower. 

The  performance  indices  of  the  individuals  in  the 
maximizing  group  are  calculated  in  the  same  way  as  the 
conventional  CEA  as 

Je‘  =  min/  (9) 


J'=t,-CRf 
where  C  is  a  constant. 

The  penalty  term  W  is  first  calculated  in  order  to  evaluate 
the  fitness  of  each  individual  in  the  group  X  or  Y.  The  penalty 
term  for  the  ;'-th  individual  in  the  group  X  and  j-  th  individual  in 
the  group  Y,  or  wtj  is  calculated  as 


The  performance  indices  also  imply  the  fitness  of  each 
individual  in  the  maximizing  group.  The  individual  (ue)  is 
sorted  in  descending  order  with  respect  to  the  fitness  value  and 
denoted  as  u  .  For  the  follower  individuals,  the  sorted  n  is 

*  p 

expressed  as 

K=  {  SfeX:J,(  up,ui)</(  u/u'  ),Vu'eX}  (10) 


Rf  =  R,(u‘  uJe,tk,=A)  if  R‘j>Ra 


if  R'l  <Rcap 


(4) 


Here  /*  is  ft-th  individual  in  the  group  Z.  If  i  is  smaller  than  ju  , 


where  Z  is  a  subset  of  X  which  excludes  already  selected 

<s- 

After  evaluating  fitness  using  the  presented  method, 
(//  + A ) -selection  scheme  is  used  for  the  selection  processes 
of  the  group  X  and  Y. 
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The  selection  scheme  of  the  group  Z  is  heavily  dependent 
on  the  result  of  the  selection  process  in  the  group  X  and  Y.  If 
u  ^  and  iif  is  selected  as  one  of  next  parents,  /|mod  is 

selected  as  one  of  the  parents  individuals  in  the  group  Z.  In 
other  words,  after  evaluation  fitness  as  the  following: 


and  then,  select  £*  if  k  is  smaller  than  //. 

F.  Smoothing  Technique 

The  cost  function  of  a  conventional  pursuit-evasion  game  is 
expressed  as  an  explicit  function  of  the  intercept  time  and  the 
final  miss  distance.  The  resulting  optimal  control  input  histories 
produce  the  intercept  trajectories.  It  is  noted  that  the  trajectory 
is  quite  insensitive  to  fluctuations  of  control  inputs  as  long  as 
the  averaged  input  history  remains  same.  For  this  reason  the 
optimal  control  inputs  obtained  by  co-evolution  might  be  very 
irregular. 

Therefore,  a  smoothing  technique  is  necessary  to  obtain 
more  elegant  shapes  of  both  players'  controls.  When  applying 
the  smoothing  technique,  parents  group  (X  or  Y)  at  the  present 
generation  consists  of  two  different  sub-groups,  X0(or  Yo) 
and  X s  (or  Ys  )•  The  subscript  o  implies  the  original  group  and 
the  subscript  5  the  smoothed  group.  In  other  words, 


Fig.  1 .  Geometry  of  a  2-D  pursuit-evasion  situation 


3.  NUMERICAL  EXAMPLE 

A  pursuit-evasion  game  for  an  intercept  situation  shown  in 
Fig.  1  is  considered.  The  gravitational  effect  is  neglected  by 
assuming  the  horizontal  engagement.  Thus  only  the  control 
inputs  and  the  aerodynamic  forces  drive  the  motion  of  both 
pursuer  and  evader.  The  control  inputs  are  normalized  angular 
accelerations.  The  kinematics  relations  of  the  pursuer  and  the 
evader  are  expressed  as  [5] 


(ii) 

X  =  vcos^ 

(°rys)={uU---X>--->«f } 

y  =  vsin^ 

r=ju  ,  M-i 

(16) 

where 

v  =  -  £  (a  +  bu1  ) 

The  individuals  in  the  original  group  are  selected  from  the 
sorted  offspring  group  of  the  last  generation  and  the  selection 
scheme  is  the  same  as  conventional  CEA  as 

<(*)=«U (*"!)>  y ‘ -  Mo  02) 


where  x ,  y  are  pursuer  or  evader’s  position  and  v  is  the  speed 
and  y  the  flight  path  angle,  respectively,  u  is  the  normalized 
control  input  and  R  denotes  the  minimum  turn  radius,  a  ,  b  are 
the  coefficients  of  the  induced  drag,  a  ,  b  are  determined  from 
other  aerodynamic  coefficients  as 


where  k  denotes  the  generation  number.  On  the  contrary,  the 
individuals  in  the  smoothed  group  are  determined  from  the 
smoothed  sorted  offspring  group  of  the  last  generation  as 

11'  (&)  =  u'A&-l),  \/i<  /us  (U) 


r 

Wma: 

b^KCr 


(17) 


where 

Us=[Ws,,---,Ks„,---,«5*]r  (14> 

«I„=P«„-i+9w„  +  run*\  (p  +  q  +  r= 1)  (15) 

In  other  words,  the  control  input  at  the  present  time  of 
smoothed  individual  is  determined  as  a  weighted  average  of  the 
last,  present  and  the  next  control  inputs  of  the  original 
individual. 


where  C is  the  zero  lift  drag  coefficient  and  C.  is  the 

maximum  lift  coefficient.  The  following  data  are  used  for 
numerical  demonstration. 

=0.0875  ,  bp  =0.40  ,  Rp=\5\5(m)  (J8) 

ae=0  ,  be  =0.40  ,  Re  ~600(m) 

The  initial  engagement  is  that  the  pursuer  is  launched  at  the 
origin  in  the  positive  x-direction  at  the  speed  of  600 m/s,  and  the 
evader,  which  is  initially  1500m  apart  from  the  origin  in  the 
direction  of  positive  x-axis,  flies  in  the  direction  of  positive  y- 
axis  at  the  speed  of  200mA.  The  parameters  used  for  the 
numerical  verification  are  shown  in  Table  1. 

The  termination  criterion  is  that  the  generation  number 
exceeds  the  maximum  generation  limit,  10000  generations. 

The  trajectories  of  the  pursuer  and  the  evader  are  presented 
in  Fig.  2.  The  pursuer  maneuvers  counterclockwise  and  the 
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evader  clockwise,  which  looks  feasible.  Neither  of  them  turns 
with  its  minimum  turn  radius,  which  is  a  reasonable  result  for 
the  case  of  a  pursuit-evasion  model  with  aerodynamic  drag[6]. 

Fig.  3  shows  the  pursuer's  and  the  evader’s  control  histories. 
In  both  plots  the  shapes  of  control  histories  are  smooth  enough 
not  to  seem  to  be  irregular.  The  optimized  final  time  is  3.64  sec. 


4.  CONCLUSION 

An  improved  co-evolutionary  method  for  pursuit-evasion 
game  is  proposed.  The  final  time  is  employed  as  the  payoff  of 
the  minimax  problem  and  the  pursuer  (or  evader)  roles  as  a 
minimizer  (maximizer)  for  this  payoff.  Only  the  situation  in 
which  the  pursuer  can  catch  the  evader  is  assumed  and  the 
penalty  term,  or  the  final  miss  distance,  is  introduced  in  order 
to  satisfy  the  interception  condition.  A  new  evolving  group  is 
introduced  so  as  to  treat  the  unprescribed  final  time  problem. 
Fitness  evaluation  method  based  on  Stackelberg  bimatrix  game 
theory  is  employed  and  a  smoothing  technique  is  implemented 
to  obtain  an  elegant  solution.  For  the  verification  of  the 
proposed  algorithm,  a  numerical  example  of  a  2-D  engagement 
situation  is  tested.  The  result  demonstrates  reasonable  minimax 
solution  trajectories  of  both  players  and  the  smoothing  effect  of 
input  histories  is  observed. 
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Table  1 .  Simulation  parameters 


N 

Rcap 

c 

M 

A 

Ms 

Mo 

30 

3.0 

1.0 

4 

20 

2 

2 

ip.  q.  r) 

(0.2,  0.8,  0.0)  if  n  =  1 

(0.0,  0.8,  0.2)  if  n=N 

(0.2,  0.6,  0.2)  otherwise 

Fig.  2.  Trajectories  of  both  players 
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ABSTRACT 

The  co-evolutionary  computation  method  is  proposed 
for  solving  constrained  min-max  problems.  Many  engi¬ 
neering  problems  can  be  practically  expressed  as  con¬ 
strained  min-max  problems.  Min-max  problems  have 
two  groups  of  variables.  Each  group  will  minimize  or 
maximize  payoffs  and  is  subject  to  equality  and  inequal¬ 
ity  constraints.  Lagrange  multipliers  are  implemented 
for  handling  constraints.  Inseparable  constraints  are 
also  involved  in  the  proposed  method.  Previous  co¬ 
evolutionary  algorithms  based  on  the  penalty  function 
can  not  be  applied  to  minmax  problems  with  insepara¬ 
ble  constraints.  Numerical  examples  are  treated  by  the 
proposed  method  and  their  results  are  compared  with 
exact  solutions. 


1.  INTRODUCTION 

Min-max  problems  are  optimization  between  players 
with  conflicting  interests.  Many  engineering  problems 
can  be  modeled  with  min-max  optimization.  Pursuit- 
evasion  games  between  missile  and  aircraft,  and  design 
of  robust  controller  against  external  disturbances  and 
variations  of  plant  parameters  are  min-max  problems. 
For  the  more  practical  modeling,  physical  limitations  of 
actual  systems  and  design  specifications  have  to  be  in¬ 
volved  into  problems  as  the  form  of  constraints. 

Recently,  the  issue  of  the  evolutionary  computation  is 
handling  of  constraints  in  optimization  problems.  The 
algorithms  for  dealing  with  constraints  are  grouped  in¬ 
to  a  few  of  categories  [1];  1)  methods  based  on  preserv¬ 
ing  feasibility,  2)penalty  functions,  3)making  a  clear  dis¬ 
tinction  between  feasible  and  infeasible  solutions  and 
4)hybrid  methods.  Tahk  and  Sun [2]  suggested  a  co¬ 
evolutionary  augmented  Lagrangian  method (CEALM) 
for  solving  constrained  minimization  problems.  In 
CEALM,  constrained  minimization  problems  are  con¬ 
verted  into  unconstrained  min-max  problems  with  La¬ 
grangian  multipliers.  Solutions  of  unconstrained  min- 
max  problems  are  the  saddle  point  of  the  parameter  to 
be  optimized  and  Lagrangian  multipliers. 

In  this  paper,  the  co-evolutionary  computation 
method  for  solving  constrained  min-max  problems  is 
proposed.  The  Lagrange  multipliers  are  implemented  for 
handling  various  type  of  constraints;  separable  and  in¬ 
separable  constraints.  The  proposed  method  solves  con¬ 
strained  min-max  problems  by  solving  their  dual  prob¬ 
lems,  alternatively.  The  strategy  of  Lagrange  multipliers 
for  separable  constraints  are  determined  by  the  duality 
relation  of  one-sided  optimization  problems.  In  case  of 
inseparable  constraints,  the  previous  results  can  not  in¬ 
form  Lagrange  multipliers  of  the  strategy.  The  duality 
properties  oF min-max  problems  with  inseparable  con¬ 
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straints  are  derived  in  the  paper.  They  determine  the 
strategy  of  the  Lagrange  multipliers  for  inseparable  con¬ 
straints. 

This  paper  is  organized  as  follows:  Section  2  in¬ 
troduces  the  constrained  min-max  problems.  In  sec¬ 
tion  3  and  4,  the  co-evolution  computation  method  and 
the  properties  of  the  algorithm  for  handling  separable 
and  inseparable  constraints  are  derived.  The  proposed 
method  is  applied  to  min-max  problems  with  inseparable 
constraints  in  section  5.  Section  6  provides  conclusion 
of  the  paper  and  further  study. 

2.  CONSTRAINED  MIN-MAX  PROBLEMS 

The  constrained  min-max  problems  are  expressed  as 
follows. 

max  min  /(x,  y)  (1) 

y  x 

subject  to 

g(x,y)<0  (2) 

h(x,y)=0  (3) 

The  parameters  to  be  optimized  are  classified  into  t- 
wo  groups,  x  and  y  are  the  vector  of  minimizing  and 
maximizing  payoffs,  respectively.  The  feasible  region  is 
defined  by  a  set  of  inequality  and  equality  constraints. 
Domains  of  variables  are  determined  by  their  lower  and 


upper  bounds. 

Li  ^  X(  ^  JJ i  i  —  1, 2, ...,  nx  (4) 

Lj  <  Uj  <  Uj  j  =  1, 2,  ...,ny  (5) 

The  constrained  min-max  problems  in  the  paper  are  as¬ 
sumed  to  satisfy  the  conditions  below. 

/(x*,y)</(x*,y*)</(x,y*)  (6) 

min  max  /(x,  y)  =  max  min  /(x,  y)  (7) 

x  y  y  x 


The  assumption  for  the  interchangeability  of  min,  max 
operation(7)  is  called  as  minimax  assumption  or  Issacs 
condition[3].  If  the  payoff  /(x,  y)  is  separable  in  x  and 
y,  the  Issacs  condition  holds.  In  following  two  sections, 
inseparable  and  separable  constraints  is  introduced  and 
constraint-handling  methods  for  them  are  derived. 

3.  SEPARABLE  CONSTRAINTS 

The  minimizing  and  maximizing  groups  of  min-max 
problems  are  subject  to  the  separable  constraints. 

x  is  subject  to 


9x,i{x)  <0  i  =  1,2,  ...,mx 

=  n  i  =  1.2 . L  (R) 


~  641  - 


y  is  subject  to 


9yti(y)  <  0  *  - 

hy,i(y)  =  1,2,  ...Jx  (9) 

‘Separable’  means  the  constraints  (2)  and  (3)  of  min- 
max  problems  can  be  divided  into  constraints  (8)  and 
(9);  the  constraints  of  each  group  are  functions  of  ele¬ 
ments  of  its  own  group. 

Min-max  problems  with  separable  constraints  can  be 
converted  into  unconstrained  min-max  ones. 

min  max  min  I/(x,y,/u,A)  (10) 

/iy<0,Ay  y,/Jx>0,Ax  X 

where  the  Lagrangian  function  is  defined  as 


max-/(x*,y)  =  minmaxL2(x*,y,  Xy) 
y  2  Av  y 

From  (21)  and  (22), 

maxmin/(x,y)  =  max  min  Li  (x,  y* ,  Xx) 

y  x  A*  x 

+  min  max  L2  (x* ,  y ,  Ay ) 

=  max  min  0(A) 

A*  Ay 


(22) 


where 


0(A)  —  min  max  L(x,  y ,  A) 

X  y 


(23) 

(24) 


This  completes  the  proof.  □ 

Solutions  of  the  min-max  problems  with  separable  con¬ 
straint  are  acquired  by  solving  the  dual  min-max  ones. 


L{x,y,n,X)  =  /(x,y)  +  /iTg  +  ATh  (11) 

/i  and  A  are  Lagrange  multipliers  for  inequality  and  e- 
quality  constraints. 

liT=[ftTtly T]  At=[axtA/]  (12) 

gT-[gxTgyT]  h7=  [h/h/]  (13) 

The  min-max-min  problem  can  be  expressed  as  min-max 
one  by  min-max  assumption[3] . 

max  min  L(x,y,/x,A)  (14) 

y  ,/lX  ^0  !  Ax:  X,/iy^0,Ay 

Theorem  1  (No  duality  gap  conditions  for  sepa¬ 
rable  constraints) 

If  g  is  convex  and  h  is  affine  ,  the  solutions  of  the  un¬ 
constrained  min-max  problems  are  equal  to  those  of  the 
constrained  min-max  ones,  and  there  is  no  duality  gap. 

min  max{/(x,  y)  :  gx  <  0,  gy  <  0,  hx  =  0,  hy  =  0} 

X  y 

=  min  max  {0(/x,  A)  :  ijlx  >  0,py  <  0}  (15) 

Ay  j/Zy  ^0  Aj  jMai  ^0 


where 

0(/z,  A)  =  min  max  L(x,  y,  \x,  A) 

(16) 

Proo/:  Consider  the  two  constrained  minimization  and 
maximization  problems.  Equality  constraints  are  taken 
into  account  in  the  proof  for  simplicity. 

Problem  1 

mm  “/(x,  y*) 

(17) 

subject  to 

hx(x)  =  0 

(18) 

Problem  2 

max  I/(x*,y) 
y  2 

(19) 

subject  to 

hy(y)  =  0 

(20) 

By  the  strong  duality  theorem[4],  the  solutions  of  Prob¬ 
lem  1  and  Problem  2  satisfy  conditions  below. 

min  i/(x,  y*)  =  max  min  L\  (x,  y* ,  Ax)  (21) 
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Theorem  2  (Saddle-point  optimality  for  separa¬ 
ble  constraints) 

The  solutions  of  constrained  min-max  problems 
(x,y,A ,fj)  satisfy  the  following  saddle-  point  optimal¬ 
ity. 

T(x*,  y,  Ax,  [j,x,  \y,  ny)  <:  Lr(x  ,y  ,  Az,  /zx,  Ay,  fj,y) 

<  L(x,  y  *,  A* ,  ,  Ay ,  ) 

(25) 

Proof:  Consider  two  optimization  problems  with  con¬ 
straints;  Problem  1  and  Problem  2.  By  the  strong  dual¬ 
ity  theorem [4]  ,  the  solutions  of  Problem  1  and  Problem 
2  satisfy  conditions  below. 

Li(x*,y*,Ax)  <  Li(x*,y*,A*)  <  Lx(x,y*,  A*)  (26) 

£a(x*, y,A;)  <  L2(x*,y*?  AJ)  <  L2(x*,y*,  A,)  (27) 

where  LXj  L2  are  the  Lagrangian  functions  of  Problem 
1  and  Problem  2,  respectively. 

T(x,  y*,  A*,  A*) 

<  J/(x,y*)  +  l/(x*,y*)  +  A*rhx  +  A/hy 

<  /  (x,  y*)  +  A*Thx  +  AyThy 

=  L(x,y*,  A*,  Aj,)  (28) 

The  right  part  of  (25)  has  been  proved. 

L(x,  y*,A*,A;) 

>  ^/(x*,y)  +  i/(x*,y*)  +  A/hx  +  A/hy 

>  /(x*,y)  +  AxThx -h  A*  hy 

=  T(x*,y,  Ax,  Ay)  (29) 

This  completes  the  proof.  □ 

If  S/xxf  is  not  positive  semi-definite  and  Vyy/  is  not 
negative  semi-  definite,  the  Lagrangian  function  is  de¬ 
fined  as 

771 

L{x,  y,/u,A)  =  /(x,y)  +  &*•  k  (#7  Px ) 

k= 1 

l  m 

+  y 2  ^X,khx,kix)  +  5l|/*a(®)l|2  +  (2/7  uy,k)Py) 

k= 1  *=1 

4“  ^y,fc^y,fe(2/)  ~  ^ll^y(y)ll 


where 

Px,k  =  2 “Hmax(°'At,/f+WI,i)}2-/t*,k}  (31) 

Py,k  =  -^{{max(°’Vv,k  + P9y,k)}2 -/Xy.fcK32) 

Note  that  the  difference  between  quadratic  penalty 
terms  of  minimizing  and  maximizing  group  is  signs  of 
penalty  terms. 

4.  INSEPARABLE  CONSTRAINTS 

Inseparable  constraints  can  not  be  divided  into  con¬ 
straints  of  a  group.  In  the  case  of  inseparable  con¬ 
straints,  the  strategy  of  Lagrange  multipliers  for  x’s  and 
y’s  constraints  are  maximizing  and  minimizing  the  La- 
grangian  function,  respectively.  This  results  from  the 
duality  relation  of  constrained  one-sided  optimization 
problems.  The  strategy  of  Lagrange  multipliers  of  insep¬ 
arable  constraints  can  not  be  determined  by  the  previous 
duality  relation.  In  this  section,  the  duality  relation  of 
min-max  problems  with  inseparable  constraints  and  the 
strategy  are  derived. 

Theorem  3  (Weak  duality  theorem  for  min-max 
problems) 

Let  (x,  y)  and  (/z  ,  A  )  be  feasible  solutions  to  primal 
and  dual  problems. 

If  <j>( A,  fi)  is  convex, 

min  0(A ,/z)  >  minmax/(x,y)  (33) 

*i<0,A  x  y  v  7 

If  </>(A,  fi)  is  concave, 

max  0( A,  n)  <  min  max  /(x,  y)  (34) 


This  theorem  shows  not  only  the  lower  or  upper  bounds 
of  the  primal  problems’  solution  but  also  the  strategy  of 
Lagrange  multipliers  for  the  inseparable  constraints. 

Proof: 

=  min  max{/(x,  y)  +  ATh(x,y)  +/iTg(x,y)} 
x  y 

(35) 

For  convex  (f>{\ , /r), 

n)  >  min{/(x,  y)  +  ATh(x,  y)  +  jiT  g(x,  y)} 

>  min/(x,y)  (36) 

Since  n  <  0,  g(x,  y)  <  0,  h(x,  y)  =  0, 

min  <j>( A,  n)  >  min  max  /(x,  y)  (37) 

x  y 

For  concave  <j>{ A,  /z), 

4>{Kn)  <  max{/(x,y)  +  ATh(x,y)+/xTg(x,y)} 

<  max/(x,  y)  (38) 

Since  n  >  0,  g(x,  y)  <  0,  h(x,  y)  =  0, 

max  0(A,  fi)  <  min  max  /(x,  y)  (39) 

x  y  v  7 

This  completes  the  proof.  □ 

Theorem  4  (Stroner  dualitv  theorem  for  min-max 
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problems) 

The  solution  of  the  primal  (constrained  min-max)  prob¬ 
lems  can  be  acquired  by  solving  the  dual  (unconstrained 
min-max)  problems.  Suppose  g(x,y)  is  convex  and 
h(x,  y)  is  affine, 

If  (j>{ A,  fi)  is  concave, 

maxmin{/(x,y)  :  g(x,y)  <  0,h(x,y)  =  0} 

-  max{0(A,  n) :  fi  >  0}  (40) 

If  (j>( A,  fi)  is  convex, 

maxmin{/(x,y)  :  g(x,y)  <  0,h(x,y)  =0} 

y  x 

=  min{^(A,/i)  :  /i  <  0}  (41) 

Proof:  Let 

7  =  min{max /(x, y)  :  g(x,y*)  <  0,h(x,y*)  =  0} 

x  y 

(42) 

If  maxy/(x,  y)  and  g(x,  y*)  are  convex,  h(x,  y*)  is 
affine,  and  the  following  system  has  no  solution, 

max/(x,  y)  —  7  <  0,  g(x,y*)<0,  h(x,  y*)  =  0  (43) 

there  exists  a  nonzero  vector  (u0,A,u)  with  (ti0,A)  >  0 
such  that  [4] 

u0[max/(x,y)-7]+/iTg(x,y*)  +  ATh(x,y*)  >  0  (44) 

max{/(x, y)  +  p,T g(x,  y)  +  ATh(x,  y)}  >  7  (45) 

<t>{ A,  >  minmax{/(x,  y)  :  g(x,y)  <  0,h(x,y)  =  0} 

(46) 

If  (f>( A,  fi)  is  concave, 

max  0(A,  fi)  >  min  max  /(x,  y)  (47) 

From  (34), 

max  0( A,  fi)  =  min  max  /(x,  y)  (48) 

The  strong  duality  theorem  for  the  convex  <f>(\,fi)  has 
been  proved. 

Let 


7  =  max{—  min /(x, y)  :g(x*,y)  <  0,h(x*,y)  =  0} 

(49) 

If  -minx/(x,y)  and  g(x*,y)  are  convex,  h(x*,y)  is 
affine,  and  the  following  system  has  no  solution, 

—  min/(x, y)— 7  <  0,  g(x*,y)<0,  h(x*,y)=0  (50) 

there  exists  a  nonzero  vector  (u0,\,n)  with  (u0,  A)  >  0 
such  that 


u0[-  min/(x,y)  -  7]  +^Tg(x*,y)  +  ATh(x*,y)  >  0 


(51) 

min{/(x,  y)  +  p,T g(x,  y)  +  ATh(x,  y) }  <  -7  (52) 


0(A,/i)  <  minmax{/(x,y)  :  g(x,y)  <  0,h(x,y)  = 
If  (j>( A,  ji)  is  convex, 


0} 

(53) 


min0(A,  yu.)  <  min  max /(x,  y)  (54) 


From  (33), 


min  <j>( A,  p)  =  min  max /(x,  y) 

X  y 


(55) 


This  completes  the  proof.  □ 

The  solution  set  (x,  y,  A,  p)  of  the  unconstrained  min- 
max  problems  satisfies  the  saddle-point  optimality. 

For  convex  0( A,  p) 


L(x*,y,A*,p*)  <  <  L(x,y*,  A,/i) 

(56) 

For  concave  0(A,  /u) 

£(x*,y,A,/i)  <£(x*1y*7A*>j«*)<L(x,y*>A*,M*) 

(57) 


5.  EXAMPLES 

In  this  section,  the  proposed  method  is  applied  to  nu¬ 
merical  examples.  The  co-evolutionary  algorithm  based 
on  evolution  strategy  for  selection,  recombination  and 
mutation  is  used. 

Example  1. 

minmax{x2  —  y2}  (58) 

x  y 

subject  to 

2x  +  y  -  1  =  0  (59) 

0(  A)  =  minmaxfx2  —  y2  +  X(2x  +  y  —  1)} 

x  y 

=  min{x2  +  2\x]  +  max{— y2  +  At/}  —  A 

x  y 

=  -|A2-A  (60) 

Since  0(A)  is  concave, 

max  0(A)  =  min  maxjV2  -  y2  :  2x  +  y  -  1  =  0}  (61) 

A  x  y 


The  solution  of  Example  1  is  x*  =  §,  y*  =  and 

\*  -  _ 2 

A  3 . 

Example  2.  This  example  has  the  same  payoff  of  Ex¬ 
ample  1  but  a  different  constraint  given  below. 

x  +  2y  —  1  =  0  (62) 


Example  1 

Exact 

T  -  2  _1  \  _  _2 
jj  —  3 ,  y  —  —  a 

Numerical 

x— 0.666667,  y=-0.333333,  A=-  0.666667 

TABLE  1 

EXACT  AND  NUMERICAL  SOLUTIONS  OF  EXAMPLE  1 


Example  2 

Exact 

-2  a-2 

27  a  j  y  —  3  >  A  —  a 

Numerical 

x=-0. 333333,  y=0.666667,  A=0.666667 

TABLE  2 

EXACT  AND  NUMERICAL  SOLUTIONS  OF  EXAMPLE  2 


6.  CONCLUSION 

The  co-evolutionary  algorithm  is  presented  to  solve 
the  constrained  min-max  problems.  Dual  problem- 
s  of  constrained  min-max  ones  are  derived  using  La¬ 
grange  multipliers.  The  solution  of  primal  (constrained 
min-max)  problem  is  acquired  by  solving  the  du¬ 
al  (unconstrained  min-max)  problems.  The  proposed 
method  solves  min-max  problems  with  the  separable  and 
inseparable  constraints.  For  inseparable  constraints,  the 
duality  relation  is  derived  and  the  strategy  of  Lagrange 
multipliers  is  also  determined.  The  proposed  algorith- 
m  is  applied  to  the  min-max  problems  with  inseparable 
constraints.  The  numerical  results  acquired  is  equal  to 
the  analytic  ones. 
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0(A)  =  min  max{x2  —  y1  +  A(x  +  2y  —  1)} 

x  y 

—  min{a:2  +  Xx}  +  ma x{-y2  +  2Xy}  -  A 

=  7A2-A  (63) 

4 

Since  0(A)  is  convex, 

max  0(A)  =  min  max{x2  -  y2  :  x  +  2y  -  1  =  0}  (64) 

A  X  y 

The  solution  of  Example  2  is  x*  =  y*  =  |  and 

A  ™  g. 

Numerical  results  are  compared  with  analytic  ones  in 
table  1  and  table  2.  The  proposed  method  gives  the  ac¬ 
curate  solutions.  Example  1  has  the  concave  Lagrangian 
function,  and  the  Lagrange  multiplier  has  the  strategy 
of  maximizing  it.  The  Lagrangian  function  in  Example 
2.  and  the  corresnondiner  strateerv  is  minimiziner  it. 
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ABSTRACT 


A  method  to  obtain  a  game  solution  in 
a  practical  complex  problem  is  proposed, 
and  an  example  in  an  air  combat  game  is 
presented.  The  principle  of  the  method  is, 
at  first  to  obtain  a  feedback  form 
suboptimal  solution  for  both  players. 
Next,  by  solving  the  one-sided  optimal 
control  problems  for  both  players,  and  by 
improving  the  feedback  form  solution,  we 
can  get  the  approximate  saddle  point 
solution.  An  application  for  a  minimum 
time  pursuit-evasion  air  combat  game  is 
presented,  and  the  accuracy  achieved  by 
the  method  is  shown  to  be  very  good. 

1.  BACKGROUND 

Many  aerospace  tasks  belong  to  the 
class  of  pursuit-evasion  problems  and 
can  be  addressed  either  in  an  optimal 
control  or  in  a  zero-sum  differential  game 
formulation.  The  advantage  of  the 
differential  game  formulation  is  that  it  is 
robust  with  respect  to  the  disturbances 
created  by  an  adversary  controlling 
agent.  Because  of  the  inherently  complex 
nonlinear  mathematical  models  used  for 
representing  aerospace  problems,  no 
closed  form  solutions  are  available  and 
iterative  numerical  methods  have  to  be 
used.  Such  methods  solve,  for  each  set  of 
initial  conditions,  a  nonlinear  two-point 
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boundary-value  problem  of  high  dimen¬ 
sions  and  yield  the  control  functions  in  a 
feedback  representation.  There  exist 
several  algorithms  that  solve  successfully 
the  optimal  control  version  of  such 
problems,  requiring  the  minimization  (or 
maximization)  of  a  cost  function,  denoted 
by  J.  The  solution  of  a  zero-sum 
differential  game,  that  requires  the 
simultaneous  minimization  and  maxi¬ 
mization  of  the  same  cost  function,  i.e.  a 
simultaneous  mini- max  convergence,  is 
much  more  difficult.  For  this  reason 
many  scientists  refrain  to  address 
problems  in  a  game  formulation.  In  this 
paper,  a  fairly  complicated  practical  air 
combat  game  is  solved  based  on  the  idea 
of  “the  method  of  bounds'",  and  some 
results  are  shown. 

2 .  TEST  CASE 

In  order  to  verify  the  algorithm,  an 
example  problem  is  employed  about 
which  the  exact  minimax  solution  is 
obtained  in  closed  form  functions  of 
states.  Consider  the  following  two- 

dimensional  minimum  time  pursuit- 
evasion  problem. 

Xp  —  tlx  (1) 

yP=Uy  (2) 

Xe  -  V*  (3) 

ye  =  Vy  (4) 

where  xp,yp  and  xe,ye  are  pursuer’s 
and  evader's  coordinates,  ux,uy  and 
Vjc ,vy  are  velocity  components  of  both 
players  with  constraints, 
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(tlx  ~\~Uy  )2  <  Umax  (5) 

( Vx  +  Vy  )  2  ^  Vmax  (6) 

where  U  max  >Vmax  (7) 

The  interception  condition  is  defined  by 
giving  a  proper  capture  range  Rc ,  by 
Q  =  R-RC  =  0  (8) 

The  cost  function  J  is  the  time  of 


capture,  J  ~tf  (9) 


where 


R  =  {(xe  -xP)2  +(ye  -yP)2}2  (10) 


In  this  case,  the  differential  game 
solutions  of  both  players  can  be  solved 
and  obtained  as  follows1) 


«°(0 

v(0 


Umax^Xe  —  Xp)f  R 
Umax  (ye  ~  y  p)  I R 

Vmax(Xe  “Xp)l  R 

Vmax  {ye  —  yp)l  R 


(ID 

(12) 


Figure  1  shows  the  pursuit-evasion 
geometry  of  two  players,  where  “  P  ”  and 
“  E  ”  denote  a  pursuer  and  an  evader, 
respectively.  R  is  the  relative  distance, 
Vp  and  Ve  are  velocities  of  the  pursuer 
and  evader,  and  </>  p  and  </>  e  show  their 


directions,  and  <p  shows  the  evader's 
direction. 


3.  MATHEMATICAL  MODEL 
Supose  that  we  don't  know  the  exact 
game  solution.  However,  as  it  is  clear 
that  both  players  will  use  their  maxi¬ 
mum  performances,  then 
ux  =Vpsin(pp 
Uy  =  VP  cos  <i>p 
v*  =  Ve  sin  <l)e 
Vy-VeCOS(l)e  (13) 
where 

Vp  =  Wmax 

Ve  =  Vmax  (14) 

At  first,  we  assume  the  pursuer's 
strategy  as  the  following  proportional  + 
pure  pursuit  guidance, 

4>p  =  [np  Vc'<b  +  m  -  <l>p  )]/  Vp  (1 5) 
Table  1  shows  the  initial  condition  and 
parameters.  Optimal  control  of  the 


evader  (pe  are  numerically  calculated  by 
a  steepest  ascent  algorithm2*.  The  cost 
function  becomes  smaller  as  k 
increases.  The  cost  function  J  values 
for  it  =  200,300,400,500,600  are  16.79s, 
16.59s,  16.38s,  16.08s  and  16.0s  , 

respectively.  Fig.2  shows  trajectories  of 
both  players  for  k  =  200,400  and  600  . 

As  k  =  °°  means  (J) p  =  (I) ,  which  means 
the  pure  pursuit  guidance. 

Next,  we  solve  the  optimal  control  for 
pursuer’s  strategy,  <I)P  =  <[)  for  several 
conditions.  This  can  be  done  numerically 
(and  even  analytically  in  this  case,  but  it 
is  not  in  the  usual  case).  Heuristically, 
we  see  that  in  every  case,  optimal  <i>e 
equals  to  0.  The  result  means  that  the 
obtained  solutions  are  same  as  (ll)  and 
(12).  The  saddle  point  characteristics  can 
be  established,  but  is  not  stated  here. 

4.  A  MINIMUM  TIME  AIR  COMBAT 
GAME 

The  problem  is  stated  in  Ref.(3),  but  is 
explained  for  readers'  convenience. 

In  Fig.l,  we  employ  realistic  aircraft 
models  and  polar  coordinates,  then 
system  equations  are  given  as  follows, 

R  -  -Vp  COS  ((j)  p  -  (p)  +  Ve  COS  (<I)e  ~  0)  (16) 

\y  =  [-  Vp  sin (0  P  -(!>)  + Ve  sin (</>*  -  </>)  ]/  R 

(17) 

Vp  =  [“  £p  ( Tmp )  —  Dop  —  Tip  Dip  j/  nip  (1 8) 

Ve  =  [-  %e  ( Tme  )  ~  Doe  ~  ne2DIe  ]/  me  (1 9) 

4>P=g(np2-l)%/Vp  (20) 

=  g{ne2  - 1)^2  /  Ve  (21) 

Where  Tm  is  the  maximum  available 
thrust,  D0  is  the  zero-lift  drag,  Dl  is  the 
induced  drag,  m  is  the  aircraft  mass  , 
and  n  is  the  normal  load  factor.  The 
following  relations  exist  between  drag 
and  lift  coefficients, 

D  =  ±  pV2s[Coo  +  k(CL  -  Cio)2  ](22) 

L  =  \ pV2s{Cl  - Clo)2  (23) 
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D  =  Do  +n2Di  (24) 

Do=jPV2sCdo  (25) 

Dl  =  2k(mg)2  /(pV2s)  (26) 

The  control  variables  are  the  thrust  T 
and  lift  coefficient  Cl  .  The  stopping 
condition  and  cost  function  are  same  as 
(8)  and  (9). 

A  feedback  form  of  the  approximation  of 
the  optimal  control  for  both  players  are 
expressed  as  follows.4) 

£=1, 

i  =  p,e  (27) 

Where  q  is  the  optimal  required 

turning  rate,  related  to  the  aerodynamic 
load  factor  n  by 

S=f(n2-  1)K  (28) 

<l>s  is  the  sustained  turning  rate  with 
full  thrust, 

4>*  =f(-~g?-p/)^  (29) 

and  Vr  is  the  reference  speed  obtained 
from  the  reduced-order  game  solution. 
Originally  the  value  of  Vr  is  assumed  to 
be  the  aircraft  maximum  speed. 

5.  IMPLEMENTATION 
Table  2  shows  parameters  employed. 
Both  aircraft  are  YF16,  however  the  CD0 
of  the  evader  is  intentionary  increased 
than  the  actual  one.  The  computation  is 
performed  through  the  following  process. 

a)  Simulations  are  conducted  by 
employing  suboptimal  law  (eq.27)  for 
both  players,  for  several  parameters  of 
V[  .  The  histories  of  CL's\  CLP  and  CLe 
are  stored,  and  the  interception  time 
tj  is  registered. 

b)  Solve  the  minimum  time  optimal 
control  of  the  pursuer,  while  the  evader 
employs  the  suboptimal  law  (eq.27).  The 
solution  is  obtained  by  steepest  ascent 
method,  and  the  time  history  of  CLP 
obtained  in  step  a)  is  employed  as  the 
nominal  control.  The  solutions  are 


obtained  for  several  value  of  the  evader’s 
Vr\  Ve  ,  and  the  interception  times  are 
registered. 

c)  Solve  the  maximum  time  optimal 
control  of  the  evader,  while  the  pursuer 
employs  the  suboptimal  law  (eq.27)  in 
the  same  way  as  step  b).  The  time 
history  of  CLe  obtained  in  step  a)  is 

employed  as  the  nominal  control,  and  the 
interception  times  for  several  value  of 

the  pursuer’s  Vr\Vpr  are  registered. 

Let  us  denote  the  performance  indices  in 
step  a);  J(u\v) ,  Step  b);  </(«°,v*)  and 
step  c);  J( w\v°),  where  superscripts 
and  “0”  mean  suboptimal  and  optimal, 
respectively.  It  is  clear  that  the  follow¬ 
ing  relation  exists, 

J(u°y)<J(u\v*)<J(u\v°)  (30) 

If  the  difference  between  J(w°,v*)  and 
J(w\v°)  is  small  enough,  then,  we  can 
consider  J(u,v*)  as  the  approximate 
solution  of  this  mini-max  problem. 

6.  RESULTS 

One  result  of  ref.  (4),  which  is 
corresponding  to  </>o  =  60°  in  Table  2  is 
shown.  The  J(w°,v*)  and  J(u\v°)  for 

several  values  of  Ve  and  Vpr  ,  are 
calculated  respectively.  These  y(w°,v*) 
and  J(w\v°)  are  shown  together  in  Fig.3. 

The  optimal  values  of  these  are 
52.9475sec  and  53.0450sec,  yielding 
AJ=0.0975secJ  which  is  less  than  0.2% 
of  the  interception  time.  The 
corresponding  J(u,v*)  ,  obtained  by 
simulation,  turned  out  to  be  52.96 14sec, 
which  is  within  the  expected  range. 

For  the  case  of  </?o  =90°  and  120°  are 
also  studied,  which  show  similar  results. 
These  results  enforce  the  validity  of  our 
method. 

7.  CONCLUSIONS 

The  above  given  results  demonstrate 
the  feasibility  to  solve  a  pursuit-evasion 
game  of  interest  with  a  satisfactory 
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accuracy  by  using  the  above  outlined 
method.  However,  the  accuracy  that  can 
be  achieved  in  this  way  depends  strongly 
on  the  validity  of  the  functional  form 
selected  for  the  approximate  strategies. 
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Table  1.  Parameters(Test  case) 


R 

3000 m 

(P 

60°, 90°, 120° 

V, 

240m  /  s 

K 

260 m  /  s 

<t> P 

0° 

< l>e 

0° 

Rc 

2500m 

Table  2.  Parameters(Air  combat) 

R  3000 m 

<P  o  90° 


I  _ i _ , _ i _ . _ j — i — i — i — i 

0  1  2  3  4  5 


X(Km) 

Fig. 2  Optimal  trajectories  of  evader 
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Fig.  3  Optimal  cost  functions  for 
Pursuer  and  evader 
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Abstract 

In  this  paper,  the  interstellar  trajectory 
optimization  of  a  spacecraft  whose 
velocity  is  close  to  the  light  speed  is 
studied  with  several  performance  indices. 
Although  the  principle  of  relativity  is 
famous,  its  dynamics  is  not  so  popular. 
Thus,  this  paper  starts  from  collecting  the 
equations  of  motion  etc.  The  result 
shows  interesting  difference  from 
ordinary  optimal  solutions. 


Nomenclature 

x,  v,  m 

spacecraft’s  position,  velocity 
and  mass  in  the  absolute  rest 
frame 

m  ’ 

spacecraft’s  mass  in  moving 
coordinates  with  the  spacecraft 
(=  proper  mass) 

a 

acceleration  in  the  spacecraft’s 
coordinates(=  acceleration) 

t,  T 

Times  in  the  absolute  rest  frame 
and  the  spacecraft’s  coordinates 

c 

:  light  speed(=3.0-  108m/s) 

0 ,/ 

:(subscripts)at  the  beginning 
and  at  the  end 

1.  Introduction 

In  the  aerospace  engineering,  the  effect 


of  the  principle  of  relativity  near  light 
speed  is  hardly  taken  account  of. 
Although  we  can  not  fly  at  near  light 
speed  in  our  technology,  it  is  difficult  to 
find  a  text  in  which  the  equations  of 
motion  in  the  principle  of  relativity  are 
introduced.  In  this  paper,  the  formulation 
under  the  principle  of  relativity  is 
introduced  and  is  used  in  a  simple 
example  of  numerical  trajectory 
optimization  with  several  performance 
indices. 


2.  Formulation 

Assuming  one-dimensional  straight 
motion,  the  spacecraft  is  a  mass  point  and 
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has  a  rocket  engine  which  converts 
propellant  mass  perfectly  into  propulsion 
energy,  ex.  anti-matter  propulsion.  The 
observation  from  earth  is  considered  as 
that  from  the  absolute  rest  frame,  and  the 
coordinates  fixed  at  the  spacecraft  near 
light  speed  is  named  the  spacecraft’s 
coordinates.  There  are  no  gravitational 
field  distortions  either  by  stars  or  planets 
and  no  influence  from  the  interstellar 
matter,  so  the  space  is  totally  vacuum. 


2.1  Equations  of  motion 


dr 

dt 


dx 

dt 


v 


dv 

dt 


■  =  a\ 


,.2\ 


1.5 


0) 


Although  the  second  equation  in  eqs. 
(1)  seems  quite  ordinary  even  in 
Newtonian  mechanics,  the  third  equation 
may  not  be  familiar  to  engineers  which 
leads  from  the  equation  below: 

dm  _  F 
dr  m 

f  \ 


l  J 

Here  t  is  the  time  in  absolute  rest  frame  and  t 
is  the  proper  time  in  the  rocket’s  coordinates. 

The  fourth  equation  in  eqs.  (1)  is  the 
change  of  rocket’s  mass  in  the  absolute  rest 


frame,  which  equals  zero  if  a  >  0,  i.e.  the 
rocket  accelerates.  Since  we  assumed  a 
rocket  engine  which  converts  propellant 
mass  perfectly  into  propulsion  energy,  the 
mass  of  the  propellant  consumption 
equates  the  mass  gain  in  the  principle  of 
relativity  in  the  absolute  rest  frame. 
When  a  <  0,  it  loses  twice  mass  and  the 
mass  in  the  absolute  rest  frame  is  the 
same  as  the  proper  mass  in  the  rocket’s 
coordinate  when  the  rocket  stops.  In  the 
rocket’s  coordinate,  it  loses  propellant 
either  in  the  acceleration  or  in  the 
deceleration,  as  the  mass  is  also  relative 
in  the  principle  of  relativity.  It  differs 
from  one  coordinates  to  another. 

Although  we  mainly  use  state  variables  in 
the  absolute  rest  frame  in  this  paper  except 
acceleration,  the  position,  the  velocity,  the 
mass  or  the  proper  time  in  the  rocket’s 
coordinates  can  be  obtained  from  the  Lorentz 
transformation,  which  is  well-known. 

2.2.  Performance  indices 

In  this  paper,  several  ordinary  trajectory 
optimizations  like  the  minimum  time 
problem  are  solved.  In  the  minimum  time 
problem,  the  performance  indices  are, 

r 

Here  the  time  in  the  rocket’s  coordinates  will 
be  minimized. 

In  the  minimum  fuel  problem,  we  chose 
the  performance  indices 

I  =  mf  (4), 

where  the  terminal  mass  of  the  rocket  will  be 
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maximized. 

2.3.  Inequality  constraints 

The  acceleration  of  the  spacecraft  may 
continue  for  a  long  time,  so  it  is  limited 
within  10m/s2,  nearly  1  G,  considering  crew’s 
health. 

H  - 1 0  (5) 

2.4.  Boundary  conditions 

The  rocket  flies  to  the  point  10  light  year 
away  from  the  earth  and  it  stops  at  the  earth 
and  the  terminal  position. 

x0  =  0,  xf  =  10  light  year, 

(6) 

v0  =  vf  ~  0,  m0  =  100% 

The  flight  time  in  the  maximum  final  mass 
problem  is  specified  5%  more  than  that  of  the 
minimum  time  flight. 

For  the  numerical  analysis,  EZopt0  is 
utilized. 

3.  Numerical  results 

The  solution  for  the  minimum  time 
problem  is  shown  in  Figure  2.  The  minimum 
flight  time  is  11.7  year  in  the  absolute  rest 
frame  or  4.79  year  in  the  rocket’s  coordinate. 
The  acceleration  seems  quite  normal  bang- 
bang  solution,  ie.  maximum  thrust  in  the 
former  half  and  maximum  deceleration  in  the 
latter  half. 

Although  the  acceleration  is  constant  in  the 
rocket’s  coordinates,  the  closer  the  velocity 
in  the  absolute  rest  frame  gets  to  the  light 
speed,  the  smaller  the  acceleration  in  the 
absolute  rest  frame  is  because  of  the 


relativistic  effect.  The  velocity  of  the 
spacecraft  reached  98.7%  of  light  speed  at 
the  middle,  so  it  can  hardly  accelerate  in  the 
absolute  rest  frame. 

As  mentioned  before,  the  relativistic  mass 
of  the  rocket  does  not  change  in  the  former 
half,  since  the  loss  by  fuel  consumption 
equals  the  gain  by  the  relativistic  mass.  When 
it  decelerates  in  the  latter  half,  it  loses  twice 
mass  in  absolute  rest  frame.  At  the  end  only 
2.67%  mass  remained.  It  seems  really 
difficult  to  travel  near  at  the  light  speed  even 
with  an  idealistic  engine  whose  E-mc 2. 

The  solution  for  the  minimum  squared 
integral  of  acceleration  is  shown  in  Figure  3. 
The  flight  time  for  it  is  specified  5%  more 
than  that  of  the  minimum  time  flight.  Its 
acceleration  usage  with  Relativity  is  linear, 
although,  with  Newtonian  mechanics,  it  is 
usually  non-linear. 

4.  Conclusion 

In  this  paper,  the  equations  of  motion  in 
the  principle  of  relativity  are  presented  from 
the  engineering  point  of  view.  The  interstellar 
trajectory  optimization  is  numerically 
analyzed  with  several  preformance  indices. 
The  results  show  many  difference  from  the 
results  from  Newtonian  mechanics. 
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ABSTRACT 

Intelligent  system  technologies  are  gaining  popularity 
due  to  their  ability  to  solve  many  difficult  problems  of 
interest  to  aerospace  engineers.  In  this  paper,  an 
overview  of  intelligent  systems  is  presented.  Next, 
several  applications  of  intelligent  system  technologies  to 
aerospace  engineering  discipline  are  highlighted.  The 
applications  include:  aircraft  control;  jet  engine 
estimation  &  control;  aircraft  combat  tactics 
optimization;  and  helicopter  training. 

INTRODUCTION 

Intelligent  Systems  are  nature-inspired,  mathematically 
sound,  computationally  intensive  problem  solving  tools 
and  methodologies  that  have  become  extremely 
important  for  advancing  the  current  trends  in  information 
technology.  Artificially  intelligent  systems  currently 
utilize  computers  to  emulate  various  faculties  of  human 
intelligence  and  biological  metaphors.  They  use  a 
combination  of  symbolic  and  sub-symbolic  systems 
capable  of  evolving  human  cognitive  skills  and 
intelligence,  not  just  systems  capable  of  doing  things 
humans  do  not  do  well.  Intelligent  systems  are  ideally 
suited  for  tasks  such  as  search  and  optimization,  pattern 
recognition  and  matching,  planning,  uncertainty 
management,  control,  and  adaptation. 

Intelligent  Systems  in  general  exhibit  the  following 
traits: 

•  Efficiency 

•  Robustness 

•  Self-improvement 

•  Learning 

•  Pattern  recognition 

•  Long-term  optimization 

•  Long-term  planning 

Several  techniques  inspired  by  nature  have  been 
proposed  and  extensively  used  to  solve  difficult 
engineering  problems.  Currently,  neural  networks,  fuzzy 
logic,  genetic  algorithms,  and  evolutionary  strategies 
have  provided  excellent  computational  intelligence  tools 
for  problem  solving.  Other  areas  of  potential 
breakthrough  include  immune  systems,  DNA  computing, 
and  ecological  modeling. 


In  the  next  several  paragraphs,  we  present  several 
applications  of  these  technologies  to  various  aerospace 
related  problems  conducted  at  the  University  of  Alabama 
in  the  Intelligent  Control  Laboratory. 

ENGINE  ESTIMATOR 

One  of  the  common  objectives  of  aircraft  engine  control 
is  to  enhance  engine  performance  under  deteriorated 
conditions.  To  maximize  engine  performance  efficiently 
under  degraded  conditions,  a  fault  tolerant  engine  control 
scheme  can  be  applied.  The  first  step  to  implement  the 
fault  tolerant  engine  control  architecture  is  developing  an 
engine  performance  estimator.  This  application  focuses 
on  developing  an  engine  performance  estimator  using  a 
combination  of  a  genetic  algorithm  (GA)  and  a  radial 
basis  function  neural  network  (RBFNN)  for  the 
implementation  [1], 

Generally,  a  traditional  engine  performance 
estimation,  such  as  a  Kalman  filter  estimator,  involves 
intensive  computational  procedures  because  of  engines’ 
physical  complexity  which  requires  a  large  number  of 
measurements  to  be  taken  and  processed. 

To  overcome  computational  complexity,  model 
estimation  using  neural  networks  has  emerged.  Neural 
network-based  model  estimation  has  been  applied  to 
areas  such  as  optics,  robotics,  and  system  control. 
Attracted  by  the  advantages  of  neural  networks,  the 
recent  studies  of  fault  tolerance  have  employed  neural 
network  architectures  [2-4].  In  these  studies,  the  input 
selection  is  executed  by  simple  inspection  of  data  files. 
This  manual  inspection  can  be  replaced  by  automatic 
inspection  using  GAs. 

To  apply  GAs  to  an  optimization  problem,  the 
parameter  performance  can  be  evaluated  by  an  objective 
function  (also,  a  performance  index,  PI).  Regularly,  a 
quadratic  error  measure  is  used  for  the  objective  function. 
The  error  is  defined  as  the  difference  between  desired 
performance  measures  and  GAs'  performance  outputs. 

Engine  Details:  The  XTE46  engine  used  in  this  study 
consists  of  a  fan,  a  compressor,  burners,  turbines,  an 
afterburner,  and  an  exhaust  nozzle.  Table  1  describes  the 
twenty-one  inputs  from  which  the  GA  is  to  choose  a 
small  subset.  The  input  variables  are  numbered  1 
through  21. 
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Figure  1.  GA-RBFNN  Architecture 


Table  1.  Estimator  Input  Variables 


Ind 

Van 

Description 

1 

xn2c 

fan  (and  LP  turbine)  speed 

2 

xn25c 

core  speed  (compressor  and  HP  turbine) 

3 

t27c 

core  stream  total  temperature 

4 

t27dc 

duct  stream  total  temperature 

5 

t5bc 

avg  temp  of  compressor  &  turbine  inlet 

6 

t56c 

turbine  total  temperature 

7 

psl5c 

average  static  pressure  of  HP  compressor 
exit  and  forward  bypass  duct  inlet 

8 

p27c 

core  stream  total  pressure 

9 

ps3c 

compressor  exit/bumer  inlet  static  temp 

10 

ps56c 

turbine  static  pressure 

11 

p2c 

fan  inlet  total  pressure 

12 

t2c 

fan  inlet  temperature 

13 

zwf36c 

main  burner  fuel  flow 

14 

za8c 

variable  nozzle  area 

15 

zal6c 

rear  bypass  door  variable  area 

16 

zstp2c 

fan  inlet  guide  vane  angle 

17 

epr 

engine  pressure  ratio 

18 

lepr 

linear  engine  pressure  ratio 

19 

PC 

power  code 

20 

alt 

altitude 

21 

mach 

Mach  number 

The  operating  condition  of  the  engine  power  code 
varied  from  25  to  33.  Similarly,  the  time  history  of 
altitude  varied  from  0  to  1000  ft  and  Mach  number  varied 
from  0  to  0.35. 

GA-RBFNN  Architecture:  The  GA-RBFNN  architecture 
is  shown  in  Figure  1 .  The  Genetic  Algorithms  picks  “n” 
inputs  out  of  the  possible  21  variables  shown  in  table  1. 
The  quantity  “n”  is  a  user  choice.  For  example,  if  n=5, 
the  GA  has  the  following  chromosome  representation 

10110  10011  11011  10111  00110 

Input  1  Input  2  Input  3  Input  4  Input  5 


We  use  a  5  bit  representation  to  cover  the  21  possibilities. 
Since  5  bits  give  us  32  possibilities,  there  will  be 
multiple  mapping  for  some  of  the  variables. 

The  data  from  the  first  150  seconds  (300  data  points 
with  0.5  seconds  of  step  size)  is  used  for  the  RBFNN’s 
training.  For  the  GA  fitness,  all  the  500  data  points  are 
utilized.  This  way,  we  incorporate  a  combination  of 
training  and  validation  data  into  the  GA  fitness. 

The  RBFNN  produces  one  output,  either  compressor 
stall  margin  (sm27)  or  thrust  [fn).  The  output  is  then 
compared  with  a  desired  performance  of  the 
corresponding  performance  measure  (desired  sm27  or  fn). 
The  difference  between  the  output  from  the  RBFNN  and 
the  desired  performance  becomes  the  estimation  error. 
Squaring  the  error  and  summing  it  up  over  the  time  range 
(500  data  points)  results  in  a  fitness  function  of  the  entire 
system. 

Application  Results:  For  the  thrust  case,  the  GA-RBFNN 
selected  input  parameters  are  shown  in  Table  2  along 
with  the  corresponding  fitness  values.  The  numbers 
shown  in  the  parameter  set  correspond  to  the  parameters 
presented  in  Table  1.  As  seen  in  Table  2,  the  3  inputs’ 
(xn2c,  xn25c,  and  p27c)  case  yields  the  best  fn  estimation. 
In  reference  2,  a  similar  study  conducted  by  correlation 
analysis  for  the  performance  estimation  of  fn ,  yielded 
eight  parameters  zwf36c,  xn2c,  xn25c,  alt,  pc,  za8c,  t2c, 
and  mach  number. 


Table  2.  Best  Parameter  Set  and  Fitness  (fh) 


n 

Parameter  Set 

Fitness 

1  Input(s) 

2 

201.5091 

2 

3,20 

264.2763 

3 

1,2,8 

172.7635 

4 

2,  3,  8,  20 

399.6802 

5 

1,2,  3,  8, 20 

743.7452 

The  simulation  of  the  RBFNN’s  output  and  the  engine’s 
desired  output  are  plotted  in  Figure  2  for  the  three  input 
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case  for  the  training  and  testing  data  sets.  Similar  results 
were  obtained  for  the  stall  margin. 


fn  Desired  and  Estimated 


Figure  2.  Thrust  Estimation 


AIR  COMBAT  TACTICS  OPTIMIZATION  USING 
GENETIC  ALGORITHMS  [5] 

The  complete  design  and  specification  of  air  combat 
tactics  for  many-vs.-many  engagements  poses  a 
considerable  challenge  to  tactical  planners.  While 
solutions  have  been  developed  for  one-vs.-one  or  few- 
vs.-few  encounters,  the  results  may  not  generalize  to 
larger  engagements  where  formation  tactics  become 
increasingly  important.  The  purpose  of  this  research  is  to 
investigate  the  feasibility  of  large-scale  air  combat  tactics 
optimization  using  genetic  algorithms  (ACTOGA). 

The  most  effective  formation  tactics  employ  a  basic 
fighting  unit  of  two  aircraft  (called  a  section  or  element) 
[6].  Since  this  is  how  all  fighter  pilots  learn  their  craft,  it 
was  determined  early  in  this  research  that  it  would  be 
most  effective  for  optimized  tactics  not  to  deviate  from 
established  tactical  doctrine.  Accordingly,  software 
tactics  modules  that  employ  basic  fighting  units  of  two 
aircraft  have  been  developed.  Since  large  numbers  of 
fighter  aircraft  are  difficult  to  control,  formation  tactics 
for  large  groups  may  be  developed  using  a  hierarchical 
structure  consisting  of  smaller  units  or  divisions;  for 
example,  a  four-airplane  division  called  the  fluid  four 
consists  of  two  elements.  Each  element  consists  of  two 
aircraft,  but  they  are  treated  as  a  unit.  This  hierarchical 
concept  is  used  to  develop  a  GA-based  approach  to 
optimized  air  combat  tactics  development.  Given  a 
palette  of  air  combat  maneuvers  and  standard  small- 
formation  tactics  as  building  blocks,  GAs  are  used  to 
determine  how  they  can  be  integrated  to  produce  large 
fighting  groups  that  optimize  overall  combat 
effectiveness. 

Tactics  implementation  in  ACTOGA  proceeds  as 
follows: 


1)  Define  a  set  of  commonly-used  element  and  division 
formations  (see  Table  3)  as  well  as  the  underlying 
tactical  maneuvers  and  attack  tactics. 

2)  Develop  a  set  of  principles  for  aggregating  the  small 
formation  tactics  for  large  MvN  engagements,  and 
implement  a  method  for  doing  so  in  the  GA  software. 
To  illustrate,  consider  a  team  consisting  of  four 
aircraft.  Using  only  the  fighting  wing  and  double¬ 
attack,  the  possible  team  formations  are  shown  in 
Figure  3  (assuming  both  elements  use  the  same  two- 
ship  formation).  A  similar  approach  can  be  used  to 
develop  large  division  formations  from  smaller  2- 
ship  and  4-ship  groupings. 

3)  Use  the  resultant  formation  tactics  to  drive  the 
engagement,  and  evaluate  the  results  via  the 
performance  metric  generator. 

4)  Optimize  the  MvN  engagement  tactics  with  respect 
to  the  performance  metrics. 


Table  3:  Commonly  used  Formations  [6] 


Name 

Symbol 

Number  of 
entities 

Fighting  Wing 

FW 

2 

Left  Double  Attack 

DAL 

2 

Right  Double  Attack 

DAR 

2 

Fighting  Wing 

FW 

2 

Finger  Four 

FF 

4 

Left  Sections  in 
Trail 

LST 

4 

Right  Sections  in 
Trail 

RST 

4 

Wall  Formation 

WF 

4 

GA  Fitness  Functions 

A  cost  function  was  developed  to  represent  the 
weighted  sum  of  several  terms: 
6 

•/  =  Z  kiJi’’  0<£,.<1,0<  Jt<\ 

1=1 
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The  GA’s  objective  is  to  minimize  J.  Each  of  the  kj 
coefficients  enables  weightings  the  relative  importance  of 
each  of  the  J/  terms,  which  are  defined  as  follows: 

J \  =  Fraction  of  blue  members  killed 

J2  =  Fraction  of  red  team  members  surviving 

J3  =  Fracn.  of  blue  members  violating  separation  criteria 

J4  =  Mean  blue  team  relative  advantage  assessment 

J5  =  Standard  deviation  in  blue  team  relative  advantage 

J6  =  Mean  blue  risk  assessment 

Considering  first  J\  and  J2 ,  a  desirable  solution 
would  be  one  where  none  of  the  blue  players  are  killed 
(i.e.,  J\  =  0),  and  none  of  the  red  players  survive  (i.e.,  J2 
-  0).  These  are  the  basic  performances  desired  from  the 
optimization.  However,  by  themselves,  these 
considerations  are  insufficient  to  generate  an  effective 
tactical  solution.  The  other  terms  address  some  key 
issues  that  characterize  an  effective  tactical  formation. 

The  J3  term  captures  the  idea  that  team  members  should 
not  come  too  close  to  each  other,  due  to  the  potential 
collision  risk.  Thus,  a  penalty  is  applied  when  any  two 
aircraft  violate  a  separation  constraint  (set  to  2,500  ft  for 
the  results  that  follow). 

The  J4,  J5,  and  J6  terms  measure  relative  tactical 
advantage  and  situational  risk,  based  on  an  assessment  of 
the  tactical  situation.  This  assessment,  in  turn,  is 
completed  on  the  basis  of  belief  network  situation  models 
[7],  The  relative  advantage  belief  network  (not  shown  in 
the  interest  of  brevity)  quantifies  a  pilot’s  belief  as  to 
who  possesses  the  instantaneous  tactical  advantage  (blue, 
neutral ,  or  red). 

System  evaluation 

To  demonstrate  GA  performance,  two  different  tactical 
scenarios  were  considered,  each  with  a  given  red  team 
formation: 

Scenario  la.  16vl6;  Blue  formation  not  optimized  by 

GA 

Scenario  lb.  Red  formation  same  as  scenario  1;  Blue 

formation  optimized  by  GA 

Scenario  2.  Examine  blue  performance  when  at  a 


numerical  disadvantage 
Scenario#!  a 

The  first  scenario  allowed  the  examination  of  the  blue 
team  performance  in  a  simulation  where  both  blue  and 
red  tactics  were  specified  manually  --  the  blue  team’s 
tactics  were  deliberately  not  optimized.  Table  2  shows 
several  performance  measures  for  this  scenario.  Clearly, 
the  blue  team  fared  quite  poorly.  The  relative  advantage 
and  risk  measures  refer  to  the  belief  network  metrics 
described  earlier.  The  mean  relative  advantage  and  risk 
measures  are  scaled  between  0  and  1.  Overall,  the  non- 
optimized  blue  tactics  provided  a  poor  solution. 

Scenario  #lb 

For  the  next  scenario,  the  red  team  formation  and 
tactics  used  in  scenario  la  is  used.  However,  now  the  GA 
optimized  the  blue  force  tactics.  This  resulted  in  the 
configuration  shown  in  Figure  4.  The  GA  selected  a  lead- 
trail  (LT4)  formation  for  the  blue  team,  consisting  of 
(from  front  to  back)  a  finger  four  (FF)  followed  by  three 
sections-in-trail  (ST). 

Table  4  shows  the  scenario’s  outcome.  It  is  clear  that 
the  GA  had  a  profound  impact  on  the  blue  team’s  tactical 
effectiveness:  blue  suffered  zero  casualties,  while  red 
suffered  16  casualties.  The  blue  team  had  better  relative 
advantage  and  risk  measures  than  the  red  team.  The 
margin  was  determined  to  be  statistically  significant  by 
the  T-test.  Furthermore,  the  standard  deviation  in  both 
risk  and  relative  advantage  was  zero,  meaning  that  every 
blue  player  obtained  the  same  performance  measures. 
These  results  indicate  that  even  with  perfectly  even 
blue/red  aircraft  performance,  proper  selection  of  tactical 
formation  and  intercept  geometry  can  make  a  substantial 
difference. 

Scenario  #2 

With  a  set  of  successful  evaluations  of  ACTOGA’s 
performance  in  16vl  6  engagements,  its  performance  was 
assessed  in  a  scenario  where  the  blue  team  was 
outnumbered.  Figure  4  shows  the  12vl6  engagement 
used  for  scenario  4,  where  the  red  team  was  given  the 


Table  4.  Comparison  of  the  three  scenarios 


Measure 

Scenario  la 

Scenario  1  b 

Scenario  2 

Blue 

Red 

Blue 

Red 

Blue 

Red 

Casualties 

9 

7 

0 

16 

0 

16 

Mean  Relative  Advantage  (Lower  is  better) 

0.49 

0.49 

0.40 

0.59 

0.48 

0.44 

Standard  Deviation  in  Relative  Advantage 

0.03 

0.03 

0.00 

0.03 

0.12 

0.12 

Mean  Risk  (Higher  is  better) 

0.44 

0.36 

0.85 

0.66 

0.85 

0.71 

Standard  Deviation  in  Risk 

0.28 

0.28 

0.00 

0.19 

0.01 

0.17 
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same  configuration  as  in  scenario  2.  The  GA  fitness 
function  weights  were  the  same  as  those  used  in  scenario 
#lb. 

Table  4  shows  the  outcome  of  the  second  scenario, 
and  it  indicates  that  the  GA  once  again  obtained  excellent 
results.  Although  there  was  no  statistically  significant 
difference  in  relative  advantage  and  risk  between  the  red 
and  blue  forces,  the  GA  achieved  a  perfect  result  (in 
terms  of  kills  and  losses).  Some  blue  players  entered  lv2 
engagements,  which  is  unavoidable  when  the  blue  team 
is  outnumbered. 


Scenario  la  Scenario  lb 

Figure  4.  Optimal  Formation 


LEVELS  OF  INTELLIGENT  CONTROL 

Over  the  past  decade,  several  innovative  control 
architectures  utilizing  the  intelligent  control  tools  have 
been  proposed.  It  therefore  makes  sense  to  classify  these 
architectures  in  order  to  study  their  relative  merits. 
Krishnakumar  [8,9]  has  proposed  a  classification  scheme 


based  on  the  ability  of  the  control  architecture  for  self- 
improvement  (see  Table  5).  The  classification  scheme 
divides  the  control  architectures  among  levels  of 
intelligent  control  (LIC).  For  instance,  most  of  the 
proposed  architectures  can  be  divided  among  level  0, 
level  1  and  level  2  intelligent  control  schemes.  Based  on 
this  classification  scheme,  several  seemingly  differing 
control  architectures  can  be  looked  at  as  achieving 
similar  goals. 

In  a  general  sense,  an  intelligent  controller  design  can  be 
stated  as  the  following: 

Given 

the  dynamic  system  as 

X(t+1)  =  f(X(t),U(t),t)+ri;  where  r\  is  an 
unknown  disturbance 

a  set  of  goals  generated  as  a  function  of  time  as 
Xg(t+1)  =  g(Xg(t),X(t),t) 

a  performance  measure  as: 

J(t+l)=3(M(Xg(t),X(t),U(t),t)); 
where  3  is  an  operator  (usually  summation  over  future 
time) 

and  a  planning  function  as 

P(t+l)  =  p(X(t),P(t),t,v); 
where  v  is  system  faults  and  emergencies 

the  intelligent  controller  needs  to  arrive  at  a  control,  U(t), 
such  that  the  system  (in  the  order  of  priority) 

•  is  locally  stable  (includes  safety  of  the  system) 

•  follows  closely  the  desired  path  (closeness  defined 
by  the  performance  measure) 

•  constantly  optimizes  long-term  and  short-term  goals 

•  reacts  to  changing  environments  by  properly 
adapting  the  planning  functionality. 

We  believe  that  a  practical  way  to  accommodate  the 
above  needs  is  to  approach  the  system  as  having  various 
levels  of  capabilities  for  self-improvement.  We 
emphasize  here  that  self-improvement  is  an  important 
goal  of  human  intelligence.  Self-improvement  is 


Table  5.  Levels  of  Intelligent  Control 


Level 

Self  improvement  of 

Description 

0 

Robust  Feedback  Control:  Error  tends  to  zero. 

1 

TE  +  Control  Parameters  (CP) 

Adaptive  Control:  Robust  feedback  control  with  adaptive 
control  parameters  (error  tends  to  zero  for  non-nominal 
operations;  feedback  control  is  self  improving). 

2 

TE  +  CP  +  Performance  Measure 
(PM) 

Optimal  Control:  Robust,  adaptive  feedback  control  that 
minimizes  or  maximizes  a  utility  function  over  time. 

3 

TE+CP+PM+  Planning  Function 

Planning  Control:  Level  2  +  the  ability  to  plan  ahead  of  time  for 
uncertain  situations,  simulate,  and  model  uncertainties. 
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quantifiable  and  measurable  in  various  ways.  By  defining 
Intelligent  Control  with  various  levels  of  intelligence,  the 
definition  is  left  ‘open  ended’  such  that  it  will  not 
become  obsolete,  and  it  will  accommodate  easily  the 
innovations  that  will  inevitably  come  from  the 
contributions  of  such  fields  as  cognitive  science, 
computer  hardware,  sensors  and  actuators,  learning 
theory,  and  control  architectures. 

Level  0  intelligent  control  --  A  Robust  Controller 
Level  0  intelligent  control  comprises  control 
architectures  that  aim  towards  self-improvement  of  the 
tracking  error.  Robust  feedback  controllers  that  improve 
error  with  time  belong  to  this  group.  Level  zero  excludes 
control  architectures  that  adapt  online  to  handle 
uncertainties  associated  with  the  system  or  the 
environment. 


optimal  control  for  the  case  of  a  known  or  an  unknown 
plant  that  may  be  changing  with  time.  It  thus  not  only 
incorporates  the  intelligence  of  level  one  intelligent 
control  but  also  tries  to  minimize  or  maximize  a 
performance  measure.  As  in  the  case  of  linear  optimal 
control,  control  architectures  incorporating  these  ideas 
rely  on  dynamic  programming  or  its  approximate  form. 
Entities  known  as  the  adaptive  critics  form  the  heart  of 
these  architectures. 

Level  3  Intelligent  Control  -  A  Planning  Module 

In  addition  to  level  2  capabilities,  Level  3  Intelligent 
Control  should  include  self-  improvement  of  planning 
functions.  Planning  functions  include  contingency 
planning,  planing  for  emergencies,  planning  for  faults, 
etc.  These  planning  functions  could  be  static  for  Level  2 
but  needs  to  be  self-improving  for  Level  3. 


Level  1  intelligent  control  -  An  Adaptive  Controller 
Level  one  intelligent  control  comprises  control 
architectures  that  not  only  aim  towards  self-improvement 
of  the  tracking  error  but  also  involve  online  adaptation  to 
accommodate  for  any  changes  in  the  system  or  the 
operating  environment.  Thus  level  1  intelligent  control 
stands  out  at  a  higher  complexity  level  as  compared  to 
the  level  0  intelligent  control. 

Level  2  intelligent  control  -An  Optimal  Controller 


Application  to  Autonomous  Aircraft  Control  [9.101 
The  intelligent  control  architecture  used  for  the 
autonomous  aircraft  control  problem  is  presented  in 
Figure  5.  The  architecture  was  implemented  on  a  six- 
DOF  numerical  aircraft  simulation  with  full-envelope 
nonlinear  aerodynamics,  as  well  as  nonlinear  kinematics, 
and  a  first  order  full-envelope  thrust  model.  The  aircraft 
modeled  is  a  high-performance,  supersonic  vehicle 
representative  of  modem  fighters.  Excellent  results  were 
obtained  and  are  documented  in  References  9  and  10. 


Level  2  intelligent  control  tries  to  incorporate  the  idea  of 
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Figure  6.  LIC  framework  for  an 


In  this  application  (see  Figure  5),  Level  0  was  a  neural- 
network  based  gain  scheduler.  In  Level  1,  a  linear  inverse 
controller  with  NN  based  system  identification  was  used 
for  adaptive  control.  In  Level  2 ,  an  immunized  critic  was 
used  to  update  the  optimal  path  that  was  followed  by  the 
aircraft. 

Application  to  Engine  Control  fll] 

An  engine  (propulsion)  system  is  a  non-linear  distributed 
system  with  complex  interactions  between  sensors  and 


engine  control  problem 

actuators,  the  dynamics  of  the  system,  and  the  dynamics 
of  the  environment.  Many  researchers  have  investigated 
control  of  engines  with  a  motivation  towards  applying 
modem  control  techniques  for  improved  engine 
performance.  In  this  work,  we  concentrate  on  the  need  to 
harvest  and  interpret  the  information  from  the  network  of 
sensors  and  to  apply  it  for  control  such  that  good  engine 
performance  is  maintained  under  any  of  the  following 
situations: 

•  Engine  Component  failure  and  damaged  engine 

•  Plant  characteristics  change 


Figure  7.  Automated  Hover  trainer  implementation 


•  Changing  Air  loads  in  actuators 

•  Changing  operating  conditions 

We  have  successfully  applied  the  LIC  framework  up  to  a 
level  2  controller  for  a  non-linear  General  Electric 
Engine.  In  the  level  one  intelligent  controller,  an  inverse 
adaptive  neuro-controller  architecture  is  applied.  In  the 
level  two  intelligent  controller,  an  adaptive  critic  is  used 
to  predict  a  performance  measure,  which  is  then  used  to 
train  a  neural  net  demand  generator  for  minimizing  the 
performance  measure. 

AUTOMATED  TRAINING 

Figure  7  presents  an  implementation  of  automated  hover 
training  system.  This  system  was  implemented  in  a  fixed- 
base  simulation  facility  and  was  shown  to  provide  basic 
hover  training  skills  with  no  human  intervention  [12]. 
The  neural  network  based  intelligent  system  adapts  the 
helicopter  dynamics  to  the  student  pilot  and 
automatically  changes  the  dynamics  as  learning 
progresses. 

CONCLUSIONS 

In  this  paper,  several  applications  of  intelligent  systems 
to  problems  related  to  aerospace  engineering  are 
highlighted.  References  that  detail  these  applications  are 
provided. 
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SL1  HOW  ACTIVE  AEROELASTIC  WINGS 


are  a 

A  RETURN  TO  AVIATION’S  BEGINNINGS 
AND  A  SMALL  STEP  TO  FUTURE  BIRD-LIKE  WINGS 


Ed  Pendleton 

Air  Vehicles  Directorate 

Air  Force  Research  Laboratory 
Wright-Patterson  Air  Force  Base ,  Ohio 

We  wished  to  employ  some  system  whereby  the  operator  could  vary ,  at  will,  the 
inclination  of  different  parts  of  the  wings,  and  thus  obtain  from  the  wind  forces  the  means  to 
restore  the  balance  the  wind  itself  had  disturbed.  -  Orville  and  Wilbur  Wright 


Introduction 

The  evolution  of  birds  has  brought 
to  the  world  a  series  of  magnificent, 
optimized  flyers.  Flyers  optimized  by 
nature  for  weight  and  energy.  Flyers  that 
use  their  feathers,  bones,  muscles,  nerves, 
ligaments,  and  wing  flexibility  to  soar 
through  the  air. 

As  we  prepare  for  the  centennial  of 
powered  flight  in  2003,  aviation  historians 
are  there  to  remind  us  that  for  man  to  first 
learn  to  fly,  he  had  to  abandon  the  quest  to 
emulate  these  birds.  Nevertheless,  since  we 
have  learned  to  fly  and  have  subsequently 
matured  our  current  approach  to  flight,  we 
must  continue  to  consider  the  birds  and  the 
lessons  they  teach. 

With  nearly  one  hundred  years  of 
aviation  development  behind  us,  there  are 
many  that  argue  that  aeronautics  is  a  sunset 
technology.  But  consider  this  thought. 
Nature  has  always  required  that 
aerodynamic  shapes  must  change  to  be 
optimum  through  various  speed  regimes. 
Until  technologies  similar  to  those  used  by 
the  birds  are  developed,  the  ability  to 
achieve  true  optimums  in  shape  will  never 
fully  be  achieved.  Until  technologies  are 
developed  that  can  optimally  integrate 
aerodynamics,  flight  controls,  with  flexible 
lifting  surfaces  to  maximize  performance 
while  minimizing  energy  and  weight, 


aeronautics  development  is  not  at  its  sunset, 
it  is  not  even  noon 

Wing  flexibility  -  A  key  to  control  during 
the  first  manned  powered  flight 

The  Wright  Brothers  realized  that 
the  key  to  their  successful  first  flight  was 
the  appropriate  aircraft  stability  and  control. 
When  Orville  Wright  got  airborne  during 
the  Wright  Brothers’  historic  flight  on  Dec. 
17,  1903,  he  didn’t  have  ailerons  or  flaps  to 
control  his  airplane.  Instead,  the  brothers 
chose  to  twist  or  “warp”  the  wings  of  their 
craft  as  a  means  to  control  its  rolling 
motion.  Rather  than  using  one  of  the  craft’s 
two  control  sticks  to  make  the  wingtips 
twist,  they  devised  a  “saddle”  in  which  the 
pilot  lay. 
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— ►-»  CABLES  ATTACHED  TO  CRADLE  -  SLIDING  CRADLE  TO  LEFT  OF 

MACHINE  PULLS  TRAILING  EDGE  OF  RIGHT  WING  DOWNWARD 
,  ,  CABLE  (NOT  ATTACHED  TO  CRADLE)  IS  MOVED  AUTOMATICALLY  BY 

DO  WNWARD  MOVEMENT  OF  RIGHT  WING 

The  accompanying  picture  of  the  Wrights'  powered  machine  ' 
(with  motor  and  propellers  removed)  shows  the  method  of 
twisting  the  rear  of  the  wings.  A  movement  of  only  an  inch 
or  two,  to  the  left  or  right,  of  the  operators'  hips  resting  on 
the  little  cradle  was  enough  to  give  greater  lift  to  whichever 
wing  needed  it,  and  to  restore  sidewise  balance. 

Figure  1.  Wing  warping  technique  used  by 
the  Wrights 
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Figure  2.  Wing  flexibility  was  a  key  to 
control  during  the  first  manned  flight 

By  moving  his  hips  from  side-to- 
side,  the  pilot  tugged  on  a  set  of  cables  that 
warped  either  the  left  or  right  wingtip, 
providing  the  necessary  flight  control  for  the 
aircraft.  So  it  was  with  man’s  earliest 
powered  venture  into  the  sky.  The  Wright 
brothers  took  advantage  of  wing  flexibility 
to  control  their  craft. 

Wing  flexibility  -  Used  in  the  natural  world 
for  millions  of  years 

Though  the  first  successful  manned 
aircraft  used  wing  flexibility,  mankind  was 
not  the  first  to  employ  wing  flexibility. 
Eight  separate  fossil  specimens  tell  us  of  the 
first  living  creature  believed  to  have  taken 
to  the  skies  some  150  million  years  ago,  the 
Archaeopteryx. 

Archaeopteryx  was  part  bird  and 
part  dinosaur.  The  creature  had  feathers  and 


Figure  3.  Archaeopteryx  fossil 


bones  with  air  sacs  like  a  bird,  but  also  had 
many  reptile  features  like  free  trunk  vertebra 
and  a  long  bony  tail.  Archaeopteryx,  shown 
in  Figure  2,  weighed  little  more  than  a  half- 
pound  and  had  a  wing  span  of  more  than  20 
inches.  The  fossil  evidence  suggests 
Archaeopteryx  needed  to  use  wing 
flexibility  to  generate  enough  lift  to  fly.  As 
Archaeopteryx  took  off  from  a  running  start, 
it  went  airborne  by  rotating  its  wings  by  45 
degrees  at  the  shoulder,  angled  forward  like 
two  large  oars  beating  the  air. 
Archaeopteryx  ‘s  wings  acted  more  like  an 
airplane’s  engines  than  wings,  providing 
more  thrust  than  lift.  Once  in  the  air, 
Archaeopteryx  had  to  rotate  its  wings  back 
to  horizontal,  to  maintain  altitude. 


Figure  4.  Artist’s  depiction  of  the  proposed 
earliest  bird  -  Archaeopteryx 

In  birds ,  wing  flexibility  is  all  in  the  wrist 
action 

Since  those  days  long  ago,  birds 
have  evolved  to  the  point  where  they  can 
sustain  powered  flight  over  long  distances. 
To  do  this,  a  modem  bird  needs  feathers, 
muscle  mass,  a  keeled  sternum,  and  must 
employ  anatomical  wing  flexibility. 

In  modem  birds,  the  wing  shoulder 
joint  acts  as  a  universal  joint  providing  a 
high  degree  of  mobility  for  downward  wing 
movement,  upward  wing  movement, 
extension,  and  retraction.  It  also  allows 
significant  rotation  along  the  axis  of  the 
humerus.  The  elbow  is  a  very  restrictive 
joint  that  allows  only  planar  extension  and 
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flexure.  The  wrist  joint  is  composed  of  two 
bony  carpals  that  control  the  movement  of 
the  joint.  Located  beyond  the  wrist  is  a 
series  of  fused  and  incompletely  fused 
carpal  bones  to  which  primary  flight 
feathers  are  attached. 

The  wrist  joint,  articulating  on  two 
small,  round  carpals,  allows  an  amazing 
range  of  movement  and  flexibility.  This 
flexibility  is  vital  to  bird  powered  flight, 
since  it  allows  the  wrist  to  describe  a  lazy 
figure-of-eight  during  a  complete  flap.  The 
elbow  joint  allows  no  rotation,  but  the  wing 
must  be  able  to  present  a  solid  open  wing  on 
the  power  stoke,  but  rotate  during  the 
recovery  stroke  to  minimize  resistance.  The 
birds  accomplish  this  by  rotating  the  wrist 
and  shoulder. 

Wing  flexibility  -  A  negative  in  aircraft 
design  for  the  20th  century 

Though  wing  flexibility  was  a  key 
to  control  during  the  first  successful  manned 
powered  flight,  wing  flexibility  affected 
other  early  designs  adversely.  Perhaps,  the 
first  designer  to  be  affected  was  Dr. 
Langley.  The  unfortunate  wing  failure  that 
wrecked  his  machine  in  1903  was  likely  due 
to  wing  torsional  divergence.  The  success 
of  the  Wright  Brothers  and  the  failure  of  the 


Figure  5.  Dr.  Langley’s  flying  machine  was 
subject  to  an  early  disaster  caused  by  wing 
flexibility 


Langley  monoplane  provided  one  of  the 
original  reasons  for  early  designer 
preference  for  biplanes. 

By  the  mid- 1930s,  the  quest  for 
higher  performance  and  speed  led  designers 
to  promote  monoplanes  designs  with  semi- 
monocoque  structures.  As  these  designs 
were  built  and  flown,  aircraft  encountered  a 
wide  variety  of  problems,  which  we  now 
classify  as  aeroelastic  problems.  Wing 
flutter,  wing  divergence,  buffeting,  control 
effectiveness,  and  control  reversal  are 
examples  of  aeroelastic  problems  that  have 
plagued  aircraft  designs  ever  since. 

Today,  aircraft  lifting  surfaces  are 
designed  to  be  strong  enough  to  meet 
loading  requirements  and  material  is  added 
to  provide  stiffness  adequate  to  keep  them 
free  from  flutter,  divergence,  and  bucking. 
And  as  pilots  and  passengers  on  aircraft,  we 
are  glad  this  is  so. 

But  this  added  stiffness  usually 
means  adding  structural  weight,  so  design 
trades  are  made  between  weight  and 
aerodynamic  performance  for  a  given  set  of 
aerodynamic  requirements.  As  speeds 
increase,  designers  often  have  opted  to 
reduce  wing  span,  increase  wing  thickness 
and  live  with  the  subsequent  reduced 
aerodynamic  performance  in  an  attempt  to 
save  weight. 

Wing  flexibility  used  as  a  benefit ...  The 
first  step  towards  a  new  era  in 
aeronautics? 

As  we  enter  the  second  one  hundred  years 
of  aeronautics  development,  we  are  poised 
to  enter  a  potentially  new  era  in  aircraft 
design.  To  take  full  advantage  of  this,  it 
will  take  vision  and  new  aircraft  materials 
and  new  ways  of  integrating  wing  design 
with  adaptive  control  strategies  to  take 
advantage  of  it. 

The  AFRL  Air  vehicles  Directorate 
and  NASA  have  taken  a  first  step  by 
developing  a  novel  technology  that  offers 
weight  competitive  wing  designs  and 
improved  aerodynamic  performance.  It  is 
called  the  Active  Aeroelastic  Wing  or 
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AAW.  AAW  Technology  is  a  synergistic 
technology  that  integrates  air  vehicle 
aerodynamics,  active  controls,  and 
structures  together  to  maximize  air  vehicle 
performance.  The  concept  turns  wing 
aeroelastic  flexibility  into  a  net  benefit  by 
using  of  multiple  leading  and  trailing  edge 
control  surfaces  activated  by  a  digital  flight 
control  system. 

AAW  techniques  employ  the  energy  of 
the  air  stream  to  achieve  this  desirable  wing 
twist  with  very  little  control  surface  motion. 
The  wing  then  creates  the  needed  control 
forces  with  outstanding  effectiveness.  At 
higher  dynamic  pressures,  AAW  control 
surfaces  are  used  as  "aerodynamic  tabs"  that 
promote  wing  twist  for  added  control  force 
capability  instead  of  trying  to  overcome 
control  surface  losses  due  to  wing  elastic 
twist.  At  these  high  dynamic  pressures, 
large  amounts  of  control  power  can  be 
generated  using  this  approach.  In  the  same 
design  the  AAW  control  can  minimize  drag 
at  low  wing  strain  conditions  and/or 
minimize  structural  loads  at  high  wing  strain 
conditions.  The  AAW  concept  was 
successfully  by  a  Air  Force  /  NASA  / 
Rockwell  North  American  team  tested  in  the 
transonic  dynamics  wind  tunnel.  Now, 
another  joint  Air  Force  /NASA/Boeing  team 
is  preparing  to  take  it  to  flight  in  California 
at  NASA  Dryden. 


Figure  6.  The  Active  Flexible  Wing 
Transonic  Dynamics  Wind  Tunnel  Model 
proved  the  viability  of  the  AAW  concept 


On  the  original  F/A-18,  wing  flexibility 
was  a  negative .  AAW  will  turn  it  into  a 
positive . 

Our  joint  Air  Force,  NASA,  and 
Boeing  team  is  modifying  an  F/A-18  fighter 
to  demonstrate  the  feasibility  of  the  AAW 
concept.  To  do  this,  we  are  taking 
advantage  of  some  historical  aspects  of  the 
F/A-18  wing  development. 

The  early  prototype  F/A-18  wings 
were  designed  with  stiffness  adequate  for 
strength,  buckling,  and  flutter  with  no 
stiffness  added  for  roll  effectiveness.  At 
high  dynamic  pressures  where  wing 
flexibility  effects  are  most  pronounced,  the 
early  F/A-18s  prototypes  were  unable  to  roll 
sufficiently.  Therefore,  the  aircraft’s  wing 
covers  were  stiffened  and  wing  aft  spars 
were  beefed  up  to  provide  improve  roll 
effectiveness. 

The  AAW  modification  returns  the 
wings  on  one  of  the  prototype  aircraft  to 
their  original  stiffness,  which  is 
representative  of  an  Active  Aeroelastic 
Wing.  The  existing  wing  panels  along  the 
trailing  edge  aft  box  of  the  wing  have  been 
replaced  with  original-type  F/A-18  wing 
panels. 

Other  modifications  include 
changes  to  the  leading  edge  actuation 
system  and  a  set  of  new  flight  control  laws. 
A  high  rate  leading  edge  control  actuation 
system  has  been  installed  to  drive  the 
outboard  leading  edge  flap  as  a  control 
surface  independent  of  the  inboard  flap. 
The  inboard  flap  will  also  be  used  as  a 
control  surface. 

New  AAW  control  laws  have  been 
developed  using  an  optimization  algorithm 
called  the  “Integrated  Structure-Maneuver 
Design  (ISMD)  Procedure”.  The  AAW 
control  laws  actively  command  the  control 
surfaces  to  optimal  trim  settings  to  control 
the  aeroelastic  twist  of  the  wing  and 
minimize  loads  at  high  speeds. 

These  basic  AAW  control  laws  are 
designed  for  the  AAW  F/A-18  flight  test  as 
“point  designs”  at  20  transonic  and 
supersonic  flight  conditions.  These  control 
laws  were  designed  using  ISMD  and 
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MATLAB  using  a  linear  flight  test  corrected 
aerodynamic  database.  The  control  laws 
provide  large  amounts  of  control  power 
while  minimizing  a  weighted  percentage 
combination  of  induced  drag  and  maneuver 
load.  The  control  laws  control  the  aircraft 
in  all  axes  using  control  surfaces  in  an 
optimal  manner  by  using  combinations  of 
leading  and  trailing  edge  control  surfaces  in 
their  best  direction,  aeroelastically  reversed 
or  not.  The  control  laws  use  basic  roll,  yaw, 
and  pitch  rate,  Nz  and  lateral  acceleration 
feedback  and  provide  control  surface  output. 

The  control  surface  outputs  are 
gearing  functions  that  are  linear  with  fixed 
gain  constant  coefficients.  The  gearing 
functions  are  scheduled  with  Mach  and 
dynamic  pressure.  Current  F/A-18,  low 
Level  I  handling  qualities  are  also  a  goal  to 
be  achieved  using  these  control  laws. 

By  using  the  trailing  edge  control 
surfaces  and  leading  edge  flaps  to  control 
the  aeroelastic  twist  of  the  wing,  the 
aerodynamic  forces  on  the  wing  provide  the 
roll  forces  desired.  A  lightweight  flexible 
wing  will  now  have  a  positive  control 
benefit  rather  than  a  negative  one. 


Figure  7.  F/A-18  Active  Aeroelastic  Wing 
Testbed  will  prove  the  AAW  concept  in 
full-scale 


Wing  flexibility  used  as  a  benefit  is  a  shift 
in  the  aircraft  wing  design  paradigm 

Active  Aeroelastic  Wing  (AAW) 
Technology  is  a  novel  way  of  providing 
powerful  rolling  control  forces  for  high 
performance  aircraft.  AAW  Technology  is 
especially  synergistic  with  thin,  flexible 
wings  and  allows  designers  more  freedom  to 
exploit  highly  efficient,  thin,  higher  aspect 
ratio  aerodynamic  wing  planforms.  The 
technology  can  be  used  not  only  to  improve 
the  capabilities  of  existing  wing  planforms, 
but  to  reduce  the  conflict  in  requirements 
for  new  wing  design.  The  conflicting 
requirements  between  stiff  versus  flexible 
wings  are  removed  for  aircraft  that  must 
provide  competitive  performance  for 
multiple  design  conditions. 

Potential  benefits  to  future  air  vehicles 
as  a  result  of  application  of  AAW 
technology  include  substantially  increased 
control  power  from  conventional  control 
surfaces  by  maintaining  their  effectiveness, 
reduced  aerodynamic  drag  through 
programmed  optimum  control  surface 
deflections,  and  reduced  aircraft  structural 
weight  due  to  relaxed  stiffness  and  hinge 
moment  requirements.  Other  benefits 
include  reduced  wing  and  control  surface 
deflections  by  allowing  the  wing  deflections 
to  help  in  the  control  function  and  an  overall 
increased  design  latitude  in  terms  of  wing 
span,  sweep,  and  thickness  due  to  relaxed 
stiffness  requirements.  These  benefits  come 
for  little  added  hardware  complexity. 

The  AAW  Program  -  A  first ,  small  step 
toward  the  development  of  bird-like  wings 

The  AAW  Flight  Research  Program 
is  a  first,  small  step  toward  the  development 
of  bird-like  wings.  But  there  is  much  more 
to  be  considered  and  to  be  done.  New 
adaptive  control  algorithms  and 
optimization  techniques  must  be  developed 
that  take  advantage  of  wing  flexibility. 

With  respect  to  the  AAW  design 
approach,  maneuver  load  controllers  need  to 
be  developed  to  help  keep  control  surface 
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rates  within  bounds  when  load  constraints 
are  active  in  the  optimal  gearing  function. 
Load  constraints  can  cause  significant 
changes  to  control  surface  output  versus 
feedback  input  and  can  result  in  large 
actuator  rates.  More  research  needs  to  be 
conducted  to  determine  the  best  way  to 
design  the  gearing  functions  to  maximize 
performance  without  exceeding  rates,  or  to 
minimize  rates  within  a  performance  goal. 

Research  needs  to  be  conducted  to 
determine  how  to  appropriately  “mix”  load 
feedback  with  the  AAW  a-priori  control 
approach.  The  mixing  of  feedback  control 
could  easily  undo  the  a-priori  controls 
objective,  effectively  resulting  in  a 
“fighting”  of  the  a-priori  and  feedback 
controllers.  Development  of  an  adaptive 
controller  that  monitors  load  feedback 
signals  and  adjusts  the  a-priori  gains 
accordingly  could  be  one  possible  approach. 

Adaptive  controller  research  also 
needs  to  be  conducted  to  determine  both  the 
controller  architecture  and  the  adaptive 
algorithms  used  to  adjust  the  gains  during 
flight.  Research  needs  to  be  conducted  to 
develop  a  robust  processes  to  solve  for  and 
implement  the  gearing  functions  in  a 
controller. 

Toward  the  Future 

In  thinking  toward  a  future  where 
aircraft  and  their  lifting  surfaces  are 
optimized  for  energy  as  well  as  performance 
and  weight,  lifting  surfaces  capable  of 
emulating  some  aspects  of  flexible  birds’ 
wings  will  be  highly  desired.  To  achieve 
this  idea,  new  materials  that  are  strong,  but 
flexible  and  provide  new  levels  of  flexibility 
will  need  to  be  developed.  In  addition,  new 
ways  of  sensing  wing  deformation  will  need 
to  be  developed  as  “nerves”  to  feedback  to 
the  controller  so  that  the  adaptations  can  be 
made  to  the  structure. 

The  propulsion  “muscle”  will 
probably  always  be  provided  by  a  jet-type  or 
pulse  type  of  propulsion  system  since  they 
are  so  efficient. 


But,  the  ability  to  change  the 
aerodynamic  shape  to  alleviate  load,  reduce 
drag,  and  improve  lifting  efficiency  is  still  a 
worthy  and  needed  capability. 

Through  the  integration  and 
optimization  of  new  materials,  structures, 
controls  with  aerodynamics,  new  highly 
efficient  lifting  surfaces  can  be  devised  that 
change  aerodynamic  shape  as  they  traverse 
the  low  and  high  subsonic,  transonic, 
supersonic,  and  hypersonic  aerodynamic 
regimes.  These  active  lifting  surfaces  will 
change  shape  through  active  twisting  and 
morphing  to  provide  optimal  lift  throughout 
the  flight  envelope  while  minimizing  drag, 
and  controlling  loads  such  as  a  bird  does. 

Nature  shows  us  the  benefits  of 
doing  so.  New  air  vehicles  will  require  the 
performance  and  energy  savings  that  can  be 
achieved.  They  will  be  lighter  and  cost 
effective,  while  answering  the  performance 
challenges  that  inevitably  lie  ahead  in  the 
21st  century. 


Figure  8.  Active  Aeroelastic  Wing  along 
with  other  innovative  features  will  enable 
novel  new  air  vehicle  designs 
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Figure  9.  A  vision  for  the  future  — 

Lightweight  air  vehicle  with  an  active 

aeroelastic  wing  /  multifunctional  lifting 

surfaces 
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ABSTRACT 

In  this  paper  a  theoretical  study  of  turn  maneuver  of 
an  agricultural  aircraft  is  presented.  The  problem  of  climb 
turning  flight  has  been  described  with  the  system  of  differ¬ 
ential  equations  which  describe  the  influence  of  normal  and 
tangential  load  factors  on  derivation  velocity,  path  angle  in 
the  vertical  plane  and  the  rate  of  turn  as  a  function  of  the 
bank  angle  during  turning  flight.  The  first  equation  deter¬ 
mines  derivative  of  velocity,  the  second  one  derivative  of  path 
angle  in  the  vertical  plane,  and  the  third  one  derivative  of 
flight  altitude  as  a  function  of  path  angle  in  the  horizontal 
plane.  The  system  of  differential  equations  of  motion  has 
been  solved  by  analytic  method.  Some  results  of  this  calcu¬ 
lation  are  presented  in  this  paper. 

1.  INTRODUCTION 

Aerial  treating  has  become  an  integral  part  of  modern 
agriculture.  However,  agricultural  flying  has  been  plagued 
by  a  great  number  of  accidents.  The  maneuvers  of  an  agri¬ 
cultural  aircraft  are  divided  into  those  carried  out  while  en¬ 
tering  or  while  leaving  the  spraying  line.  Despite  low  height 
of  the  airplane  while  spraying,  this  part  of  the  flight  is  consid¬ 
ered  to  be  the  safest  because  of  an  appreciable  flight  velocity. 
Upon  completing  a  spraying  run  the  aircraft  enters  a  turn 
maneuver  procedure.  Pilots  assert  that  the  procedure  is  the 
most  dangerous  maneuver  and  most  of  the  accidents  occur 
while  this  maneuver  is  being  performed.  There  are  many  sec¬ 
ondary  factors  that  influence  the  safety  of  agricultural  flying; 
some  of  them  will  be  treated  in  this  paper. 

In  accordance  with  the  above  mentioned  considerations, 
two  segments  of  the  procedure  turn  are  considered  to  be 
critical:  climb  while  turning,  and  rolling.  In  these  phases  of 
the  maneuver  the  aircraft  may  encounter  stalling.  The  aim 
of  this  paper  is  to  determine  those  factors  that  provoke  the 
appearance  of  stall  and  to  estimate  their  magnitude. 

The  analysis  has  been  restricted  to  the  climb  turn  ma¬ 
neuver  only.  A  special  types  of  the  turn  maneuver  has  also 
been  analyzed,  i.e.  the  case  in  which  the  x-direction  forces 
are  balanced.  This  case  involves  a  balance  between  thrust 
and  drag  ( T  =  D).  Analytical  solutions  for  the  climb  turn 
maneuver  at  a  constant  normal  load  coefficient  have  been 
obtained  and  analyzed. 

The  usual  treat  (spray)  run  is  carried  out  along  the  larger 
dimension  of  the  field.  At  the  end  of  a  treating  run  a  turn 
procedure  is  made,  and  the  pilot  enters  the  following  treating 
line  (Fig.  1). 

The  turn  maneuver  procedure  of  agricultural  aircraft 
may  be  performed  in  different  ways,  however,  the  maneuvers 


have  a  common  feature  reflecting  in  the  requirement  that  a 
flight  altitude  increase  have  to  be  realized,  clearly,  for  safety 
reason.  In  order  to  avoid  a  too  high  flight  altitude  (which 
is  undesirable  as  well)  resulting  from  the  changes  of  field 
treating  (spraying)  conditions,  the  altitude  increase  can  be 
combined  with  flight  descent  in  the  second  part  of  turn  ma¬ 
neuver  (when  the  path  angle  in  the  horizontal  plane  ^  >  90°) 


2.  MATHEMATICAL  MODEL 

Using  the  stability- axes  system  for  the  nonsteady  turn¬ 
ing  flight  the  following  equations  of  motion  may  be  written 
[4]: 

dV  „  ,  .  n 

ra-^-  =  1  cos(a  —  g^)  —  D  —  mg  smy 

rd'y  _  p,  sjn^a  _  _j_  l^C0Sip  —  mg  C0Sy  (l) 


mV 


dt 


rd4> 


mV cosy  =  [Tsin(a  —  as)  -f  L]sinip 

dt 

where  are:  y  path  angle  in  the  vertical  plane,  ^  path  angle 
in  the  horizontal  plane  and  <p  bank  angle. 

By  introducing  tangential  and  normal  load  factors: 

^  ~[T  cos(a  —  os)  —  D]  (2) 


mg 

n  =  — [T sin(a  —  os)  -f-  L] 
mg 


(3) 


the  system  of  equations  of  motion  (1)  are  transformed  into: 
1  dV 


9  dt 


■  smy 


V  dy 

- -  z=  n  cosip  —  cosy 

g  dt 

v  dip 

- —  C0S7  =  n  simp 

9  dt 


(4) 
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The  system  of  differential  equations  (4)  describes  the  in¬ 
fluence  of  normal  and  tangential  load  factors  on  derivation 
velocity  V,  the  path  angle  in  the  vertical  plane  7  and  the 
rate  of  turn  dip/dt  as  a  function  of  the  bank  angle  <p  during 
turning  flight. 

Generally,  the  normal  and  tangential  load  factors  vary 
within  some  limits  during  turn  maneuver  performance.  How¬ 
ever,  variations  of  these  factors  during  turn  maneuver  may 
be  taken  as  constants  in  the  first  approximation  for  such  an 


Figure  2:  -  The  climb  turn  of  agricultural  aircraft 


Substituting  relation  dh/dt  =  V  siny  into  the  system  of 
differential  equations  of  motion  (4)  we  eliminate  time  from 
the  system  and  obtain  the  following  system  of  differential 


equations: 


dV 

dip 

<h_  _ 

dip 


_  V  cosy 

n  sirup 

cosy  ,  v 

- : - incostp  —  cos  7) 

n  sirup 


(nx  —  siny ) 


(5) 


dh  V 2  sinycosy 

dip  ng  sirup 


as  a  function  of  path  angle  in  the  horizontal  plane  (ip). 

A  fourth  equation,  that  results  directly  from  the  last 
equation  of  the  system  (4)  can  also  be  added  to  the  system 
of  equations.  The  equation  yields  the  time  to  turn,  t : 


dt  V  cosy 
dip  ng  simp 


(5a) 


The  system  of  differential  equations  of  motion  (5)  are 
solved  with  numerical  methods  with  normal  and  tangential 
load  factors  and  bank  angle  as  parameters  [1-3]. 

The  first  equation  determines  derivative  of  velocity,  the 
second  one  determines  derivative  of  path  angle  in  the  verti¬ 
cal  plane,  and  the  third  one  gives  derivative  of  flight  altitude 
as  a  function  of  path  angle  in  the  horizontal  plane. 

Using  the  usual  assumptions:  that  cos(cn  —  t*s)  «  1, 
density  of  air  p  «  constant  (small  altitude  change  during 
turning)  and  mg  «  constant  (small  change  of  airplane  mass 
resulting  from  fuel  consumption  during  turning),  the  tangen¬ 
tial  load  factor  can  be  expressed  in  form: 


T  cos  (a  —  a*)  —  D  ^  _T_  _  D 
mg  mg  mg 


(6) 


and,  for  small  values  of  path  angle 
(. L  =  mg),  we  obtain:  y  qd 

mg  Cl 


in  the  vertical  plane 


(7) 


Thus,  tangential  load  factor  expresses  the  influence  of  air¬ 
plane  thrust  (power  plant)  and  polar  on  characteristics  of 
turn  maneuver. 


as  a  function  of  normal  load  coefficient 


as  a  function  of  the  bank  angle  <p 


3.  ANALYTIC  SOLUTION 

From  all  the  variety  of  the  turn  maneuver  performance 
a  very  interesting  case  of  turning  is  for  nx  —  0,  i.e.  when  the 
thrust  T  is  equal  or  almost  equal  to  the  aerodynamic  drag 
D.  The  special  feature  of  the  case  is  that  analytical  solution 
can  be  obtained. 

The  system  of  equations  of  motion  (4)  in  this  case  is 
transformed  into:  1  dV 

=  —siny 


9  dt 
V  dy 

- -  =  n  co sip  ■ 

9  dt 


■  cos  7 


(8) 


q  dt 


cosy  =  n  simp 


Dividing  the  first  equation  by  the  second  one,  one  ob¬ 
tains  a  differential  equation  with  separated  variables: 
dV  _  siny 

V  n  cos<p  —  cosy 


-dy 


(9) 


Integrating  the  equation  from  initial  condition  ,  i.e.  ini¬ 
tial  values  for  71  =  0  and  V%  to  some  arbitrary  point  7  and 
V  the  solution  is  obtained: 

V  n  cosip  —  1 
V\  n  cosip  —  cosy 


(10) 


This  equation  describes  speed  variation  during  turn  ma¬ 
neuver  for  given  values  of  normal  load  factor  and  bank  angle 
ip.  Since  the  altitude  as  well  as  the  angle  of  flight  path  7 
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increases  during  turn,  it  is  evident  that  the  airplane’s  speed 
continuously  decreases  at  the  same  time.  Hence,  lift  coeffi¬ 
cient  increases. 

The  highest  altitude  increase  would  have  been  obtained 
when  the  airplane  speed  were  lowest,  i.e.  when  the  lift  co¬ 
efficient  would  have  been  increased  to  its  maximal  value. 
However,  as  the  flight  at  CLmax  is  unsufficiently  safe,  the 
lift  coefficient  is  limited,  as  it  is  the  case  with  many  other 
performances,  to  a  safe  value  Cls  =  (0.7  —  0.9)Cimax. 


Figure  5:  -  Factor  r  =  i(g/\ 1)  as  a  function  of  the  normal 
load  coefficient 


Figure  6:  -  Factor  r  —  t(g/V i)  as  a  function  of  the  bank 
angle  p 


The  flight  duration  up  to  a  point  on  the  turning  path, 
determined  by  the  angle  7,  can  be  obtained  from  the  second 
equation  of  the  system  (8)  and  by  substituting  the  solution 
(10):  ,  , 

-JT  (11) 

gj  ncosip  —  cosy  g  J  ( ncos<p-cosf) 

■7l=0  7l=0 

Hence, 


(Vifg) 

siny 

n  cosip 1 

n  costp  —  cosy 

2 n  costp 
\J n 2  cos2tp—l 


arctg 


cosp+l  7', 

- - -tg— 

cosip—  1  2 1 


(12) 

For  further  analytical  determination  of  the  turn  charac¬ 
teristics  it  is  necessary  to  establish  a  relation  between  angle 
of  yaw  and  angle  of  flight  path.  If  we  divide  the  third  equa¬ 
tion  of  the  system  (8)  by  the  second  one,  we  obtain: 

dtp  n  sirup  ,  . 

cos7—  =  - - -  (13) 

a 7  n  cosip  — cosj  v  7 

The  integral  of  the  equation  between  limits  71  =  0  and  7  is: 

dj 


ip  =  n  simp 


/ 


(n  cosip  —  cosy)cosj 


7l=0 


which  yields: 


\J  n^cos^tp  — 1 


arctg 


cos  ip  -j-1 
cosip— l 


tg 


(14) 


(15) 


The  expression  (15)  gives  the  dependence  of  the  angle  of 
flight  path  72  at  the  end  of  turn  maneuver  (ip  =  7r)  on  the 
bank  angle  ip  and  normal  load  coefficient  n.  The  curves 
72  =  f(n)  are  shown  in  Fig.  3  for  several  values  of  bank 
angle  <p.  Points  of  intersection  of  this  curves  with  abscissa 
(72  =  0)  correspond  to  a  horizontal  regular  maneuver  for 
which,  as  it  is  known:  n  =  l/cos<p. 


Figure  7:  -  Speed  ratio  V2  fV\  as  a  function  of  normal  load 
coefficient 


angle  ip 


From  Fig.  3  it  is  evident  that  the  flight  path  becomes 
steeper  when  the  normal  load  coefficient  n  increases,  espe¬ 
cially  for  relatively  moderate  values  of  the  bank  angle  ip 
(<  45°).  This  is  logical,  as  the  increase  of  the  normal  load 
coefficient  n  results  from  kinetic  energy.  Reduction  in  the 
energy  results  in  an  altitude  increase  and,  consequently,  in 
an  increase  in  flight  path  slope. 

Based  on  Equation  (15),  we  may  derive  the  relation 
72  =  f[p>)  for  different  values  of  normal  load  coefficient  n 
and  (ip  =  7r).  These  solutions  are  shown  in  Fig.  4,  from 
which  one  can  see  that  the  angle  of  flight  path  at  the  end  of 
turn  maneuver  72  drops  rapidly  with  an  increase  of  aircraft 
bank  angle  ip.  This  is  pronounced  especially  at  lower  values 
of  normal  load  coefficient  n,  what  is  in  full  agreement  with 
the  above  conclusions. 

Now,  we  can  determine  the  time  needed  to  carry  out  the 
turn  from  equation  (12): 


(Vi/g) 

siny2  ,  2n  cosip 

n  cosip+ 1 

[nco»¥>-co»73  y/n^cos^-1 

arctg 


Vi 


COS  Ip  + 1  72’ 

- tg — 

cosip—  1  2 


(16) 

The  time  of  turn  t  resulting  from  the  above  equation  is 
shown  in  a  nondimension al  form  r  =  t(g/V i)  as  a  function 
of  the  normal  load  coefficient  with  the  bank  angle  ip  as  a 
parameter  by  taking  7  =  72  and  tp  -  rr  (see  Fig.  5). 

From  Fig.  5  one  can  see  a  large  decrease  of  time  of  turn 
maneuver  when  the  normal  load  coefficient  increases  and  less 
pronounced  effect  of  the  bank  angle  on  the  time  of  turn.  This 
last  conclusion  is  illustrated  by  low  slope  of  curves,  especially 
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for  the  values  of  normal  load  coefficient  which  are  greater 
than  three  (see  Fig.  6). 

The  equation  (10)  gives  the  aircraft  speed  at  the  end  of 
turn  maneuver:  ^  _  ncosy-  1  (17) 

V\  n  cosy  —  cosi2 

Dependence  V2/V1  =  f(n)  for  several  values  of  bank  an¬ 
gle  y  is  shown  in  Fig.  7  and  V2/V1  =  f(y)  for  several  values 
of  the  normal  load  coefficient  in  Fig.  8. 

It  is  necessary  to  check  the  speed  at  the  end  of  turn. 
Since  the  lift  is  equal  to:  . 

L  =  nW  =  i p2V22CLsS  (18) 

the  speed  at  the  end  of  turn  should  be: 

V2  >  Vsyfa  (19) 


where  Vs  is  the  lowest  allowable  (safe)  horizontal  speed  at 
altitude  h2  and  which  is  equal  to: 


By  using  the  relation  for  equivalence  of  potential  and 
kinetic  energy  we  may  obtain  the  altitude  increase  Ah  = 
h2  —  hi  at  the  turn: 


(21) 


By  substituting  the  relation  for  speed  ratio  V2/Vi  given 
by  equation  (17),  the  altitude  increase  during  turn  maneuver 
may  be  written  as: 


2  9 


1  - 


n  cosy  —  1  V 
n  cosy  —  COS72  J 


(22) 


The  altitude  increase  Ah  shown  in  Fig.  9  in  a  nondi- 
mensional  form  77  =  Ah(2g/Vj)  is  given  as  a  function  of  the 
normal  load  coefficient  and  the  bank  angle  as  parameters 
and  in  Fig.  10  77  =  f(y)  and  the  normal  load  coefficient  as 
parameters. 

This  special  case,  when  the  tangential  load  factor  nx  =  0, 
also  confirms  the  above  conclusions  about  the  influence  of 
main  parameters  on  the  agricultural  airplanes5  turn  charac¬ 
teristics  [1-3];  in  the  domain  of  optimum  bank  angles  and 
for  the  typical  values  of  normal  load  coefficient  the  altitude 
increase  becomes  higher  with  the  normal  load  coefficient  de¬ 
creasing,  but  at  the  same  time,  the  time  of  turn  increases. 
And  vice  versa,  with  an  increase  of  the  normal  load  coef¬ 
ficient  the  altitude  increase  becomes  smaller  as  well  as  the 
time  of  turn. 


4.  CONCLUSION 


The  calculation  results  for  the  particular  case  of  the 
agricultural  aircraft  climb  turn  maneuver  when  the  tangen¬ 
tial  load  coefficient  is  nx  =  0  is  plotted  in  Fig.  3  to  10  as  a 
function  of  the  normal  load  coefficient  and  of  the  bank  an¬ 
gle.  The  results  of  the  angle  of  flight  path  change,  time  of 
turn,  initial  and  final  speed  ratio  and  altitude  increase  dur¬ 
ing  turning  maneuver  are  shown  for  different  airplane  bank 
angles  within  the  range  y  =  40  —  65°. 

Derived  analytic  solution  is  unique  for  its  universality, 
because  it  gives  analytic  solutions  for  main  flight  parameters 
during  climb  turn  maneuver  performance.  It  also  enables  one 
to  point  out  and  to  evaluate  the  most  favorable  conditions 
for  the  maneuver  during  field  treating  run  in  agriculture. 

This  analysis,  as  well  as  some  previous  investigations  [1- 
3]  shows  that  the  solutions  for  the  turn  maneuver  are  to  be 


sought  primarily  for  the  case  when  the  basic  turn-defining 
parameters  for  this  type  of  airplane  have  moderate  values. 
Thus,  some  moderate  and  variable  normal  and  tangential 
load  factors  values  result  in  some  moderate  and  acceptable 
altitude  increase,  speed  and  bank  angles.  Of  course,  the 
flight  parameters  at  the  entry  in  a  new  flight  path,  i.e.  a  new 
treating  line  shall  take  values  that  correspond  to  the  opti¬ 
mal  treating  conditions.  In  other  words,  the  new-path  flight 
parameters  shall  duplicate  the  previous  treating  line  flight 
condition  (Fig.  1). 

The  analysis  and  calculation  of  the  climb  turn  maneuver 
by  involving  the  normal  and  tangential  load  factors  provide 
general  results.  In  this  way,  observation  and  analysis  of  be¬ 
havior  of  all  types  of  agricultural  aircraft  are  possible.  The 
analysis  shows  that  the  stalling  speed  and  the  start  altitude 
at  the  beginning  of  the  turn  maneuver  are  limiting  factors. 
For  this  kind  of  aircraft  the  stalling  speed  of  approximately 
30  ra/s  is  a  typical  value.  Accordingly,  at  the  end  of  the 
treating  (spraying)  run  (beginning  of  turn  maneuver)  the 
velocity  should  exceed  40  m/s. 


Figure  9:  -  Factor  77  =  Ah(2g/V J2)  as  a  function  of  normal 
load  coefficient 


Figure  10:  -  Factor  7 7  =  Ah(2g/Vi)  as  a  function  of  the 
bank  angle  and  the  normal  load  coefficient  as  parameters 
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Abstract 

An  optimal  guidance  law  (OPG)  for  varying  velocity 
missiles,  based  on  minimizing  the  control  energy  cost,  is 
presented.  The  time-varying  linear  optimization  problem  is 
formulated  and  then  solved  analytically  in  a  closed  form  by  the 
maximum  principle.  The  proposed  guidance  law  demonstrates  a 
desirable  property  needed  for  the  guidance  design  that  the 
commanded  acceleration  requirement  decreases  monotonically 
with  time.  The  simulation  studies  show  that  the  performance  of 
the  OPG  is  superior  to  that  of  the  true  proportional  navigation 
law  (TPN)  and  augmented  proportional  navigation  law  (APN) 
in  terms  of  the  miss  distance  and  interception  time. 

I.  Introduction 

Guidance  law  of  homing  missiles  has  been  a  topic  of 
intensive  research  over  the  past  four  decades.  Many  of  the 
popular  guidance  laws  cited  in  open  literature  are  based  on  the 
proportional  navigation  law  and  its  variants [1-7].  It  is  well 
known  that  the  proportional  navigation  law  gives  best  results 
against  non-maneuvering  targets.  In  other  cases,  such  as  smart 
target  maneuvers,  the  proportional  navigation  scheme  always 
leads  to  the  saturation  of  the  commanded  acceleration  and  then 
yields  unacceptable  miss  distance.  Therefore,  various  optimal 
guidance  laws  for  missiles  have  been  suggested  extensively  for 
many  years  in  an  attempt  to  replace  the  proportional  navigation 
law  in  order  to  intercept  the  highly  maneuvering  targets.  Most 
optimal  guidance  laws  have  been  derived  from  the  linear 
quadratic  optimal  control  theory  to  obtain  feedback-form 
solutions,  and  many  of  them  take  target  maneuver  into  account 
to  cope  with  the  evasive  target.  However,  the  main  drawback  of 
the  linearized  approach  is  that  the  results  only  apply  to  a 
relatively  small  region  of  the  state  space,  where  the  trajectoiy 
linearization  is  valid[8-10]. 

In  a  significantly  different  approach,  an  optimal  solution  to 
the  guidance  problem  for  a  maneuvering  target,  using  the  exact 
nonlinear  equations  of  motion  in  relative  polar  coordinates,  was 
derived  [11]. 

The  optimality  criterion  is  a  weighted  combination  of  the 
time  of  interception  for  a  given  miss  distance  and  the 
expenditure  of  maneuvering  energy.  The  equations  of  motion 
are  solved  in  a  closed  form  in  terms  of  elliptic  integrals.  The 
obtained  closed-form  solution  can  be  applied  to  the  problems 
where  the  target  information  can  be  predicted  or  when  a 
continuous  update  of  the  guidance  parameters,  based  on  the 
updated  target  model,  can  be  implemented.  A  typical  example 
is  the  interception  of  a  ballistic  missile  in  the  boost  phase, 
wherein,  the  target  model  can  be  estimated  and  its  future 
behavior  is  predictable.  However,  the  study  only  focuses  on  the 
cases  of  constant-velocity  targets  and  missiles.  In  fact,  the 
target  and  missile  can  not  keep  the  constant  velocities 
throughout  the  engagement. 

The  purpose  of  the  present  study  is  to  derive  an  optimal 
guidance  law  for  homing  missiles  with  varying  velocity  against 
the  highly  maneuvering  and  vaiying  velocity  targets  without 
any  trajectory  linearization.  It  is  assumed  that  a  perfect 
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knowledge  of  the  target  motion  is  available  to  the  missiles.  The 
optimal  capture  criterion,  based  on  the  constant  bearing  theory, 
is  to  nullify  the  change  rate  of  LOS  in  the  final  time  of 
engagement,  i.e.,  the  missile  can  go  straight  to  strike  the  target 
with  any  control  energy  expenditure.  The  proposed  guidance 
law  can  also  modify  the  weakness  of  the  conventional 
proportional  navigation  law  against  the  highly  evasive  targets, 
that  always  results  in  the  commanded  acceleration  saturation  in 
the  final  phase  of  engagement. 

The  rest  of  the  paper  is  organized  as  follows:  In  Section  n, 
the  optimal  guidance  control  problem  is  formulated  by  the 
linear  time-varying  differential  equations.  The  optimization 
problem  is  then  solved  in  Section  HI  and  the  implementation  of 
the  resulting  optimal  guidance  scheme  is  analyzed.  In  Section 
IV,  the  results  of  the  simulation  studies  conducted  to  evaluate 
the  performance  of  the  OPG  and  a  comparison  with  that  of  the 
TPN  and  the  APN  schemes  are  presented.  Discussions  are  also 
included.  Finally,  the  study  is  concluded  in  Section  V. 

II.  Problem  Formulation 

Fig.l  shows  the  intercept  geometiy  of  a  missile  intercepting 
a  target.  M  and  T  represent  the  actual  position  of  the  missile 
and  the  target,  respectively.  The  two  dimensional  engagement 
model  can  be  represented  by  the  following  equations  : 

0  =  [Vm  (Osin/?M  -  Vt  (?)sin/7r]/7?, 

0(0)  =  0O  (i) 

R  =  -Vm  ( t ) cosy 8m  +  Vr(t) cos (3t  , 

R(0)  =  R0  (2) 

pM  =  0-yM,  (3) 

PT  =  0-rT>  (4) 

Ym  =V^fyYM  =  5) 

•  ^ 

rT=VHt)'  ^(°)  =  rro(6) 

where  R  is  the  relative  distance  between  the  missile  and  the 
target,  Vivi(t)  and  Vr(t)  are  the  varying  velocities  of 
the  missile  and  the  target,  respectively,  6  is  the  angle  of  the 
line  of  sight,  Pm  and  PT  are  the  angles  between  the  line  of 
sight  and  the  current  heading  of  the  missile  and  the  target,  u 
and  UT  are  the  lateral  accelerations  of  the  missile  and  the 

target,  while  y  M  and  yT  are  the  flight  directions  of  the 

missile  and  the  target  with  respect  to  the  inertial  reference 

system. 

If  we  formulate  the  optimal  guidance  problem  from 
Eq.(l)-(6),  we  have  to  handle  the  exact  nonlinear  differential 
equations  and  then  have  difficulty  in  solving  the  problem 
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analytically.  Hence,  we  find  a  new  approach  to  treat  the  optimal 
guidance  problem  via  Eq.(l).  By  differentiating  Eq.(l),  we 
obtain  the  following  time-varying  linear  differential  equation 

0  =  A(t)0+  B(t)u  +  C(t)  (7) 

where 

A(t)  A-2-5 
B(t  )A-^ 


+  ^  dj  cos ftr +Vm  sr\ J3m -Vt an /3t 

C  =  W 

Defining  the  states  as  6  =  Xi ,  and  6  —  Xz  ,  the  state 
equations  can  be  written  as  follows. 

Xi  =  X2,Xi(0)  =  Xio  (8) 

X2  =  A(t)xz+  B(t)u  +  C(t),Xz(0)  =  X20  (9) 
Hence,  the  problem  which  needs  to  be  solved  is  to  find  a 
control  u  such  that  the  capture  defined  by 

X2(tf )  =  0  (10) 

is  assured  while  the  performance  index  J 

J=^u2dt  (11) 

is  minimized,  which  means  the  control  energy  expenditure  is 

*  • 

minimized.  It  is  assumed  that  Vm  ,  Vt  ,  Vt  and  dj  are 

known  in  this  study.  Whereas,  the  capture  condition  in  Eq.(10) 
shows  that  the  missile  is  driven  on  the  collision  course  in  the 
final  phase  of  the  engagement;  i.e.,  the  missile  can  go  straight 
to  hit  the  target  without  any  control  effort.  Thus,  such  a 
problem  leads  to  a  time-varying  linear  optimization  problem. 
III.  Optima]  Control  Solution 

The  optimization  problem  formulated  in  the  previous 
section  can  be  solved  by  applying  the  maximum  principle[12]. 
Therefore,  we  now  write  the  Hamiltonian  H  for  the  system 
in  Eq.(8)-(11). 

H  =  -u2  +  A\X2  +  fa(Ax2  + Bu  +  C)  (12) 

2 

where  A\  and  Az  are  the  adjoint  variables.  The  adjoint 
variables  are  defined  by  the  equations 

;  £H  n 

Al  =  — —  =  0,  (13) 

dx\ 

•  C±J 

A2  =  -—  =  -AJb-A  1,(14) 

3(2 

while  their  boundary  values  are  derived  from  their 
transversality  condition: 

Ai(f,  )  =  0;  (15) 

Mtf )  =  v;  (16) 

where  V  is  an  unknown  constant. 


By  solving  Eq.(13)-(16),  we  get 

/i.-0 


f 

—  i  jo* 


Adt 


Defining  f  ( t )  A0  = - — ,  we  then  have 


Az  =  veJ 

f«= _?! 

R,‘ 

fo=vf(t) 

oH  . 

Next,  the  control  function - =  U  gives 

ell 

u = -Bfo. 

Substituting  Eq.  (19)  into  Eq.(20)  yields 

u  =  -vBf  (f) 

Thus,  Eq.(9)  becomes 

X2  =  Ax2-vB2f(t)+C 

Then,  solving  Eq.(22)  yields 

x2 (<)  =  i!2l|  Of  -VB2  f(tV^dt 
/(oUl  7WJ7(0) 

Eq.(23)  has  to  satisfy  the  capture  criterion  in  Eq.(10);  thus,  we 
derive 

x2(tf) = m|f[c - ^m]mdt+x^ = o  (24) 

After  some  arrangement,  we  obtain 

*2(0)  +  f  C^-dt 
A  /TO) 


(  +  X20 


(17) 

(18) 

(19) 

(20) 
(21) 

(22) 

(23) 


2  m. 

m 


(25) 


dt 


By  substituting  Eq.(25)  into  Eq.(21)  and  changing  the  variable 
from  0  to  t,  we  then  derive  the  resulting  control  law  as  follows 
«(/)  = 

R3  cos  Pm0+  R  cos  pM  ^  R(aj  cos  fir  +  VM  sin  Pm  -  Firsin  pr)dt 


f 


R 2  cos2  fiMdt 


(26) 

The  resulting  control  law  has  the  following  interpretation. 
First,  if  the  constant  velocity  missile  intercepts  a 
non-maneuvering  target  with  the  constant  velocity,  Eq.(26) 
becomes 


m-  fCOiPM'e  =-K(t)R0 

|  R2  cos2  pMdt 


(27) 


COS  pM 

cos2  pMdt 

Eq.(27)  shows  that,  under  such  condition,  the  OPG  is  nothing 
but  a  proportional  navigation  law  with  a  time-varying 
navigation  gain  K  ( t )  .  Second,  while  against  a  maneuvering 
target,  the  OPG  must  make  use  of  the  extra  information, 
namely,  knowledge  of  the  target  maneuver,  target  velocity 
variation,  target  flight  direction  and  missile  velocity  variation. 
Obviously,  this  explicit  knowledge  enables  the  missile  to 
maneuver  in  a  more  efficient  manner. 

Moreover,  for  guidance  implementation,  the  values  of  the 
time  to  go  tgo  and  integration  parts  in  Eq.(26)  remain  to  be 


— 

where  K(t) A - — 

*jV 
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determined.  First,  the  time  to  go  tgo  can  be  calculated 
approximately  from  the  following. 


tgo  =  t  j-  - 1  = 


m 

m 


(28) 


However,  the  standard  technique  of  dividing  range  by  range 
rate  information  performs  very  poorly  when  both  the  missile 
and  the  target  are  accelerating.  Fortunately,  the  nearer  the 
missile  approaches  the  target,  the  more  accurate  is  the  value  of 
time  to  go.  Therefore,  Eq.(28)  can  be  used  as  one  of  the 
parameters  to  carry  out  this  guidance  scheme.  Second,  the 
values  of  the  integration  parts  in  Eq.(26)  are  for  predicting  the 
future  trajectory  of  the  target  and  the  missile.  These  values  can 
be  obtained  by  solving  together  Eq.(l)-(6),  Eq.(26)  and  Eq.(28) 
with  a  numerical  method  and  then,  the  optimal  control  law  can 
be  implemented. 

In  order  to  gain  an  insight  into  the  characteristics  of  the 
OPG,  we  now  simplify  Eq.  (26).  Assuming  that  Vt  and  Vm 
are  constant,  J3M  =  0 ,  =  0 ,  and  the  relative  closing 

velocity  VC  is  constant,  we  then  obtain 


Vm  =  0 

(29) 

Vt  =  0 

(30) 

cos#,  =  1 

(31) 

cos#-  =  1 

(32) 

R  =  -ktf  —t)  =  Vc(tf - 1 ) 

(33) 

Substituting  Eq.  (29)-(33)into  Eq  .(26)  yields  the 

surprising 

result  as 

Vc3  {tf-  f)3  +  Vc(t f-f)V  Vc(t f  -  t)aTdt  .  . 

u  - - - - s - 6  =  3  Vc0+  -aT 

J fVc2(tf-t)2dt  2 

(34) 

In  fact,  Eq.  (34)  is  the  optimal  augmented  proportional 
navigation  law  with  the  navigation  constant  of  3.  If  the 
target  does  not  execute  any  maneuver,  Eq.  (34)  becomes 


U  =  ZVcO  (35) 

Eq.  (35)  is  the  optimal  proportional  navigation  law  with  the 
navigation  constant  of  3.  The  results  are  similar  to  those  of 
studies  proposed  by  Bryson  and  Zarchan[12][13].  As  a  result, 
the  optimal  augmented  proportional  navigation  law  and  optimal 
proportional  navigation  law  are  the  simplified  versions  of  the 
OPG. 

IV.  Simulation  Results 
ISimulation  scenarios 

In  order  to  evaluate  the  performance  of  the  proposed 
optimal  guidance  law  encountering  the  highly  maneuverable 
targets,  simulation  studies  are  conducted  and  presented  here  for 
two  different  engagement  scenarios.  In  Scenario  1,  the  target 
flies  straight  at  the  beginning  of  the  interception  and,  3  seconds 


later,  executes  a  9G  left  turn  with  a  Vt=-0.5G 
longitudinal  deceleration  and  maintains  such  a  maneuver  till 
the  end  of  the  interception  (see  Fig.  2).  Here,  the  missile  flies 

• 

with  a  Vm  =  0.5G  longitudinal  acceleration  throughout 
the  engagement.  In  Scenario  2,  the  target  first  initiates  a  9G 


right  turn  and,  3  seconds  later,  takes  a  sustained  9G  left  turn  till 
the  end  of  the  interception  (see  Fig.  3).  The  target  has  a  0.5G 
longitudinal  deceleration  throughout  the  engagement.  Whereas, 
the  missile  flies  with  a  0.5G  longitudinal  acceleration. 
Furthermore,  in  this  deterministic  study,  we  assume  no  lag  in 
the  guidance  system  and  all  data  needed  for  the  implementation 
of  the  guidance  laws  are  available  without  any  measurement 
errors.  The  remaining  simulation  data  are  presented  in  Table  1. 

For  the  purpose  of  comparison,  the  following  versions  of 
the  true  proportional  navigation  law  and  the  augmented 
proportional  navigation  law  are  employed  in  the  simulation 
studies : 

•  • 

UTPN  =~NR0  (30) 

UAPN  =~NR0+—aT  (31) 

Here  and  denote  the  commanded 

accelerations  with  the  TPN  and  APN,  respectively.  And,  the 
navigation  constant  N  of  3  has  been  selected  in  both 
schemes.  In  addition,  the  maximum  normal  acceleration  of  the 

missile  is  limited  to  30G  (1G=  9 . 8  IT)/ sec2  ). 

2 .  Simulation  results 

Fig.  4  and  Fig.6  describe  the  engagement  trajectories  of  the 
missile  and  target  for  Scenario  1  and  Scenario  2,  respectively. 
Fig.  5  and  Fig.  7  show  the  commanded  acceleration  histories  of 
the  missile  for  Scenario  1  and  Scenario  2,  respectively.  Table  2 
lists  the  miss  distance  and  the  interception  time  data  considered 
for  the  two  engagement  scenarios.  It  is  seen  that  the 
performance  of  the  OPG  is  superior  to  that  of  the  other  two 
schemes  in  terms  of  the  interception  time  and  miss  distance 
2.  Discussions 

In  Scenario  1,  the  missile  is  to  attack  the  target  with  a 
hard  turn  strategy.  We  observe  that  the  APN  and  TPN  slightly 
turn  the  missile  heading  toward  the  collision  course  at  the 
beginning  of  the  interception,  and  then  make  a  hard  turn 
towards  the  target  in  the  final  phase  of  the  engagement.  Fig.  5 
shows  that  as  the  target  begins  to  perform  an  evasive  maneuver, 
the  commanded  acceleration  of  the  TPN  increases 
monotonically  with  time  and  almost  saturates  in  the  end.  On  the 
other  hand,  the  OPG  quickly  drives  the  missile  heading  toward 
the  collision  course  as  it  senses  the  target  maneuver,  thereafter, 
the  missile  nearly  goes  straight  to  hit  the  target.  Moreover,  the 
OPG  ensures  a  decreasing  acceleration  demand  which  almost 
reduces  to  zero  as  the  missile  approaches  the  target.  As  a  result, 
the  OPG  induces  the  least  miss  distance  with  a  minimum 
interception  time  among  the  three  schemes. 

In  Scenario  2,  the  missile  is  to  intercept  a  jink-like 
maneuvering  target.  Fig.  6  shows  that  even  while  dealing  with 
the  highly  maneuverable  targets,  the  OPG  quickly  steers  the 
missile  heading  into  the  collision  course  in  the  final  phase  of 
the  engagement,  thereafter,  the  geometry  is  nearly  a  constant 
bearing  course  to  intercept  the  target.  In  this  case,  Fig.  7  shows 
that  the  required  acceleration  of  the  OPG  decreases 
monotonically  with  time  in  the  final  phase  of  the  engagement 
and  approaches  zero  at  the  time  of  the  impact.  These  results 
justify  the  capture  criterion  of  the  proposed  guidance  law. 

The  simulation  results  show  that  the  TPN  requires  an 
increasing  acceleration  command  and  almost  leads  to  the 
saturation  in  the  final  phase  of  the  engagement.  In  a  realistic 
environment,  missiles  often  run  out  of  fuel  in  the  duration  and 
performing  such  a  large  normal  acceleration  is  usually  not 
feasible.  As  a  consequence,  the  TPN  may  yield  a  large  miss 
distance.  This  is  the  reason  why  the  conventional  proportional 
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navigation  law  gives  poor  performance  in  the  presence  of  target 
maneuver. 

V.  Conclusion 

In  the  present  study,  an  optimal  guidance  problem  for  a 
time-vaiying  velocity  missile  to  intercept  a  maneuvering  target 
with  varying  velocity,  while  minimizing  the  energy  cost,  has 
been  solved  analytically.  The  resulting  optimal  control  law  is 
expressed  as  an  explicit  function  of  the  current  and  the  future 
behavior  of  both  the  missile  and  target.  We  also  prove  that  the 
optimal  proportional  guidance  law  and  augmented  proportional 
guidance  law,  where  both  the  navigation  constants  are  3,  are 
the  special  cases  of  the  OPG. 

The  performance  of  the  OPG  is  demonstrated  by  two 
engagement  scenarios  in  which  that  of  the  APN  and  the  TPN  is 
also  presented  for  the  purpose  of  comparison.  Simulation 
results  show  that  the  OPG  gives  the  best  performance  among 
the  three  schemes  both  in  the  interception  time  and  in  the  miss 

• 

distance.  The  study  also  verifies  that  using  —  R  /R  to 
estimate  the  value  of  time  to  go  is  acceptable.  Besides,  the 
proposed  guidance  law  shows  the  desirable  property  of  a 
guidance  system  wherein,  the  required  missile  acceleration 
decreases  monotonically  with  time. 

From  a  mathematical  point  of  view,  the  OPG  is  the 
promising  candidate  for  the  future  guidance  design.  However, 
for  the  purpose  of  guidance  implementation,  the  missile  has  to 
necessitate  an  additional  requirement  to  estimate  :  a)  the 
forward  acceleration  of  the  target,  b)  the  lateral  acceleration  of 
the  target  and  c)  the  value  of  time  to  go.  Furthermore,  the  OPG 
has  to  be  carried  out  step  by  step,  based  on  the  real  time 
estimation  of  the  target’s  and  the  missile’s  current  state  and  the 
prediction  of  their  future  behavior.  This  not  only  demands 
excessive  computational  effort  but  also  makes  the  guidance  law 
more  complex.  This  is  the  most  common  disadvantage  of  all 
existing  optimal  guidance  laws  and  remains  to  be  improved  in 
the  future. 
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Table  1  Simulation  data 


R 

5000  m 

6 

0  rad 

Vm' 

660  m/s 2 

Vt 

300  m/s2 

Vm 

0.5G 

Vt 

-0.5G 

Yt 

Scenario  1 : 1 .047rad 
Scenario  2::  2.62rad 

Ym 

Scenario  1 :  0.8rad 
Scenario  2  :  0.77rad 

Table  2  Simulation  results 


Scenario 

Performance 

TPN 

APN 

OPG 

1 

Miss 

distance(m) 

2.91 

0.73 

0.25 

Interception 

time(sec) 

8.40 

8.40 

8.12 

2 

Miss 

distance(m) 

4.15 

0.80 

0.32 

Interception 

time(sec) 

6.49 

6.55 

6.38 

Fig  1 .  Intercept  geometry 
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ABSTRACT 

A  new  control  law  is  presented  to  make  the  rocket  follow  the 
nominal  trajectory.  The  predictive  control  law  is  used,  and  the 
linear  time  varying  system  is  adopted  as  the  predictive  model.  To 
deal  with  the  varying  of  the  flight  environment,  an  adaptive 
predictive  model  is  introduced,  and  the  convergence  analysis  for 
the  adaptive  law  is  performed.  The  proposed  adaptive  predictive 
control  law  is  applied  to  Korea  Sounding  Rocket  III,  especially 
for  the  pitch  program.  External  disturbances  and  the  internal 
uncertainties  such  as  the  wind  effects,  model  uncertainties  and 
thrust  error  are  considered.  To  show  the  effectiveness  of  the 
proposed  guidance  law,  numerical  simulation  is  performed. 

1.  INTRODUCTION 

In  the  real  rocket  flight,  a  rocket  trajectory  usually  deviates 
from  the  pre-determined  reference  trajectory  mainly  due  to  the 
disturbances,  model  uncertainties,  and  thrust  error.  This  will 
deteriorate  the  overall  performance  of  the  rocket  system. 
Therefore,  the  control  system  that  compensates  tracking  error  is 
required. 

In  this  paper,  an  adaptive  tracking  control  law  is  proposed 
using  predictive  control  method.  The  predictive  control  method  is 
usually  implemented  in  a  discrete  form,  but  the  proposed  control 
law  is  based  on  the  continuous  system.  The  predictive  model  is 
designed  to  apply  the  predictive  control  method  to  trajectory 
tracking  problem.  The  predictive  model  should  estimate  the 
values  of  future  state  variables.  That  is  very  critical  in  the 
predictive  control.  In  this  paper,  the  linear  time  varying  system  is 
adopted  as  the  predictive  model,  and  is  adapted  to  a  real  rocket 
states.  During  the  rocket  flight,  the  flight  environment  varies 
rapidly.  The  nominal  system  can  be  adopted  as  a  predictive 
model,  however,  the  nominal  system  cannot  reflect  the 
environment  change  well.  To  cope  with  the  varying  of  the  flight 
environment,  an  adaptive  predictive  model  is  introduced.  The 
convergence  analysis  for  the  adaptive  law  is  also  shown. 

The  proposed  adaptive  predictive  control  law  is  applied  to 
Korea  Sounding  Rocket  (KSR)  III. [  1  ]  The  reference  trajectory  is 
designed  by  using  a  pitch  program.  In  the  numerical  simulation. 
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the  wind  effects,  model  uncertainties  and  thrust  error  are 
considered.  The  simulation  results  show  that  the  proposed 
guidance  law  is  effective  in  the  rapid  environment  change. 

2.  LAUNCH  VEHICLE  SYSTEM 

In  this  paper,  two  different  rocket  systems  are  used. 
To  design  the  nominal  trajectory  as  well  as  the  guidance 
law,  a  point-mass  rocket  system  is  used.  And  to  evaluate 
the  designed  guidance  system,  the  attitude  dynamics 
including  the  rigid  body  motion  and  the  flexible  motion 
is  considered.  Liquid  fuel  sloshing  effects  and  the  engine 
moment  of  inertia  effects  are  also  considered. 

For  the  point  mass  system,  the  launch  vehicle  is 
modeled  as  a  point  mass  flying  over  a  spherical 
nonrotating  Earth.  Motion  is  confined  to  a 
two-dimensional  plane  as  shown  in  Fig.l. 


/ 


Nonrotating 

Sphere  Earth  .S’, :  Geocentric  inertial 

Coordiante  System 


Fig.l  Coordinate  system  of  point-mass  model 

The  obtained  equations  of  motion  are  as  follows[2]: 

mTV  -  T cos api  -  D-  m-j  gs\nypt  +  A 

V 


(1) 


mT 


Y pt ' 


Rm+H 


cos  ypl 


-(DR)  ■ 


T  sin  apt  +L-  mTg  cosy  pt  +  A  (2) 

(3) 

(4) 


H  =  V  sin  y pt 
R> 


-V 


cos  ypt 


dt  R>n  +  H 

where  T  is  thrust,  A  is  external  disturbance,  and  L  and  D  are  lift 
force  and  drag  force,  respectively,  defined  as 


1  2 

D  =  —pV  ArefC i) ( nmach ) 

L  =  \-pV2ArcfC,a  ( nmach)a 


(5) 


(6) 


with  nmach  -  V  /  c  .  Note  that  the  relative  velocity  of  the  launch 
vehicle  with  respect  to  the  wind  is  considered. 
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3.  DESIGN  OF  NOMINAL  TRAJECTORY 


Most  launch  vehicles  are  launched  vertically  and  shortly  after 
liftoff,  a  programmed  initial  pitch  maneuver  begins.  For  the 
atmospheric  region  of  high  dynamic  pressure,  the  steering 
program  is  chosen  to  fly  with  a  near  zero  angle  of  attack  to 
reduce  bending  moments  caused  by  aerodynamic  loads.  When 
the  launch  vehicle  is  flying  in  the  exo-atmospheric  region,  the 
controlled  injection  maneuver  and  optimized  closed-loop 
guidance  are  performed.  Taking  account  of  these  constraints, 
during  the  flight  of  the  first  stage,  the  angle  of  attack  is  held  to  be 
zero.  Shortly  after  liftoff,  when  the  velocity  is  low,  kick  turn 
maneuver  (a  small  programmed  turn  downrange  at  a  very  low 
pitch  rate)  begins.  Then,  a  gravity  turn  with  zero  angle  of  attack 
and  zero  lift  is  performed  until  the  launch  vehicle  is  out  of  the 
sensible  atmosphere.  The  gravity  turn  is  a  maneuver  in  which 
thrust  vectoring  is  used  to  keep  the  velocity  vector  aligned  with 
the  body  fixed  axes  and  the  vertical  component  of  gravity  is  used 
to  rotate  the  launch  vehicle  slowly  about  its  center  of  gravity.  The 
pitch  program  sequence  is  summarized  in  Table  l.[3] 


Table  1  Pitch  program  sequence 


Event 

Timetsec] 

Remarks 

Vertical 

Liftoff 

0-3 

qpt  =0  ( 6pt  —  90  at  t  =  0  ) 

3-12 

qpl  =-0.6 

Kick  Turn 

12-,g 

'-Ci 

11 

o 

QS 

II 

Sr 

Gravity  Turn 

V59 

li 

Figures  2  and  3  shows  the  simulation  results  performed  by 
pitch  program.  1976  standard  atmospheric  model  is  used.  Figure 
2  shows  the  designed  nominal  trajectory  that  the  rocket  should 
follow.  As  shown  in  Fig.  3,  the  gravity  turn  begins  at  ^=14.2 

sec. 


Down  Range  [km] 

Figure  2  Designed  nominal  trajectory 


Figure  3  Pitch  angle  and  flight  path  angle 
(nominal  trajectory) 


Figure  4  Launch  vehicle  trajectory 
(with  wind  effects) 


Figure  5  Pitch  angle  and  flight  path  angle 
(with  wind  effects) 

Figures  4  and  5  shows  the  trajectory,  pitch  angle  and  flight 
path  angle  histories,  respectively,  when  the  external  w'ind 
disturbance  is  considered.  Figure  4  shows  that  the  pitch  angle  of 
the  launch  vehicle  follows  the  nominal  pitch  angle  history  by  the 
pre-programmed  pitch  maneuver.  However,  the  flight  path  angle 
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deviates  from  the  desired  values  due  to  the  wind  effects,  therefore 
the  real  flight  trajectory  does  not  follow  the  nominal  trajectory. 

•  ^>- 

ii 

(ID 

Note  from  Figures  5  that  the  angle  of  attack  is  not  zero  during  the 
gravity  turn  phase.  This  may  produce  bending  moments  and  where 

B  =  Peu1' 

(12) 

result  in  the  catastrophic  failure  of  the  launch  vehicle  structure. 

To  avoid  this,  the  launch  vehicle  guidance  system  is  required. 

Am‘\t)P+PAm(t)  =  -Q 

(13) 

4.  GUIDANCE  SYSTEM  DESIGN 

In  this  study,  the  predictive  control  system  is  used  to  design 
the  launch  vehicle  guidance  system.  Usually,  the  performance  of 
the  predictive  control  law  is  dependent  on  the  prediction  of  state 
variables  in  future.  Therefore,  it  is  required  a  good  predictive 
model  that  will  be  used  as  nominal  system  in  the  predictive 
control  system.  However,  the  nominal  system  may  not  be 
relevant  to  the  estimation  of  the  state  variables  because  of  system 
uncertainties  and  disturbances.  In  this  study,  the  time-varying 
system  is  designed  for  the  predictive  model. [4]  And  to  obtain 
more  reliability,  the  adaptive  scheme  is  adopted  to  the 
time-varying  model.  The  computing  process  of  the  guidance 
command  can  be  simplified  by  using  the  adaptive  predictive 
model. 

Predictive  model 

The  predictive  model  considered  in  this  study  is  as  follows: 

x  =  A(t)x  +  B{t)u  (7) 

where 

x  =  ty’rP<}'  «  =  oi pt 

Since  the  uncertainty  terms  are  included  in  the  kinetic  parts, 
system  matrices  in  Eq.  (7)  cannot  be  determined  precisely. 
Therefore,  the  estimation  process  of  the  system  matrices  is 
needed.  To  estimate  the  state  variables,  the  following 
series-parallel  model  is  used.[5] 

x=Am(t)i  +  [A(t)-Am(t))x  +  B(t)u  (8) 

where  x  =  [f,  y pl  J7  ,  A(t)  and  B(t)  are  the  system  matrix 
estimates,  respectively. 

Adaptive  law 

Let  us  introduce  the  error  states  and  matrix  estimate  errors  as 
follows 

e  =  x-x,  A{t)  =  A(t)-  A(t),  B(t)  =  B(t)-B(t)  (9) 

Then,  the  error  dynamics  can  be  obtained  by  using  Eqs.  (7)  and 
(8)  as  follows: 

e  =  Am  (t)e  -  A{t)x  -  B(t)u  (10) 

In  this  study,  the  following  adaptation  rule  is  used  to  update 
the  system  matrices.  [5] 


Assuming  slow  varying  systems,  the  convergence  of  the 
time-varying  adaptive  system  can  be  proved  by  using  the 
following  Lyapunov  function. 

V  =eJ  Pe  +  tr(A!  A)  +  tr(Bf  B)  (14) 

Differentiating  the  above  equation  with  respect  to  time  yields 

V  =  e7Pe  +  eTPe  +  lr(ArA  +  ArA)  +  tr(BTB  +  BTB) 

=  -erQe  -  2tr(Ar  A)- 2tr(Br  B) 

As  seen  in  Eq.  (15),  for  the  slow  varying  system,  the  convergence 
of  x  to  x  is  guaranteed. 


Predictive  control  law 

Now,  the  guidance  command  is  computed  based  on  the 
predictive  adaptive  model.  [6]  The  equations  of  motion  have  been 
normalized,  and  the  normalized  predictive  model  is  obtained  as 

xn\  ~~ 

=/«(*«)  (16) 

where,  xn]  =  [V/Vf,  ylyplff  ,  xn2  =  [H/Hf.  DR/ DR,  f  , 

and  xn  =  [xn\  ,x„2  f  .  Taylor  series  expansion  is  used  to 
estimate  the  state  variables  as  follows: 


*n\  (t  +  h)  =  xn]  (t)  +  h(A„  (/)*„,  +  B„  (t)u) 
xn2(I  +  h)  =  xn2(t)  +  hf„(x) 


+  lh 2 
2 


+  (17) 

V  dxn\  dxn2 

where  h  is  the  step  size.  To  make  the  current  state  variables 
track  the  predictive  model  variables,  a  following  performance 
index  is  adopted. 

J  “  \  (*l#i  (l  +  h)-  xln*  (t  +  h))  q(x}i1  {t  +  h)  -  xn*  (t  +  A)) 

+  ~(*2/i  y  +  h)  -  *2 n  (t  +  ^))7  2  {t  +  h)~  xnl\t  +  /? )) 

+  t(w(0-«*(o)2 


(18) 


The  first  and  second  terms  are  introduced  for  good  tracking 
performance,  and  the  third  term  is  used  for  less  control  efforts. 
By  applying  optimality  condition,  the  guidance  law  is  obtained  as 
follows: 
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u(t)  =  (  \+qn\  +  qn  2) 


-1 


«*  to  -  e'n\  QhBn (o  -  e;2y  e  x  <0 

2  ax„. 


(19) 


where 


=  {hB„(t)f  Q{hBn(t)) 


Qn2 


1  ^M,lW 

2  a*„i 


A?' 


1 2 


—  (0*«|  -*nl 

e«2  =xn2(0  +  hf„(x)  +  ^-h2  ^,„(0 

2  dxMl 

+  -/i2  f„{x)-x„2  (t  +  h) 


dx 


n2 


5.  NUMERICAL  SIMULATION 

In  this  study,  the  proposed  guidance  law  is  applied  to  the  KSR 
III  Rocket. [6].  Figures  6  show  the  launch  vehicle  trajectory  and 
flight  path  angle  using  the  closed-loop  guidance  law  under  the 
wind  disturbance. 


Comparison  of  Fig.  4  and  Fig.  6(a)  shows  that  the  performance  of 
the  guided  (closed-loop)  trajectory  using  adaptive  predictive 
control  law  is  better  than  the  open-loop  pitch  maneuver.  In 
Fig.6(b)  nominal  flight  path  angle  and  guided  flight  path  angle 
are  shown.  Comparison  of  Fig.  5  and  Fig.  6(b)  shows  that  the 
difference  between  the  nominal  flight  path  angle  and  the  guided 
flight  path  angle  is  reduced.  Also,  the  magnitude  of  angle  of 
attack  was  less  than  the  proscribed  values. 

6.  CONCLUSIONS 

In  this  paper,  a  new  control  law  is  proposed  for  rocket 
trajectory  tracking  guidance  system.  An  adaptive  predictive 
control  law  is  used  to  compensate  for  the  wind  effects.  The 
proposed  guidance  law  makes  the  rocket  follow  the  nominal 
trajectory.  In  the  numerical  simulation,  the  wind  effects, 
model  uncertainties  and  thrust  error  are  considered. 
Numerical  simulations  show  that  the  proposed  guidance  law 
exhibits  better  performance  than  the  open-loop  pre-programmed 
maneuver. 
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ABSTRACT 

Neural  networks  based  adaptive  controller  is  designed  for 
nonlinear  aircraft  system.  Neural  networks  controller  is  used  to 
implement  feedback  linearization  control  law.  And  sliding  mode 
control  design  methodology  is  adopted  to  suppress  the 
approximation  error  of  nonlinear  function  and  guarantee  the 
robustness  to  uncertainties.  The  proposed  controller  guarantees 
the  global  stability  of  the  resulting  closed  loop  system  and  the 
tracking  objective  is  achieved  asymptotically.  The  effectiveness 
of  the  proposed  method  has  been  verified  using  an  example  of 
aircraft  pitch  rate  tracking  problem. 

1.  INTRODUCTION 

Modem  aircraft  dynamics  is  highly  nonlinear  at  high  angle 
of  attack  and  at  high  angular  rates.  Therefore  researches  on 
nonlinear  controllers  that  provide  superior  closed-loop 
performance  to  the  linear  controller  designed  at  a  various 
operating  region  have  been  widely  performed  during  a  past  few 
decades.  However,  most  of  nonlinear  controllers  require  an 
accurate  analytic  aircraft  dynamics  that  is  hard  to  obtain  because 
aerodynamic  and  thrust  coefficients  in  aircraft  model  are  highly 
nonlinear.  Neural  network  is  an  attractive  alternative  for  the 
identification  and  control  of  unknown  dynamic  systems  because 
it  has  a  good  property  of  representing  complex  nonlinear  function, 
which  is  known  as  universal  approximation.  [1] 

Recently,  the  neural  network  based  control  of  nonlinear 
aircraft  through  inverse  dynamics  has  received  much  attention, 
[2-4],  which  is  based  on  the  off-line  training  of  neural  network 
using  back-propagation  algorithm  or  modified  back-propagation 
algorithm  through  mathematical  dynamic  model  and 
experimental  data.  The  off-line  trained  neural  controller  cannot 
yield  consistent  performances  when  there  exist  aerodynamic 
coefficient  variations  and/or  unpredictable  uncertainties.  Several 
papers  on  adaptive  neural  network  based  controller  design  to 
cope  with  various  uncertainties  are  reported.  [5-6]  They  provided 
the  stable  controllers  for  a  class  of  nonlinear  systems  based  on 
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feedback  linearization  technique  on  the  assumption  that  the 
absolute  first  derivative  value  of  nonlinear  input  function  is 
bounded  by  a  known  positive  constant  to  make  the  control  input 
bounded.  Yesidirek  and  Lewis  introduced  sliding  mode  term  for 
the  same  objective  [7],  but  the  proposed  control  strategy  became 
very  complicated.  In  this  paper,  the  adaptive  neural  controller  is 
proposed  by  combining  neural  networks  with  sliding  mode 
control  technique.  Neural  network  approximates  the  nonlinear 
functions  in  the  feedback  linearization  controller.  Sliding  mode 
variable  is  introduced  in  the  feedback  linearization  controller  to 
compensate  for  the  approximation  error  and  guarantee  the 
robustness  with  respective  to  the  uncertainties  by  adjusting  the 
gain  of  sliding  mode  variable  adaptively. 

This  paper  is  organized  as  follows:  Section  II  deals  with  the 
basic  concepts  and  preliminaries  for  neural  networks.  Section  III 
describes  the  problem  statements,  and  in  sec.  IV  we  present  an 
adaptive  control  law  based  on  neural  network.  In  sec.V, 
numerical  simulation  is  performed  to  show  the  feasibility  and 
performance  of  the  proposed  design  method  are  presented  and 
discussed. 

2.  PRELIMINARIES 

In  this  study,  Neural  networks  (NN)  with  a  three-layer 
network  structure  is  used  for  approximating  nonlinear  continuous 
functions.  Let  h(x):RNl+]  -» R  be  a  smooth  function.  The 
following  three-layers  NN  is  used  to  represent  h(x)  . 

h(x)  =  WT5{VTx)  (1) 

where  W  =[w1,w2,---,wAr  ]r  e  RN'  is  a  weight  vector  between 
hidden  layer  and  output  layer  ,  V  =[v,,v2,*-*,vA,  ]  e  R{N'+ly*N>  is  a 
weight  matrix  between  input  layer  and  hidden  layer, 
JC  =  [x1,x2,*“,xw,lf  eRN'+l  ,and  a(z)  =  [cr(zt),cr(z2 ),••■, a(zNi)f 
with  <r(z)  =  tanh(z) . 

It  is  well  known  that  the  neural  network  can  approximate 
any  continuous  functions  to  any  desired  accuracy  over  a  compact 
set .  Therefore  there  exist  W*  and  V *  such  that 

h(x)  =  W*Td(V*T x)  +  fih  and  | fih |  <  ju0h  with  constant  juoh  >  0 . 


’00  v  > 
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Fig.  1  Neural  network  structure 

Lemma  1  [8]  For  neural  network  approximator  (1),  the  NN 
estimation  error  can  be  expressed  as 

WTd(V'Tx)  -  WTd(VTx)  =  WT(d  -  d'VTx)  +  WTdVTx  +  dh 

(2) 

where  W  and  V  are  the  estimates  of  W *  and  V* ,  W  =  fV*  -  W , 
d  =  d{VTx)  V  =  V"  -V ,  ,dh=W’T d(V’T x)-  fV'T(d-d'VTx) 
-WrdV'T  x ,  and  d' =  dd(z)/dz\^.,x 
And  the  residual  term  dh  +  ph  is  bounded  by 


(3) 


3.  PROBLEM  STATEMENT 


Fig.  2  The  neural  network  controller  scheme 


i.e.,  limkKO  -  qd( 0|  ^  8  for  some  specific  constant  e  >  0  .  It  is 

l-» » 

assumed  that  all  of  the  state  values,  qd  (t)  and  qd  (/)  are  available. 

4.  ADAPTIVE  NEURAL  CONTROLLER  DESIGN 

Define  the  state  error  as  e  =  q  -  qd  .  Then,  error  dynamics 
can  be  written  as 

e  =  /2  (a,  q)  +  g2  (a)5e  -  qd  (6) 

The  proposed  control  law  based  on  feedback  linearization 
method  is  defined  as  follows: 

de  =  g2~'\rf1+qd-  psgn(e)-K'e\  (7) 

where  the  estimated  nonlinear  functions  f2  and  g2  are 
approximated  by  neural  networks  (1),  sgn(*)is  a  sign  function, 
p  is  a  switching  gain  and  Ke  is  a  positive  constant  gain. 


Let  us  consider  the  following  longitudinal  aircraft  dynamic 
system,  which  is  simplified  by  neglecting  the  effect  of  the  gravity. 

[9] 

d  =  Za0  +  Zaa  + 1 Zq  + 1  )q  +  Z^Se 

q^M^+MaCC  +  M^q  +  M^Se 

where  Ma0  and  Za0  are  the  aerodynamic  moment  and  force 
coefficients  at  zero  angle  of  attack,  respectively,  a  is  the  angle  of 
attack,  q  is  the  pitch  rate,  and  Se  is  elevator  deflection.  The 
coefficients  Za,Zq,ZSe,M  a,M  q  and  M&  are  nonlinear 
functions  of  angle  of  attack. 

Let  the  dynamic  equation  (4)  be  rearranged  as  follows  to  make  it 
convenient  to  derive  adaptive  neural  control  law. 

a  =  fl(a,q)  +  gl(a)Se 

q  =  f2(a><l)  +  g2(a)Se 

In  this  study,  the  control  objective  is  to  obtain  control  law  and  an 
updating  law  of  the  controller  parameters  to  make  pitch  rate 
follow  the  given  desired  pitch  rate  trajectory, 


By  substituting  Eq.(7)  into  Eq.(6),  we  have  the  closed  loop  error 
dynamics  as  follows: 

e  =  f2  +  g2g2~'  {-  f2  +  q„  -  psgn(e)  -  Kte\-  qd 
=  /2  +  {g2  +g2~g2  Jii-'  \-f2  +  <h-P  sSn(e)  ~K,e\~  ki 
=  (f2  -f2)  +  (g2-  gi  )&  -  PSgn(e)  -  Kee  (8) 

=  ( f2  -f2)  +  Wi  -f2)  +  (g2-  g2)de  +  (g2‘  - g2)Se 
-  psgn(e)-Kee 

where 

f2  =  fi  +Mf= w;Ta(v;TXf) + Mf  (9) 

g2=g2'+pg=r;T*(K'rxJ+K  oo) 

ft  =  fv/d(v/xf) ,  &  =  wjd(yjxg)  (11) 

and  Pj  and  jug  are  approximation  errors  of  f2  and  g2  , 

respectively,  xf  =  [1 ,  a  ,  qf  and  xg  =  [1 ,  a  ]T  . 

Neural  network  weights  fVfilVg  ,Vf  and  Vg  are  updated  by  the 
following  adaptation  rule. 
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Wf  =  r^ijcr f  -  a  f'VfTxf)eT 

rg  =  r^g-ag'y/xg)&-er  (i2) 

where  r^, and  are  positive  definite  weight  matrices 
with  appropriate  dimension. 

According  to  the  sliding  mode  control,  it  is  required  to  assign  the 
switching  gain  p  to  the  appropriate  value  in  order  to  compensate 

for  the  effect  of  neural  network  approximation  errors  of  nonlinear 
functions  f2  and  g2  .  However  the  bounds  of  these  approximation 

errors  are  usually  unknown.  Therefore,  it  is  necessary  to  estimate 
the  bounds.  Using  Eq.(3)  of  Lemma  1,  the  switching  gain  p 

can  be  set  as  follows. 

p=k;<pf+k;<pg\&\  (i3) 

where  the  Kf  and  K  are  updated  by  the  following 
adaptation  rules. 

Kf  =  r. •  K  =  r*<PtW^  (14) 

Now,  the  following  main  result  of  this  paper  can  be  summarized. 


V<-Kee2  (16) 

Thus,  if  Eqs.(15)  and  (16)  hold  and  the  initial  values  of  weights, 
tracking  error  and  gain  parameters  are  bounded,  then 
WnVnWtyv  Kf , Kg  and  e  el?  . 

Note  that  J" e2dt  <  oo  and  0  <  V{t)  <  F(0),  V/  >  0  ,  therefore, 
we  can  say  that  eel ? . 

From  Eqs.(7)  and  (8)  the  control  input  is  bounded  and  eel?. 
Now,  because  eel?  and  e  el?  n  I?  ,  it  can  be  shown  from 
Barbalaf  s  lemma  that  e  0  as  /  -»  0 ,  which  means  that  the 
tracking  error  converges  to  zero  asymptotically.  Q.E.D. 

5.  SIMULATION 

In  this  study,  the  proposed  adaptive  neural  network  control 
law  is  applied  to  the  longitudinal  aircraft  dynamic  system  at 
Mach  NO.  0.5  and  altitude  5km.  Table  1  gives  the  aerodynamic 
and  force  moments  in  the  form  of  look  up  tables.  [9]  The  stability 
derivative  Ma  ,  which  is  the  measure  of  pitch  axis  static  stability, 

has  the  positive  sign  when  the  aircraft  becomes  statically 
unstable.  The  table  shows  that  the  aircraft  becomes  statically 
unstable  in  the  region  of  9.0°  to  14.5°  of  angle  of  attack. 


Theorem  1  Consider  the  aircraft  dynamic  system  given  by 
Eq.(5).  Let  the  neural  network  weight  be  provided  by  Eq.(12) 
and  the  switching  gain  pbe  given  by  Eqs.(13)  and  (14).  Then,  the 

control  law  (7)  makes  the  tracking  error  converge  to  zero 
asymptotically.  In  addition,  all  of  the  signals  in  the  closed  loop 
system  are  bounded. 


Proof)  Let  us  take  the  Lyapunov  function  candidate  as 


1  .-/>7  T  , 


V  =  -/  +  2^Tr?^  +  ^‘r?^+tr{9fTr?Vf)} 


+t  tr<yJr?^+-;Wr?K, + 


(15) 


2  '  8  gv  8'  2  1 

Substituted  Eq.(2)  into  the  time  derivative  of  V  evaluated  along 
the  trajectories  of  system  (8)-(14),  and  noting  that  /r[yjcr]  =  xTy , 
the  time  derivative  of  V  can  be  expressed  as 


V  =  e(pf  +d,)  +  e(pg  +dg)Se  +  K/iy 'K,  +  KgTTgk~lRg 
-epsgn(e)  -  Kee 2 
Therefore,  we  have 

V  <  \e\{\n,\ + \df\)  +  \e\(\n\  +  |rfs|)|&|  +  K/r/*, 

"  ePs gn(e)  -  K/ 


Taking  account  of  the  Eqs  (3), (13)  and  (14),  the  upper  bound  of 
the  time  derivative  of  V  can  be  obtained  as 


Table  1  Variation  of  Aerodynamic  Coefficients 


Angle 

of 

attack 

. (deg) 

Ma 

1/sec2 

M, 

1/sec 

1/sec 

1/sec2 

z* 

1/sec 

5.289 

-0.571 

-0.869 

0.029 

-0.600 

-13.07 

-0.309 

0.800 

-0.603 

-0.869 

0.029 

-0.674 

-13.11 

-0.311 

6.960 

-0.631 

-0.869 

0.029 

-0.789 

-13.27 

-0.320 

9.004 

-0.774 

-0.869 

0.029 

-0.871 

-13.33 

-0.327 

9.970 

0.453 

-0.869 

0.029 

-0.860 

-13.38 

-0.331 

11.790 

2.256 

-0.869 

0.029 

-0.820 

-13.02 

-0.326 

13.639 

1.113 

-0.869 

0.028 

-0.811 

-12.32 

-0.312 

14.588 

-0.190 

-0.869 

0.028 

-0.804 

-12.37 

-0.310 

16.577 

-2.562 

-0.869 

0.028 

-0.803 

-12.25 

-0.313 

21.489 

-5.926 

-0.869 

0.028 

-0.841 

-11.56 

-0.325 

To  obtain  numerical  results,  we  choose  the  following  simulation 
parameters: 


=  rfv  =  =  10,  =  rgk  =  o.oi , Ke  =  5 

The  eight  hidden  neurons  are  used  to  approximate  the  nonlinear 
functions  f2,g2  .  We  approximate  the  sign  function  by  a 

saturation  function  with  boundary  layer  thickness  0.01  usually 
used  to  avoid  the  chattering  phenomenon.  The  initial  weight 
matrices  elements  of  neural  network  representing  function  f2 
are  taken  randomly  in  the  interval  [-0.001,0.001]  and  the 
elements  of  Wg  (0)  and  Vg  (0)  are  chosen  randomly  in  the  region 

of  -2  to  2.  To  prevent  the  parameter  drift  phenomenon,  during 
simulation,  if  the  tracking  error  is  less  than  specified  value,  the 
weight  matrices  and  the  switching  gain  parameters  are  not 
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updated. 

It  can  be  seen  from  figure  3  that  the  pitch  rate  tracks  the 
desired  reference  trajectory  asymptotically.  The  control  input, 
elevator  deflection  shown  in  figure  4  remains  in  the  reasonable 
scope. 


6.  CONCLUSIONS 

An  adaptive  control  law  using  sliding  mode  based  neural 
network  has  been  presented.  A  stable  controller  parameter 
adjustment  scheme  is  derived  using  Lyapunov  stability  theory. 
To  cope  with  neural  network  approximation  errors,  the  sliding 
mode  term  is  introduced.  To  show  the  effectiveness  of  the 
proposed  control  law,  Numerical  simulation  was  executed  for 
nonlinear  aircraft  model.  The  future  work  will  be  directed  to 
control  the  angle  of  attack  using  neural  network  through  the 
reasonable  elevator  deflection. 


Fig.3  NNs  output  -  pitch  rate 
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1.  Abstract 

The  essential  requirements  to  realise  high  integrity  in  safety 
critical  systems  are  hardware  redundancy  and  intelligent 
monitoring.  Earlier  studies  suggest  that  motor  failures  (in  multi¬ 
lane  actuators)  resulted  in  the  largest  failure  transient  envelopes 
(when  compared  to  RVDTs  or  Tachometers  failures)  causing  large 
aircraft  roll  disturbances.  The  study  here  is  based  around  a  four- 
lane  (torque  summed)  electric  actuation  system,  capable  of  driving 
aerodynamic  and  inertial  loads  of  an  aircraft  aileron  control  surface, 
with  2  lanes  failed.  Each  lane  contains  its  own  dedicated 
microprocessor/s  to  perform  control  and  comprehensive  monitoring 
tasks.  An  aircraft  model  of  a  relatively  small  combat  aircraft, 
similar  to  that  of  the  Sea  Harrier,  will  be  utilized  to  examine  the 
aircraft  performance. 

The  aim  of  this  paper  is  to  present  a  Simulation-Graphical  based 
Monte  Carlo,  SGMC,  method  as  a  threshold  setting  technique.  Its 
advantages  over  other  possible  techniques,  such  as,  Decision 
Theory,  Analysis  of  Variance  or  a  Purely  Numerical  Monte  Carlo 
will  be  highlighted.  A  general  methodology  of  this  method  to  multi¬ 
lane  safety  critical  redundant  systems  (with  particular  emphasis  on 
the  4-lane  actuator)  will  be  derived.  Schedule  and  unscheduled 
threshold  setting  concepts  to  a  multi-mode  combat  aircraft  system 
will  also  be  presented. 

To  account  for  Torque  Ripple  Effects  and  hence  any  associated 
inherent  lane  disparities  contributed  by  the  individual  lanes  (as 
phase  switching  takes  place)  three  phase  motor  equivalents  were 
considered  in  the  analysis.  Furthermore,  the  paper  will  address  an 
aspect  of  major  concern  in  torque-summed  architectures,  that  is,  the 
possibility  of  force  fight  between  mismatched  lanes.  Zero 
Aerodynamic  Aileron  Load  Angles  (at  which  the  force  fight  is 
considered  to  be  maximum)  will  be  identified  for  different  aircraft 
speeds  and  as  an  example  the  aircraft  performance  at  a  particular 
flight  case  will  be  examined.  Efforts  to  minimise  force  fight 
between  mismatched  lanes  are  achieved  by  incorporating  a  simple 
Monitoring- Voting- Averaging  Devices,  MVADs,  in  the  Fault 
Detection  and  Fault  Isolation  System.  The  effectiveness  of  these 
devices  in  minimizing  the  force  fight  will  be  proven. 

2.  Introduction 

The  advantages  electromechanical  actuator  systems  have  over 
hydraulic  actuators  include  weight  reduction,  elimination  of 
hydraulic  fluid  leakage  (consequently  reduction  in  fire  hazards)  and 
offer  reduction  in  system’s  complexity  which  makes  them  cheaper 
to  install  and  maintain.  Architecture  descriptions  of  overall 
actuation  systems  (single  and  dual)  and  their  performance  may  be 


found  in  [1]~[13].  The  authors  reported  programs  carried  out  by 
Boeing,  Grumman,  Lockheed-Georgia,  Sundstrand  Corporation, 
the  USAF  Flight  Dynamics  Laboratory  and  the  Virginia 
Polytechnic  Group.  A  quadruple  system  was  presented  in  [14]- 
[16],  where  the  author  examined  different  architecture 
consolidation  methods  which  assumed  lumped  models  for  the 
brushless  dc  motors,  Fig.l.  The  author  utilised  and  examined  a 
Simulation-Graphical  Monte  Carlo  as  a  threshold  setting 
technique.  This  paper,  will  extend  these  findings  by  considering 
3-phase  model  equivalents  to  allow  for  the  examination  of  torque 
ripple  effects,  hence  the  possibility  of  force  fight  between 
mismatched  lane. 


Fig.l  Quadruplex  Torque  Summed  Architecture 


3.  Hardware  Cross  Monitoring 

To  monitor  motors  for  failures  in  a  3 -phase  configuration,  the 
input  signals  (to  monitor  the  currents  in  the  motors)  to  the 
MVADs,  Fig.2,  are  represented  by  the  filtered  sum  of  the  absolute 
measured  individual  phase  currents.  This  eliminates  the  need  for 
motors  alignment,  which  is  practically  undesirable. 


Fig.2  Block  Diagram  of  the  MVADs 
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The  motors  were  driven  in  closed  node  configuration,  therefore,  for 
positive  torque,  the  voltages  applied  to  the  nodes  have  to  follow  the 
switching  sequence  7,  3,  4,  2,  6  and  5,  [17]  &  [18].  For  negative 
torque,  the  switching  sequence  is  2,  6,  5,  7,  3  and  4.  To  clarify  this, 
nodes’  voltages  at  a  particular  electrical  angle  range  are  listed  in 
Table  1.  Vs  and  Vs  take  the  values  of  100  and  0.0  Volts,  for 

+ve  -ve 

positive  torque,  and  0.0  and  100.0  volts,  for  negative  torque. 
Therefore,  the  switching  sequences  2,  6,  5,  7,  3  and  4  (for  negative 
torque)  is  exactly  the  same  sequence  as  the  sequence  7,  3,  4,  2,  6 
and  5  (for  positive  torque)  except  that  the  node  voltages  are 
interchanged. 


Table  1  Delta  node  closed  node  and  phase  voltages 


State 

Nodes  Voltage 

Phases  volta 

_ 

Electrical 

Angle 

va 

Vp 

Ve 

V, 

_ Yi _ 

7 

vs+ 

v* 

vs+ 

0 

-100 

100 

33O<0<3O 

3 

v„ 

W 

V. 

100 

-100 

0 

30<9<90 

4 

v„ 

vs+ 

V. 

100 

0 

-100 

90<9<150 

2 

V, 

vs+ 

V, 

0 

100 

-100 

15O<0<21O 

6 

V. 

vs+ 

vs+ 

-100 

100 

0 

21O<0<27O 

5 

Vfr 

V. 

VJ+ 

-100 

0 

100 

27O<0<33O 

Where  Vi=  Va-Vc,  V2=Vb-Va,  and  V3=Vc-Vb 


4.  Failure  Modes 

Utilisation  of  3-phase  models  to  represent  the  motors  in  the  multi¬ 
lane  actuator  made  it  possible  to  test  for  additional  and  different 
types  of  lane  failure  modes  such  as  line,  commutation  chips,  drive 
transistors  and  motor  failures,  Fig.3.  However,  sudden  introduction 
of  commutation  or  switching  transistor  failures  may  not  result  in  an 
immediate  isolation  or  even  failure  recognition,  hence  the  failures 
are  dormant.  To  illustrate  this,  assume  that  the  system  is  stable  with 
the  lanes  driven  at  the  first  commutation  state,  hence,  Va,  4=VS+, 
Vbj  4=0  and  Vc!  4=VS+.  Also,  assume  that  all  failures  occur  in 
lane  1,  hence,  dormant  failures  may  be  realised  if  the 
following  is  considered; 

1 .  A  short  circuit  between  Va!  and  Vci 

2.  The  transistors  supplying  the  nodes  Va!  or  Vc!  were  latched 
to  Vs+  or  if  the  transistor  supplying  node  Vb]  were  to  be 
latched  to  zero  volts. 

3.  Commutation  chip  continuously  outputs  1st  commutation. 


Fig.3:  Motor  and  Power  Conditioner  Failure 


For  a  dormant  failure  to  become  apparent,  a  change  in  input 
command  signal  (by  the  pilot  or  on  board  computers)  should  take 
place  first.  However,  the  occurrence  of  such  unnoticed  dormant 
failures  is  a  highly  unlikely  event,  which  may  be  eliminated  by 
simple  in-time-monitoring  based  upon  reasonableness  testing.  For 
example,  if  any  of  the  phase  currents  were  to  remain  constant  for  10 
micro  or  more  processor  cycles,  then  an  amber  warning  is  declared. 


5.  Description  of  SGMC  Method 

When  compared  to  Decision  Theory  the  SGMC  does  not  require 
knowledge  of  observations  distribution  (in  presence  or  absence  of 
failures),  knowledge  of  prior  probabilities  (in  presence  and 
absence  of  failures)  or  knowledge  of  cost  functions  for  correct 
and  incorrect  decisions  [19].  When  compared  to  the  Analysis  of 
Variance,  then,  problems  treated  with  this  method  could  be  set  up 
in  different  forms  depending  on  the  number  of  control  parameters 
[20].  The  simplest  form  of  this  method  is  the  No-way  ANOVA, 
which  does  not  consider  any  control  parameters.  Other  higher 
forms  of  ANOVA  may  be  conducted  depending  on  the  number  of 
control  parameters.  In  the  multi-lane  actuator,  the  control 
parameters  could  be  reduced  to  aileron  deflections  at  specific 
aircraft  speeds  (for  a  given  set  of  servos  and  feedback 
transducers).  Regardless  of  the  form  of  ANOVA  used,  the  method 
has  the  following  limitations;  it  is  linked  with  the  analysis  of 
purely  experimental  observations;  its  confidence  level  depends  on 
the  confidence  level  of  the  data  used,  which  could  be  improved 
by  increasing  the  sample  size;  and  its  complexity  is  directly 
related  to  the  number  of  control  parameters.  The  advantages  of 
the  SGMC  method  lies  in  the  fact  that  it  does  not  suffer  from  any 
of  the  above  disadvantages  and  that  it  has  the  following  additional 
advantages;  it  can  be  used  with  the  same  ease  of  application  to  any 
finite  region  (not  essentially  Gaussian);  and  It  requires  smaller 
sample  of  simulation  or  experimental  tests,  hence  its  more 
efficient.  Furthermore,  a  purely  simulation  based  Monte  Carlo 
approach  is  also  inefficient,  since  simulation  time  is  governed  by 
the  false  alarm  rate. 


Fig.4:  Probability  graph  paper 
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Description  of  the  SGMC  may  be  summarized  by  these  steps 

1.  The  thresholds  values  on  the  MVADs  should  be  set  to  high 
values  to  observe  lane  disparities  without  triggering  any 
alarms. 

2.  Peak  lane  disparities,  from  discrete  modes  of  operation,  are 
generated  and  the  flight  case  of  interest  is  identified. 

3.  Data  banks  for  the  chosen  sample  are  then  set  up  and  the 
range  over  which  the  data  spread  over  is  divided  into  intervals 
containing  counts  of  the  number  of  events  of  occurrence 
within  each  interval. 

4.  Cumulative  sum  and  the  probability  percentage  of  occurrence 
are  then  calculated. 

5.  Probability  percentages  are  plotted  on  probability  graph 
paper,  Fig4.  The  x-axis  is  the  percentage  probability,  while 
the  y-axis  represents  the  upper  interval  limit. 
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6.  A  graph  is  fitted  to  the  plotted  data  and  extrapolated  to  intersect 
with  the  y-axis  (10-4  probability-axis).  The  fitted  graph  will  be 
very  close  to  a  straight  line  if  the  percentage  probabilities  were 
normally  distributed.  For  non-Gaussian  distributions  a  smooth 
curve  is  expected,  which  may  also  be  extrapolated,  [21]. 

7.  If  a  threshold  were  to  be  scheduled,  then  it  will  take  the  values 
of  the  TH10",(TH10"4(1)  or  TH,/(2)  etc.)  depending  on  the  mode 
of  operation,  Fig.4. 

8.  If  the  threshold  is  to  be  unscheduled,  then  only  the  maximum 
value  of  the  different  TH^"4  points  should  be  considered,  i.e. 
THlO^(max)-  In  Fig.4  TH^maxf"  THjo"4^). 

In  this  particular  application,  the  flight  case  that  yields  maximum 
peak  lane  disparity  is  8a=18°-low  aircraft  speed  is  the  flight  case  of 
interest  (8a  is  the  aileron  deflection)  and  by  following  a  similar 
approach  to  the  above  steps,  the  current  threshold  was  found  to  be 
4.5Amps. 

6.  Aircraft  Response 

Fig.5  reveals  that  the  maximum  failure  transient  due  to  repeated 
motor/power  conditioner  failures  was  1°  in  amplitude  lasting  over  a 
period  of  0.8  seconds  (at  the  maximum  authority  limit  in  8a  for  low 
aircraft  speed  flight  case).  To  examine  the  aircraft  roll  and  roll  rate 
response,  failures  were  simulated  as  aileron  pulse  disturbances  to 
the  aircraft  model,  [22]  &  [23].  Fig.6  shows  that  the  resulting 
aircraft  response  in  roll  meets  the  aircraft  response  requirement 
(after  absorbing  two  failures)  of  a  maximum  roll  rate  of  5°/sec  and 
bank  angle  3°. 


Fig.5:  Low  Speed  Repeated  6th  Commutation  Failure 


Fig.6:  Aircraft  Roll  Response  to  an  Aileron  Disturbance 


7.  Force  Fight  Between  Lanes 

The  possibility  of  force  fight  between  mismatched  lanes  is  an  aspect 
which  causes  major  concern  in  torque  summing  architectures.  In 
the  most  pessimistic  case,  it  could  result  in  a  small  "dead  zone".  In 
this  design,  efforts  to  minimise  force  fight  between  lanes  were  made 
by  averaging  the  D-A  converter  output  signals,  which  feed  the 
power  conditioner.  This  section  will  assess  the  effectiveness  of 


these  efforts  at  regions  where  the  force  fight  will  be  maximum.  At 
these  regions,  the  net  aerodynamic  load  is  zero;  that  is  the  steady 
component  of  the  aerodynamic  load  cancels  out  with  the  variable 
component  at  a  specific  angle  of  aileron  deflection.  These  aileron 
angles  are  unique  for  each  particular  flight  case,  Fig. 7,  and  will  be 
referred  to  as  the  Zero  Aerodynamic  Load  Angles,  ZALAs.  The 
force  fight  between  lanes  could  be  examined  at  any  of  these 
points,  however,  for  the  purpose  of  illustration  the  low  aircraft 
speed  flight  case  will  only  be  considered,  where  the  ZALA  is  -9° 
approximately.  Fig.  8. 


Fig.7:  Zero  Aerodynamic  Angles 


Fig.8:  Net  Aerodynamic  Load  and  its  Component 
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7.1  Tolerance  Variations 

The  unique  combination  of  component  tolerance  variations 
(resistance,  inductance,  torque  constant  and  voltage  constant)  to 
yield  maximum  and  minimum  torques  for  one  motor  were 
identified  to  assess  the  maximum  force  fight  between  motors.  It 
was  assumed  that  the  parameters  of  two  of  the  motors  are  set  to 
yield  maximum  torque,  8.6Nm,  while  the  parameters  of  the 
remaining  two  are  set  to  yield  minimum  torque,  3.7Nm.  Although 
this  variation  in  the  torque  outputs  is  large,  this  difference  is 
reduced  considerably  when  channel  equalisation  is  applied. 


Fig.9:  Total  and  Individual  Lane  Torques  at -9.0° 


Fig.9  shows  the  absence  of  any  dead  zones  in  the  net  torque 
contribution,  T0.  This  is  because  the  individual  lane  contributions 
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are  almost  identical.  A  further  test  was  carried  to  examine  the 
actuator  output  impedance  to  mismatched  lanes,  Fig.10  and  11.  In 
Fig.  10,  the  aileron  was  deflected  to  the  -9°  position  and  once 
steady  state  was  reached,  an  additional  sinusoidal  disturbance  was 
introduced  to  the  variable  component.  The  disturbance  has  a 
magnitude  equivalent  to  the  maximum  nominal  torque  delivered  by 
the  actuator  at  frequencies  of  up  to  20  Hz.  The  figure  clearly  shows 
that  control  was  maintained  around  the  8a=-9°  with  absence  of  any 
non-linearities  in  the  individual  and  net  torques. 


Fig.10:  Aileron  Deflection  with  Disturbance  at 


Tiaws  [itaidi] 


Fig.  11:  Total  and  Lane  Torques  at -9.0°  Zero  Load  Angles 


8.  Conclusion 

Utilisation  of  three  phase  motor  equivalents  in  the  above  analysis 
permitted  the  examination  of  lane  disparities  in  the  presence  of  the 
torque  ripple  effects.  It  also  allowed  for  detailed  inspection  of 
different  failure  modes  in  either  the  motors  or  power  conditioner 
components.  A  Simulation  Graphical  Monte  Carlo  was  used  to  set 
the  thresholds  on  the  Monitoring  Voting  Averaging  Devices,  which 
were  used  to  identify  and  isolate  failed  Channels.  The  above  study 
showed  that  with  the  current  design  all  aircraft  performance 
requirements  were  successfully  met  after  absorbing  two  failures  at 
false  alarm  rate  of  1  .OE-4.  It  was  also  proven  that  despite  the  poorly 
matched  servos  used,  force  fight  between  lanes  was  minimal  and  is 
not  viewed  as  a  performance  problem.  In  fact,  it  may  be  dismissed 
as  a  limitation  concept  (in  the  torque  summing  architecture)  as  any 
force  fight  will  merely  appear  as  negligible  strain  on  the  summing 
gearbox  teeth. 
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ABSTRACT 

The  design  of  a  longitudinal  stability  augmentation  system  (SAS) 
for  an  aircraft  with  reduced  tail  size  in  preliminary  design  phase  is 
presented.  Reducing  tail  size  will  reduce  drag  and  result  in  better 
fuel  consumption,  but  it  will  reduce  the  level  of  stability.  A  control 
law  is  designed  to  give  the  aircraft  the  same  stability  level  as  that 
with  the  initial  tail  size.  The  feedback  gains  of  the  control  law  are 
computed  with  the  equivalent  stability  derivative  criteria  of 
Cma  anc*  Cm  ■  This  paper  also  gives  an  overview  of  classical 

root  locus  and  pole  placement  method  and  demonstrates  that  the 
equivalent  stability  derivative  criteria  is  suitable  for  preliminary 
aircraft  design  applications. 

1.  Introduction 


Cnt(j  ■  To  verify  this  method  the  classical  root  locus  for  multiple 
loops  and  the  pole-placement  methods  will  also  be  discussed. 

2.  Requirement  and  Objective 

The  designed  control  law  should  be  able  to  maintain  the  stability 
level  of  the  aircraft  with  the  initial  size  of  the  horizontal  plane.  The 
control  law  synthesis  was  performed  based  on  cruise  flight 
condition  with  center  of  gravity  22  %  MAC  since  it  has  the  least 
short  period  damping  ratio. 

3.  Aircraft  Dynamic  Model 

The  linear  longitudinal  aircraft  dynamic  model  is  used  for  control 
law  synthesis.  The  complete  model  is  given  in  the  following. 


The  task  of  finding  the  best  aircraft  design  to  fill  a  given  role  is 
extremely  complicated.  Even  if  a  satisfactory  criterion  of  merit  can 
be  defined,  the  designer  is  faced  with  a  problem  composed  of  a 
large  number  of  interacting  technical  factors  drawn  from  several 
different  engineering  and  scientific  disciplines,  and  by  the  need  to 
satisfy  numerous  mission  requirements  and  constraints.  His/her 
difficulties  are  compounded  by  the  rapid  rate  of  technical  progress 
in  the  aeronautical  sciences,  which  forces  the  designer  to  either 
work  with  uncertain  data  from  the  frontiers  of  knowledge  or  to  use 
proven  technology  and  risk  producing  an  obsolescent  aircraft  ([1], 
[2])- 

One  of  the  modem  technologies  applied  to  the  design  of  aircraft  is 
the  fly-by-wire  technology.  FBW  replaces  mechanical  linkages 
from  the  cockpit  through  control  surfaces  with  electrical  signal 
resulting  in  reduction  in  flight  control  system  weight.  Also  the 
inherent  application  of  active-control  technology  (ACT),  such  as 
stability  augmentation  system,  flutter  suppression  system,  within 
the  FBW  increases  aircraft  performance  [5]. 

Traditionally,  transport  aircrafts  airplanes  are  equipped  with 
mechanical  flight  control  system  and  are  usually  designed  to  have 
inherent  static  stability.  This  design  approach  dictates  the  size  of 
the  horizontal  tail  plane.  However,  in  many  high  performance 
aircrafts  the  inherent  static  stability  margin  may  be  decreased  to 
reach  zero  or  even  negative  (the  so  called  relax  static  stability)  [6]. 
This  results  in  the  reduction  of  horizontal  tail  plane  size  which 
means  a  reduction  in  weight  and  trim  drag.  A  significant  reduction 
of  fuel  consumption  will  be  achieved  [5]. 

Having  a  relax  static  stability,  a  stability  augmentation  system 
should  be  incorporated  to  maintain  the  stability.  It  is  very  desirable 
that  the  control  law  can  be  determined  from  the  very  early  phase  of 
design  to  anticipate  the  design  of  the  flight  control  system.  In  this 
paper  the  equivalent  stability  derivative  criteria  is  proposed  since  it 
deals  with  the  very  early  design  parameters  such  as  r  and 
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where 


Dc  = 


c  d 
2V  dt 


By  performing  some  matrix  manipulation  the  above  equation  may 
be  written  in  state  space  description  as: 


x  =  A  x  +  Bu 


(2) 


where  matrix 


u  a  0 


[5,] 


is  the  input  vector  u 


qc_ 

2V 


is  the  state  vector  matrix  x  and 


The  output  of  the  system  can  be  written  as  : 


y  =  Cx  +  Du  (3) 

Close-loop  State  Feedback  Model 

After  deriving  the  state  space  representation  of  the  aircraft,  it  is 
now  possible  to  apply  modem  control  theory  state  feedback  design. 
State  feedback  can  be  used  to  design  a  control  system  with  a 
specific  eigenvalue.  Consider  the  system  represented  by  the  state 
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equations  given  in  Equations  (2)  and  (3),  by  taking  D  =  0. 

It  can  be  shown  from  optimal  control  theory  that  if  the  system  is 
state-controllable,  then  it  is  possible  to  use  a  linear  feedback 
control  law  given  by 

r)  =  -kT  x  +  T]'  (4) 

to  achieve  a  specific  eigenvalue  structure.  The  matrix  k  is  called 
the  feedback  gain  matrix  and  7]'  is  the  original  control  system 
input.  Combining  Eqs.  (2)  and  (4),  the  closed  loop  system  is  given 
by 

x  =  (A-BkT)x  +  Bri'  (5) 

where  A  -  BkT  is  the  augmented  matrix.  For  the  case  where  the  A 
matrix  may  have  had  undesirable  eigenvalues,  the  augmented 

matrix  (A-BkT)  can  be  made  to  have  specific  eigenvalues  by 
properly  selecting  the  feedback  gains  [4]. 

4.  Effect  of  Horizontal  Tail  Area  on  Stability 
Derivatives 


Fig.l  C™  and  C™  as  a  function  of  horizontal  tail  area. 

ma  frlq 


The  effect  of  changes  in  horizontal  tail  area  on  some  important 
stability  and  control  derivatives  will  be  illustrated  with  the  50- 
seater  turboprop  airplane,  N250.  Table  A1  (Appendix)  lists  the 
important  characteristics. 


In  the  analysis  to  follow,  the  following  expressions  are  known  [1]: 


cL  =cl  +cl 

L'a  u aWB  aH  Sw  da 


(6) 
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Lolh  Sw  aCH  *  da 


(7) 


Cl. 


Sh  Ih 


aH  Sw  C 


—te 


(8) 


Sh 
H  Sw 


cm  .  =  0.433cm 

ma  mq 


(9) 

(10) 


5.  Achieving  Artificial  stability  by  Feedback 

It  is  now  be  assumed  that  any  reduction  of  Sh  fr°m  existing 

value  of  16.31  m2  will  require  stability  augmentation  to  restore  the 

inherent  value  of  Cm  and  r  .  The  stability  augmentation  will 
rriq 

be  obtained  by  a-  and  q-  feedback  through  elevator  deflection. 
Figure  2  shows  a  typical  system  arrangement  for  a-  and  q- 
feedback. 


Using  the  data  in  Table  A1  the  derivatives  of  Equations  (6)  through 
(10)  can  be  expressed  as  a  functions  of  Sh  »  the  following 

manner: 

Cia  ~  6.0653  +  0.0404 S'# 

Cnia  ”6.1982-0.5901557/ 

Cm&e  =  -0.19955//  (11) 

cmq  =  -*ws„ 

Cm=-XA9^H 

Figure  1  shows  how  the  important  derivatives  Cmq  and  Cma  are 
affected  by  these  changes  in  horizontal  tail  area  (Sh)- 


Fig.  2  Typical  arrangement  of  a  and  q  Feedback 

The  gain  K^and  Kq  may  be  determined  using  the  concept  of 
equivalent  stability  criteria.  This  concept  will  be  discussed  in  the 
following  section. 

5.1  Equivalent  Stability  Derivative  Criteria 

Equivalent  stability  criteria  concept  is  a  method  to  determine  how 
much  stability  augmentation  is  needed  to  achieve  certain  desired 
level  of  handling  qualities.  In  this  particular  case  is  how  much 
stability  augmentation  is  needed  if  Sh  reduced  to  obtain  the 

same  level  stability  of  the  original  Sh  - 


C  has  a  very  powerful  effect  on  the  short  period  damping  ratio 

Iflq 

£SP  without  affecting  the  phugoid  characteristics.  To  obtain  the 
required  value  of  Cm  for  the  original  Sh  if  Sh  is  reduced  a 
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pitch  damper  will  have  to  be  used. 


A  pitch  damper  consists  of  a  rate  gyro  which  senses  airplane  pitch 
rate  q  and  then  moves  the  elevator  in  a  manner  proportional  to  q  as 
to  oppose  q.  Assuming  that  such  a  ‘perfect’  pitch-damper  can  be 
built  it  is  seen  that  the  incremental  pitching  moment  obtained  by 
such  a  device  can  be  written  as: 


A 

q-SAS 


Cm  —  C  ■ 


m8< 


(12) 


where  Kq  is  called  the  pitch  damper  gain  constant,  or  elevator  per 
unit  pitch  rate.  The  corresponding  increase  in  r  is  therefore: 

flTq 


A  C 

q-SAS 


mq 


2V 

C  C,nS eKq 


(13) 


Fig.  3  Feedback  gain  and  Kq  as  a  function  of  Sh 

5.2  Root  Locus  Design 


As  a  result  of  this  ‘perfect’  pitch  damper,  the  airplane  now  has  a 
new  value  of  Cm  equal  to: 

rriq 

2V 

Cmq  ~  Cmq  +  ^~Cm5eKq 
SAS-ON  BASIC  q-SAS 

where  ^mq  is  called  equivalent  stability  derivative. 

SAS-ON 


The  control  law  design  with  classical  control  method  using  root 
locus  is  performed  with  short  period  approximation.  Applying 
multiple  loop  as  shown  in  the  system  in  Fig.  2  in  root  locus  design 
is  somewhat  cumbersome,  however  with  some  simplification  it 
can  be  done  quite  elegantly. 

First,  the  transfer  function  of  —  and  —  should  be  determined 

8  e  8  e 

[1].  The  stability  behavior  of  these  transfer  function  is  determined 
entirely  by  the  characteristics  equation: 


The  amount  of  required  pitch  damper  gain  can  now  be  calculated 
from 


Kq 


Desired  Basic  C 


C mS  e 


2V 


(15) 


Feedback  gain  K„  and  K<, 

After  deriving  K**  and  Kq,  now  they  can  be  easily  calculated  by 
substituting  values  of  variables  (see  appendix)  and  they  are  given 
in  figure  3. 


Gt  0 

l  +  KaGa—  +  sK<,Ga—  =  0  (16) 

o  e  8  e 

Using  the  short  period  approximation  for  —  and  —  and 

8  e  8  e 

representing  Qa  by  — — — ,  the  characteristic  equation  can  be 
s  + a 

expanded  into: 

j3  +  s2(2£  o)„  +  a)  +  s(a)2„  +  2  <  o)„  +  Ka  aKasco2„Ta 
+  KvaKQsTea)2n)+  (17) 

+  K(xaK  +  KqQKQ$(ofy=  0 


Figure  4  presents  a  root-locus  of  the  system  of  Fig.  2.  It  is  seen  that 
the  system  is  apparently  also  capable  of  stabilizing  an  inherently 
unstable  airplane. 
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Fig.  4  Root  locus  for  multiple  loop 

5.3  Pole-placement  Method 

The  pole-placement  method  is  a  broadly  explained  in  [4].  This 
method  deals  with  the  feedback  gain  required  if  the  desired  poles 
position  is  given.  For  practical  calculation  the  function  place  in 
MATLAB  can  be  used  directly. 


The  comparison  of  the  gains  obtained  from  the  equivalent  stability 
criteria,  root  locus  and  pole-placement  is  given  in  Table  1  if  Sh  is 

reduced  to  12m2. 


Equivalent  Stability 
Derivative  criteria 

Root  locus 

Pole-placement 

K 

kq 

ka 

K 

K 

_kg _ 

1.0626 

8.784 

1.012 

9.797 

1.053 

9.337 

Table  1  Comparison  of  the  gains  for  the  three  different  methods 


6.  Applying  control  law  into  airplane  with  reduced 
tail  size 


7.  Conclusion 

The  equivalent  stability  derivative  criteria  presented  in  this  paper 
forms  a  very  useful  method  to  design  the  control  law  to  be  used  as 
a  stability  augmentation  system  for  an  aircraft  with  reduced  tail 
size  in  the  preliminary  design  phase.  The  gains  calculated  using 
this  method  is  comparable  to  those  designed  with  root  locus  and 
pole  placement  methods.  However,  the  control  law  should  be 
verified  with  more  accurate  calculation  in  the  detail  design  of  flight 
control  system. 
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Appendix 

Table  A1  Characteristics  of  N250 

S  =  65  m2;  Sh  initial  =  16.31  m2;  C  =  2.417  m;  W  =  22000  kg 

Xcg  =  22  %  mac;  V  =  220  keas;  H  =  20000  ft 

Power  setting  :  cruise  flight 


The  goal  of  this  study  is  to  investigate  the  use  of  stability 
augmentation  system  into  the  aircraft  with  reduced  tail  size.  The 
control  law  obtained  from  the  equivalent  stability  derivatives 
criteria  is  used  as  a  feedback  controller.  The  open  and  closed  loop 
characteristics  as  a  function  of  Sh  is  shown  in  Figure5. 
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Fig.  5  Damping  ratio  of  open  and  closed-loop  system 
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Abstract 

Here,  we  presents  a  design  methodology  to  develop  flight 
control  system  using  neural  networks  and  genetic  algorithms. 
The  flight  simulation  model  considered  here  has  various 
types  of  uncertain  parameters  i.e.  aerodynamics,  actuator 
dynamics,  sensor  dynamics,  environmental  conditions,  time 
delay  etc.,  the  stochastic  properties  of  which  are  defined  a 
priori.  The  flight  control  system  requirements  are  defined 
based  on  the  flight  simulation  results,  and  the  neural 
networks  with  a  preselected  architecture  is  used  to  develop 
flight  control  laws.  The  training  of  neural  networks  is 
accomplished  through  genetic  algorithms.  In  order  to 
determine  the  performance  of  the  trained  neural  networks, 
Monte  Carlo  method  is  applied  to  the  results  of  large  number 
of  simulated  flights  to  estimate  the  probability  of  satisfying 
the  requirements,  or  the  probability  of  total  mission 
achievement.  Simulation  results  for  a  benchmark  problem  of 
pitch  attitude  control  of  a  flight  vehicle  are  presented  to 
illustrate  the  performance  of  the  proposed  methodology.  The 
results  of  proposed  NN  structure  is  compared  with  the 
proportional-integral-derivative  structure. 

1.  INTRODUCTION 

Robustness  against  uncertainty  is  must  for  the  success  of 
flight  control  systems.  The  flight  simulation  is  an  essential 
tool  for  evaluation  of  the  control  system’s  performance.  It 
generally  includes  uncertainty  which  are  used  in  a  wide 
variety  of  simulation  components  such  as  aerodynamics, 
actuator  dynamics,  sensor  dynamics,  environmental 
conditions,  and  so  on.  In  order  to  consider  the  effects  of 
these  uncertain  parameters,  the  stochastic  methods  must  be 
applied  to  evaluate  the  total  system  performance.  It  is  then 
necessary  to  define  the  probability  distribution  functions  of 
uncertain  parameters.  Once  they  are  assumed  appropriately, 
it  is  possible  to  estimate  the  stochastic  properties  of  the  flight 
control  system  by  the  Monte  Carlo  flight  simulation.  As  the 
flight  simulation  determines  whether  the  vehicle  satisfies 
requirements  and  specifications,  Monte  Carlo  flight 
simulation  is  used  to  obtain  the  probability  of  total  mission 
achievement,  which  is  the  most  critical  objective  to  be 
maximized  in  flight  control  system  design. 
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Stochastic  evaluation  and  optimization  of  flight  control 
systems  was  first  discussed  by  Stengel  et  al.1  who  introduced 
the  technical  term  “stochastic  robustness”.  The  basic  idea  of 
this  approach  was  proposed  by  Marrison  and  Stengel2'3. 
Schubert  and  Stengel4  have  suggested  flight  control 
optimization  using  parallel  computation.  Recently, 
Miyazawa  and  Motoda5  has  applied  proportional-integral- 
derivatiive  controller  based  on  stochastic  gain  tuning  method 
and  mean  tracking  technique  to  tune  the 
feedback/feedforward  gains  on  a  benchmark  problem.  In  the 
present  work,  a  methodology  for  nonlinear  controller  design 
based  on  neural  networks  (NN),  genetic  algorithms  (GAs) 
and  stochastic  optimizations  is  presented  and  it  is  tested  on 
the  same  benchmark  problem  with  a  view  to  develop  robust 
controller. 

2.  BENCHMARK  PROBLEM 

We  consider  a  simple  example  of  pitch  attitude  control  of  a 
flight  vehicle  with  NN  controller  as  shown  in  Fig.l.  Here,  the 
pade  (1,1)  approximant  to  time  delay  is  considered.  The 
uncertain  parameters  are  a,  b ,  k  and  time  delay,  T.  The 
stochastic  properties  of  these  parameters  are  independent  of 
each  other,  their  probability  distribution  functions  are 
assumed  to  be  normal,  and  their  means  and  variances  are 
given  as  follows  : 

K~N(\ik,ok\  7~A(|iT,cT2),  tf~A(pa,ca2),  b~N(\ib,oh2) 

where,  fik=0;  pT=0.2;  |!a=0;  pb-0;  ok=0.5;  a^O.5;  aa=3; 
ob=0.05  (base-line). if  T  <0,  7=e;  e=10'6. 

The  control  design  objective  is  defined  in  the  following 
quadratic  function,  where  the  initial  state  of  the  system  is 
null  and  the  command  is  non-zero  and  constant: 

J<Jo ;  4=10  (s) 

Jo  yc 

(1) 

It  is  to  be  noted  that  the  integration  here  is  carried  out  till  80 
sec  only.  This  is  because  of  larger  computational  resources 
involved  in  running  the  simulation  for  longer  duration. 
However,  this  introduces  the  problem  of  convergence  of  the 
solution.  To  do  away  with  this  problem,  an  another  constraint 
has  been  considered  as  follows: 


(dy/dt)l=6„  sec  <  0.01  (2) 


'00  A 
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3.  DEVELOPMENT  OF  NONLINEAR 
CONTROL  LAW 

The  motivation  for  considering  a  NN  for  this  problem  was  to 
develop  a  nonlinear  controller.  A  feedforward  multilayer  NN 
is  used  to  synthesis  nonlinear  feedback  laws  (Fig.  2).  The  NN 

takes  yc,  y,  y ,  Jydt  as  inputs  and  control  variable,  u  as 

output.  The  tansigmoidal  activation  function  is  used.  A  single 
hidden  layer  with  nncuron  number  of  neurons  as  a  design 
parameter  has  been  added  between  the  input  and  output 
layers.  As  the  input-output  mapping  of  the  plant  involving 
uncertainty  is  difficult,  the  NN  is  trained  on-line  using  GAs. 


4.  DESIGN  OPTIMIZATION 

The  NN  controller  involves  many  design  parameters.  In 
the  order  to  obtain  these  parameters  so  as  to  maximize  the 
objective  function  or  fitness  i.e.,  probability  of  satisfying  the 
requirement  given  by  equation  (1),  GA  is  used.  Control 
problems  in  which  the  system  dynamics  or  the  performance 
measures  are  discontinuous,  non-smooth,  or  non-convex  are 
difficult  to  solve  with  conventional  methods.  GA  is 
extremely  useful  for  these  types  of  problems,  as  it  is  not 
gradient-based  and  can  operate  regardless  of  the  complexity 
of  the  problem  dynamics  or  performance  specifications. 
However,  the  GA  procedure  in  general  involves  especially 
much  computational  efforts  towards  the  optimal  solution  and 
therefore  some  modifications  have  been  suggested  so  as  to 
tackle  this  problem.  The  modified  GA  Algorithm  involves 
the  following  steps: 

Step  1  Choose  binary  coding  to  represent  design  parameters. 
Select  a  tournament  selection  operator,  a  uniform  crossover 
operator,  jump  and  creep  mutation  operators.  Take 
population  size,  np,  number  of  children  per  pair  of  parents, 
nChiid>  crossover  probability,  pc  (i.e.,  0.5)  and  jump  and  creep 
mutation  probability,  pmj  and  pmc.  Initialize  a  random 
population  of  strings  of  size  nparamlp,  where  nparam  and  lp  are 
the  number  of  design  parameters  and  their  respective  number 
of  chromosomes  (binary  bits).  Choose  a  maximum  allowable 
generation  number  tmaxgn.  Set  tgn=0. 

Step  2  Evaluate  each  string  in  the  population. 

Step  3  If  tgn>tmaxgn  or  other  termination  criteria  is  satisfied, 
Terminate. 

Step  4  Perform  niching  (sharing)  on  the  population. 

Step  5  Perform  reproduction  on  the  population. 

Step  6  Perform  crossover  on  random  pairs  of  strings. 

Step  7  Perform  mutation  on  every  string. 

Step  8  Evaluate  strings  in  the  new  population.  Set  tgn=tgn+l . 


Step  9  If  the  fitness  value  remains  same  for  ngn  number 
of  generations,  consider  next  population  consisting  of  only 
string  of  highest  fitness  value.  Still  if  the  fitness  value  does 
not  improve  for  pgn  number  of  generations,  terminate, 
otherwise  go  to  Step  3. 

5.  RESULTS  AND  DISCUSSION 

With  a  view  to  assess  the  efficacy  of  the  proposed 
methodology,  it  has  been  applied  on  the  benchmark  problem 
explained  earlier.  The  detailed  system  response  is 
numerically  simulated  using  Runga-Kutta  forth  order  method 
with  a  step  size  of  integration  as  0.02  sec.  We  assumed  the 
following  numerical  data  for  GAs:  np=  50,  nchiId=  1 ,  pmj=0.02, 
pmc=0.04,  lp=15,  ngn=20,  pgn=10,  tmaxgn=100.  The  niching 
(sharing)  is  done  through  Goldberg’s  multidimensional 
phenotypic6  sharing  scheme  with  a  triangular  sharing 
function.  Here,  the  GA  driver  developed  by  David  L.  Carroll, 
University  of  Illinois,  Urbana,  Illinois,  USA  has  been  used. 

We  first  consider  the  case  of  fixed  set  point.  For 
convenience,  we  take  yc=l.  The  results  of  this  case  are 
shown  in  Table  1.  The  results  for  the  PID  are  also  presented 
in  Table  1  for  comparison.  It  has  been  found  that  the  use  of 
PID  results  in  24  unsuccessful  cases  whereas  the  NN  has 
only  13  unsuccessful  cases.  Thus,  NN  could  roughly  make 
half  of  PID  failure  cases  into  successful  cases.  Fig.  3  shows 
some  of  these  successful  responses.  It  is  important  to  note 
that  some  of  the  NN  responses  involves  initial  oscillations. 
This  is  due  to  sudden  change  in  controller  output  in  initial 
stage. 


Table  1.  Comparison  between  the  Performance  of  NN 
and  PID  Controllers  for  fixed  set  point. 


Case 

(2000  Monte  Carlo 
Simulation)  yc=l 

Performance 
Base-line  1.5  x  a 

2  x  a 

PID 

with  pade  (1,1) 
approximant  to 
time  delay  model 

98.8% 

(tuned) 

88.25% 

72.7% 

with  pure  time 
delay  model 

96.5% 

83.05% 

66.85% 

NN  (1-3-1) 

with  pade  (1,1) 
approximant  to 
time  delay  model 

99.35% 

(tuned) 

90.9% 

75.1% 

with  pure  time 
delay  model 

97.15% 

98.1%  (tuned) 

86.8% 

73.05  % 

In  the  case  of  pure  time  delay,  the  results  for  both  PID  and 
NN  have  detori ated  as  expected.  The  NN  still  performed 
better  than  PID.  When  we  increase  standard  deviations  of 
uncertain  parameters  with  respect  to  the  base-line,  we  get  the 
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similar  resultls  showing  the  robustness  of  NN  compare  to 
PID. 


Table  2.  Design  Parameters  obtained  through  GAs. 


PID  Model 

KF  =  0.8 1 45,  Kp=2.61 39,  KD=2.8 1 90, 

K,  =  0.3269, 

NN  Model 

W'=[  1.5572  -2.7532  2.0397; 

(l-3-l):S'=3 

-1.2789  1.9912  -0.9087; 

-1.9561  1.7647  2.6193; 

-0.1515  1.0601  -1 .9381] T 

b'=  [  0.0003  0.0003  0.0003  ]T 

W2=[  -2.0104  4.3149  2.9904  ]T 
b2=  0.0003 

NN  Model 

W'=[  1.5877  1.2889  1.3549  -0.5196; 

(l-4-l):S1=4 

4.4720  -1.4779  2.1554  1.8377; 

0.8498  -1.9118  1.3555  0.7927; 

-0.5303  -0.2629  0.4387  3.2983] 

b‘=  [  0.0001  0.0001  0.0001  0.0001]T 

W2=[  0.2104  -1.7904  -0.5312  0.0954  ]T 
b2=  0.0001 

Next,  we  consider  the  the  case  of  variable  set  point.  We 
vary  yc  uniformly  in  the  range  from  -1  to  1.  For  base-line 
case,  PID  gives  performance  of  98.8%,  whereas  NN  with 
structure  1-4-1  has  the  performance  of  98.55%.  In  this 
situation  of  variable  set  point,  the  NN  could  not  perform 
better  than  PID. 

6.  CONCLUSIONS 

Here,  we  investigated  the  nonlinear  controller  based  on  NN. 
The  design  optimization  is  carried  out  through  GAs.  The 
numerical  performance  results  for  a  benchmark  problem 
of  pitch  attitude  control  of  a  flight  vehicle  is  presented.  It  is 


found  that  the  performance  of  NN  controller  is  better  than 
the  PID  controller  for  the  fixed  set  point.  However,  in  case 
of  variable  set  point  the  controller  could  not  perform  better 
than  the  PID  controller.  It  is  suggested  to  carry  out  further 
research  so  as  to  remedy  this  problem.  The  proposed 
approach  involves  extensive  computation.  However,  with 
expanding  computational  power  the  methodology  presented 
may  be  useful  for  designing  flight  control  systems. 
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Fig.l  Neural  Network  Controller  for  the  benchmark  problem. 
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Fig  3.  Typical  Response  Plots  showing  the  effectiveness  of  NN  controller  for  yc=l  and  the  sets  of  uncertain  parameters  are 
(a)  K  =-6.9710,  7  =0.2875,  a=-1.0550,  6=0.4556;  (b)  K  =-8.3310,  7  =0.2193,  a=  -1.1850,  6=-0.0843;  (c)  K  =5.6590,  7  =0.2982, 
a=-0.1033,  6=-0.3029;  (d)  K  =-7.2860,  7=0.1838,  a=0.7879,  b=- 1.0020. 
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ABSTRACT 

This  paper  presents  the  application  of  moving  horizon 
states  estimation  (MHSE)  method  to  estimate  states  of 
non-linear  aircraft  equation  of  motion  from  dynamic 
maneuver’s  flight  test  data.  To  determine  the  optimum 
solution  of  minimizing  the  performance  index  a 
Quasi-Newton  or  gradient  method  is  used.  The  present 
method  also  uses  the  Armijo’s  line  search  gradient  to 
guarantee  the  solution/estimation  to  converge  faster.  The 
MHSE  method  is  applied  to  flight  test  data  of  N250  PA-1 
aircraft  for  parameter  identification  and  flight  path 
reconstruction.  The  result  of  estimation  is  also  used  to 
evaluate  the  accuracies  of  the  measurement  systems. 

1.  INTRODUCTION 

For  analyzing  a  prototype  and/or  series  aircraft,  the 
nonlinear  model  states  and/or  parameters  estimator  is  critical 
to  the  success  of  identification  process  of  stability  and  control 
derivatives  in  the  linearized  equation  of  motion.  Identification 
process,  states  space  model  generating,  and  some  robust 
controller  designing  require  estimation  of  model  states  and/or 
parameters  that  often  are  unmeasurable  directly.  For  example, 
application  of  state-feedback  controller  for  longitudinal 
modes  uses  unmeasurable  states,  such  as  velocity  on  axes-x 
and  axes-z,  whereas  the  states  to  be  transformed  become 
angle  of  attack  on  aircraft  center  of  gravity  axes-system. 

In  the  state  estimation  process,  the  stochastic  model 
for  states  and/or  parameters  is  proposed,  and  then  the 
optimization  method  provides  the  algorithm  to  find  the  best 
values  to  represent  unmeasurable  states. 

The  application  of  Kalman  filter  is  well  used  for  state 
estimation,  which  provides  a  recursive  solution  to  the 
minimum  variance  estimation  problem  for  linear  system  with 
Gaussian  variables.  And  then  the  extended  Kalman  filter 
(EKF)  extends  to  nonlinear  system  by  linearizing  the 
non-linear  model  with  a  first  order  Taylor  expansion  around 
the  current  estimate.  However,  when  the  higher  order  terms 
neglected  by  linear  model  are  significant,  the  EKF  cannot 
converge  to  unbiased  estimation. 

This  paper  focuses  on  the  implementation  of  a 
non-linear  moving  horizon  state  estimation  (MHSE)  from  on 
board  measurements  aircraft’s  flight  test  data,  similar  to  that 
proposed  by  Ari  [1],  and  Robertson  and  others  [2]  combined 
with  use  the  Armijo  line  search  gradient. 
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The  MHSE  is  an  interactive  method  to  estimate 
unmeasured  states,  which  optimizes  a  performance  index 
subject  to  dynamic  model  of  states  and  defined  model  of 
observation  using  a  set  of  observation  data.  The  data  size  that 
used  to  find  the  optimal  estimation  is  called  as  horizon  size. 

Using  real  flight  test  data  of  parameters  identification 
flights  mission,  this  method  is  applied  to  reconstruct  the 
aircraft  flight  path. 

2.  DYNAMIC  MODEL 

Consider  the  system  described  by  non-linear  dynamic 
model: 

x(t)  =  fKx(t),P(tXU(t» 

y(t)  =  g](x(t),P(t))  +  V(t)  (  } 

T 

where  x  =  [u  v  w  0  <p  y  h]  is  state  vector, 

U=[p  q  r  axay  az]  is  input  vector, 

T 

y  =  [av  pv  0  cp  y  h  Vj]  is  measurement  vector,  V(t)  is 
measurement  systems  error  assumed  as  a  zero-mean, 
uncorrelated  random  process.  The  states  model  fi  is  similar  to 
the  kinematics  equation  model  of  nonlinear  aircraft  equations 
of  motion  in  Etkin,  [5] 

u  =  ax  -gsin  0  -  qw  +  rv 

v  =  ay  +  g  cos  0  sin  ^  +  pw  -  ru 

w  =  az  +  g  cos  0  cos^  -  pv  +  qu 

<j>  =  p  +  q(  sin  <p  +  r  cos  cp )  tan  0  (2) 

0  =  q  cos  cp  -  r  sin  (p 

y  =  (  q  sin  0  +  r  cos  (p  )  sec  0 

h  =  u  sin  0  -  v  cos  0  sin  (p  -  w  cos  0  cos  <p 

and  the  measurement  model  gl  is  described  by  nonlinear 
equation,  as  follows: 

«cg=tan-'y 

Pcg=sin''(^r) 

Vj  =Vu2  +  v2  +  w2 

av=P1+P2aCg+P3q 

Pv  =  p4  +  ?5Pcg  +  P6r 


(3) 


(4) 


-  697  - 


P  =  [Pi  P2  P3  P4  P5  P6]T  is  vector  representing  unmeasured 
parameters  of  the  instrumentation  model  of  relationship 
between  stability  angles  measured  at  vane  (av  and  pv)  and  at 
the  center  of  gravity  axes-system  (acg  and  pcg). 

Where  P(t)  has  a  dynamic  model 


P(t)  =  W(t) 


(5) 


and  W(t)  is  a  zero-mean,  uncorrelated  random  process. 

In  this  dynamic  model,  the  measured  data  of  acceleration  and 
angular  velocity  are  taken  as  the  inputs,  whereas  stability 
angles,  attitude  angles,  altitude  and  airspeed  are  taken  as  the 
outputs,  just  because  the  former  measurements  give  good 
precisions  in  the  result  of  flight  data  measurements  system. 

Equations  (1)  and  (5)  are  combined  to  represent  the 
augmentation  model : 


X(t)  =  f(X(t),  U(t))  +  W(t) 
y(t)  =g(X(t))+ V(t) 
where 


X(t)  = 


x(t) 

m 


is  augmented  state  vector. 


(6) 

(?) 


3.  MOVING  HORIZON  STATE 
ESTIMATION 


method  is  method  of  unconstrained  optimization,  which 
approximates  the  Newton  search  direction.  And  in  order  to 
improve  the  method  to  obtain  ‘globalized  convergence’,  an 
Armijo  type  step-size  will  be  added  to  this  algorithm  (called  as 
Newton-  Armijo  method). 

Assume  that : 

(i)  performance  index  J(X(t))  is  twice  Lipschitz 
continuously  differentiable  on  bounded  sets. 

(ii)  second  order  derivatives  of  J(X(t))  or  Hessian  matrix 
is  positive  definite. 

Then,  the  Newton- Armijo  method  to  solve  the  problem  as  in 
eq.  (12)  can  be  formulated  iteratively  as  follows  [4  ]. 

X„+1  =Xn+XnH(Xnr1G(Xn)  (13) 

where  Xn  is  the  estimated  value  of  X(t)  on  n-th  step, 
H(Xn)  is  Hessian  matrix  of  J(X(t))  on  estimated  value  Xn  , 
and  Xn  is  Armijo  step-size  is  formulated  as  follows  : 

X„=maxfpk  |  J(Xn  -pkH(Xn)G(Xn)-J(Xn)<apk|G(Xn 
keN(  11 

(14) 

where  k  is  an  integer  and  a  e  (o,~)  and  p  e  (0,l)  are  known. 

3.2  MHSE  Algorithm 


The  moving  horizon  state  estimation  (MHSE)  problem 
with  horizon  size  m  can  be  formulated  as  follows  [1][2]  : 

min  J(X(t))=|VT(t)ZV(t)  (8) 

X(t)  2 

in  range  time  [t,t+wTs]  subject  to  : 

V(t)  =  y(t)-g(X(t))  (9) 

where  the  initial  value  at  t=0 

X(0)  =  X0  (10) 

is  known,  and  Ts  is  sampling  time  of  measurement  data,  and  Z 
is  weighting  matrix. 

3.1  Optimization  using  Newton-Armijo  Method 

To  minimize  performance  index  in  equation  (8),  we 
have  to  find  estimated  x(t)  such  that 

wm  =0  (11) 

ex(t)  *(t) 

If  derivative  of  J(X(t))  with  respect  to  X(t)  above  is  defined  as 
G(X(t)),  thus  the  optimization  of  MHSE  problem  is  to  solve 
system  of  non-linear  equation  of  the  form  : 


To  solve  the  MHSE  problem  subject  to  conditions  in 
Eq.  (8)  -  (10)  of  dynamic  model  in  Eq.  (6)  numerically,  firstly 
we  define  the  initial  values  of  states  in  time  horizon  t  =  to  ,  Xo 
such  as  in  Eq.  (10),  define  the  constants  a  ,  P  and  precision 
parameters  s,  sb  and  then  execute  recursive  algorithm  as 
follows  : 

(a)  set  i  =  0. 

(b)  check  if  G(Xj)<e  ,  then  go  to  (c). 
compute  Xi  as  in  Eq.  (14),  and  Hessian  : 

H(Xi)j  =-l-[G(Xi+eiej)-G(Xi)] 

where  ej  is  the  jth  column  of  the  N  X  N  identity 
matrix  and  N  is  state  size, 
update  • 

Xi+1  =Xi+XiH(Xir1G(Xi) 

i  =  i  +  1 
go  to  (b). 

(c)  set  t  =  t+Ts  and 

Xj  =Xi  +  j[_Tsf(X(r),U(r))dt 
go  to  (a). 

( repeat  until  t  =  to+wTs  ) 

4.  FLIGHT  PATH  RECONSTRUCTION 
USING  MHSE  METHOD 


G(X(t))  =  0  (12) 

Many  methods  have  been  proposed  to  solve  this 
problem.  In  this  paper  Quasi-Newton  method  is  used  because 
it  gives  a  convergence  to  the  optimal  estimate.  Quasi-Newton 


The  calculation  of  the  aircraft  state  trajectory  from 
recorded  input  and  output  measurements  is  called  as  an 
aircraft  state  estimation  or  aircraft  state  reconstruction 
problem.  Because  in  this  case  data  of  airspeed  and  altitude 
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output  measurements  are  used,  the  aircraft  state 
reconstruction  problem  is  subsequently  called  as  flight  path 
reconstruction  problem.  [6] 

The  purpose  of  aircraft  flight  path  reconstruction  is  to 
provide  a  check  on  instrument  accuracy  and  data  consistency 
apart  from  generating  estimates  of  unmeasured  variables.  The 
instruments  accuracy  is  to  provide  some  measured  variables  of 
calibration  model,  e.g.  airspeed,  angle  of  attack,  side-slip  angle, 
altitude  etc.  and  estimating  of  unmeasured  variables  is  to 
provide  generating  of  optimum  or  robust  control  law  that’s 
results  some  automatic  control  designs  [3]. 

In  order  to  reconstruct  the  aircraft  flight  path,  dynamics 
motion  type  of  flight  test  is  required.  Some  methods  to  conduct 
the  dynamics  motion  with  optimum  input  are  proposed.  One 
of  most  popular  methods  is  using  doublet  pilot  input  command. 
Flight  test  data  of  the  N250  PA-1  aircraft  is  used  for  purpose  of 
parameter  identification.  In  case  of  lateral-directional  dynamic 
modes,  aileron  and  rudder  doublets  are  inputted,  and  in  case  of 
longitudinal  dynamic  modes,  elevator  and  engines  power  lever 
doublets  are  inputted.  With  respect  to  the  available  range  of 
control  surface  deflection,  engine  power,  PIO,  and  stability  of 
aircraft,  required  amplitude  and  time  period  of  each  doublet 
input  for  various  aircraft  conditions  (airspeed,  altitude,  and 
flaps  setting)  are  evaluated  using  flight  simulator. 

For  150  knots  of  equivalent  airspeed,  10000  feet  of 
altitude  and  cruise  condition,  in  case  of  lateral-directional 
dynamic  modes,  the  doublet  rudder  is  inputted  1  degree  of 
amplitude,  4  seconds  of  time  period  and  it  takes  25  seconds 
until  steady  state  condition  occurred,  and  then  followed  by  the 
doublet  aileron  with  2  degrees  of  amplitude  and  4  seconds  of 
time  period.  For  longitudinal  dynamic  modes,  the  doublet 
elevator  is  inputted  2.5  degrees  of  amplitude,  4  seconds  of  time 
period  and  5  seconds  until  steady  state  condition  occurred,  and 
then  followed  by  the  inputted  engine  power  lever  with  12%  of 
amplitude,  4  seconds  of  time  period  (see  Figure  1). 

The  aircraft  responses  are  shown  by  measured 
variables:  side-slip  angle  (AOS),  roll  angle,  heading  angle 
(lateral-directional),  and  angle  of  attack  (AOA),  pitch  angle, 
altitude,  true  airspeed  (longitudinal)  in  Figure  2  (left  side) 
where  flight  test  data  are  recorded  using  20  Hz  data  sampling 
rate.  An  execution  of  the  MHSE  using  the  present  algorithm  is 
almost  converging  to  optimum  estimated  states  in  different 
number  of  iterations.  The  number  of  iterations  required  is 
depending  on  how  big  a  precision  parameter  s  is  given,  and 
also  how  fine  the  initial  condition  of  dynamic  model  in  Eq.  (6) 
is  available. 

In  this  case  the  value  of  s  is  0.00001,  the  size  of  horizon 
time  is  13,  and  initial  condition  is  determined  by  deriving 
states  in  steady  condition  at  a  few  seconds  before  pilot 
command  is  inputted.  The  results  of  estimation  using  MHSE 
are  shown  in  Figure  2  (right  side)  for  states  and  in  Figure  3  for 
parameters.  The  result  of  calibration  model  of  AOS  and  AOA 
in  Equation  (4)  is  represented  by  convergence  points: 

-  offset  angle  :  2.5  degrees  (P]),  -0.4  degrees  (P4), 

-  gradient :  0.8  (P2),  1.2  (P5) 

-  time  delay  due  rate  angle:  0.06  seconds  (P3,  P6) 

In  Figure  2,  we  can  see  that  the  consistency  of  data  between 
flight  test  data  measurement  system  with  reconstructed  data 
using  dynamics  and  instruments  model  in  Eqs.  (2)  -  (4)  are 
good,  where  time  histories  of  the  estimated  observations  agree 
well  with  the  measured  observations.  The  measurements 


system  accuracy  can  be  evaluated  as  not  greater  than  0.5 
degree  (in  dynamic),  or  0.1  degree  (in  steady)  for  angle 
measurements,  0.5  knot  for  true  airspeed  and  20  feet  for 
altitude. 

5.  CONCLUSIONS 

An  application  of  MHSE  method  to  aircraft  flight  path 
reconstruction  is  presented.  In  order  to  find  the  optimal 
estimation,  the  nonlinear  optimization  using  Quasi-Newton 
combined  with  Armijo  type  step-size  method  is  proposed.  The 
result  of  this  optimization  showed  that  the  present  MHSE 
method  is  useful  for  system  parameter  estimation  and  flight 
path  reconstruction. 
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ABSTRACT 

The  implementation  of  the  Method  of  Maximum 
Likelihood  Estimation  (MMLE)  in  estimation  theory  can 
be  by  optimisation  or  the  filtering  approach.  This  paper 
describes  the  implementation  of  a  variant  of  the  latter 
namely  the  Extended  Kalman  Filter  (EKF)  with  an 
adaptive  technique  for  tuning  the  filter  parameters 
implemented  in  FORTRAN  with  an  MS  Windows  based 
user  friendly  front  end.  This  helps  to  analyse  with  ease, 
rapidity,  and  efficiency  a  range  of  simple  to  complex 
systems.  This  has  been  found  to  be  an  effective  tool  for 
teaching  and  research  in  the  filtering  technique  in 
estimation  theory. 

1.  INTRODUCTION  TO  EKF 

The  most  general  problem  in  state  and  parameter 
estimation  technique  consists  of  qualitatively  modelling 
the  system,  measurement,  process  and  measurement 
noise  characteristics  and  to  quantitatively  determine  all 
the  unknown  parameters  in  the  above  by  combining  the 
information  in  the  model  output  with  the  measurement  in 
some  suitable  optimal  sense.  A  general  nonlinear 
continuous  system  and  discrete  measurement  model  can 
be  described  by 

X  -  F(X,  U,  0,  t)  +  w(t);  X(O)  =  X0 

Z  =  G(X,  11,0,1,)  +  ^);  k  =  1,2, . N 

where  X,  Z,  0,  U,  w,  and  v  denote  the  states, 
measurements,  unknown  parameters,  control  inputs,  state 
and  measurement  noise  matrices  of  appropriate  order. 
The  measurements  at  a  time  step  are  denoted  by  a 
subscript.  The  process  and  measurement  noise  have  zero 
mean  with  covariance  Q  and  R  respectively.  The  time 
evolution  of  the  estimate  and  covariance  of  state  variable 
X  in  terms  of  the  transition  matrices  (j)  and  \\f  obtained 
by  suitable  local  linearisation  are 

Xr  =  <Fk-l  Xk-l  +  Wk-l  Uk-i5  X(0)  =  X0 

PL  =  <t>k-i  pk-i  <i>k-iT  +  Qk;  P(0) 5=1  p0 

Zk  =  Hk  xk  +  vk 
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The  superscript  (-)  indicates  the  estimate  before  using  the 
measurement  information.  Thus  we  have  at  time  tk  an 
estimate 

Xk'  with  covariance  Pk' 

and  another  from  the  measurement  namely 

Zk  with  covariance  Rk 

when  combined  optimally  provides 

Xk+  -  Xk"  +  Kk[  Zk  -  Hk  Xk'  1  =  Xk‘  +  Kk  vk 

Pk+=[I-KkHu]Pk-[I-KkHk  ]T  +  KkRKkT 

where  vk  is  the  innovation  and  the  Kalman  Gain 

Kk  =  Pk-HkT(Hk  Pk-HkT  +  Rk  ]-' 

When  a  linear  system  is  driven  by  white  noise  the 
Gaussian  distributed  state  X'  evolve  with  modified  mean 
and  covariance.  The  linear  measurement  equation  also 
provides  a  Gaussian  distributed  Z.  Then  the  conditional 
probability  distribution  of  X  given  Z  namely  p(X|Z)  is 
also  a  Gaussian.  Thus  linear  systems,  measurements, 
and  white  noise  match  to  keep  X  and  Z  as  a  Gaussian. 
But  if  either  the  system  or  the  measurement  is  nonlinear 
the  Gaussian  structure  is  changed  and  one  resorts  to 
quasilinearization  at  every  point,  or  over  the  full  data  to 
deal  with  the  problem.  The  innovation  follows  a 
Gaussian  distribution  whose  probability  when 
maximised  leads  to  the  cost  function 
N 

J  =  (l/N)Ivk[Hk  Pk-HkT  +  Rk]  vkT 
i=l 

-  J(Xo,Po,Q,R,0) 

which  is  basically  a  batch  processing  nonlinear 
optimisation  problem  and  the  numerical  effort  cannot  be 
avoided.  For  minimising  J,  we  have  to  tune  the  statistical 
noise  covariances  which  are  usually  assumed  to  be 
diagonal.  This  is  the  filter  ‘tuning’  approach.  Among  the 
unknowns  Q  is  the  most  ‘notorious’  one.  When  Q  =  0, 
the  above  reduces  to  the  so  called  output  error  method.  If 
the  unknown  parameter  0  is  also  considered  as  an 
additional  state  then  the  formulation  is  known  as  the 
Extended  Kalman  Filter  (EKF). 
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2. ADAPTIVE  ESTIMATE  OF  P0,  Q  AND  R. 

The  general  methodology  of  any  filter  estimation 
algorithm  is  to  update  the  X0,  Po>  ©>  R  and  Q  at  a  point, 
over  a  window,  after  a  pass  or  after  multiple  pass  by 
applying  some  corrections  to  them  based  on  changes, 
iterations  or  sample  statistics  such  that  the  numerical 
procedure  does  not  diverge  but  converges  to  the  best 
possible  estimates  based  on  the  information  contained  in 
the  data. 

The  residual  sequence  rk  is  a  measure  of  the 
measurement  noise  rk  =Zk  -  Hk  xk  for  which  an 
unbiased  estimate  for  R  is  taken  as1 

ReSt  =(l/N)I[{rk-rro}{rk-rm}T  -HkPk-HkT] 

where  the  subscript  ‘m’  denotes  the  mean.  The 
summation  is  over  the  window  of  time  points. 

Similarly  a  measure  of  the  state  noise  sample  qk  =  Xk+  - 
Xk'  and  an  estimate  for  Q  is  given  by1 

Qes,  =  (1/N)  iKqn  -  qm}  tax  -  <UT  -  (Pk+  -  PO] 

The  initial  covariance  matrix  P0  is  given  by2 

P0=[(l/N)I{<|)kHkTRk-Hk(|)kr1 

where  the  quantity  inside  the  bracket  denotes  the 
information  matrix.  The  following  are  the  suggested 
steps2  to  obtain  P0,  Q  and  R. 

1 .  An  initial  value  of  diagonal  R  is  assumed. 

2.  Set  Q  identically  equal  to  zero. 

3.  Make  a  scouting  first  pass  with  a  reasonable  P0  or 
even  a  unity  matrix  and  obtain  P0  from  the  inverse 
of  information  matrix  of  this  pass. 

4.  With  P0  from  Step  3  iterate  for  Q  till  the  cost 
function  J  converges. 

5.  With  the  above  converged  Q  obtain  R. 

6.  Initialize  the  filter  with  the  above  value  of  R  and 
repeat  from  Step  2  till  R  does  not  change  between 
two  estimates  obtained  in  Step  5. 


3.  The  INPUT  menu  also  provided  by  the  user  helps 
to  analyse  his  system  and  changes  in  it  can  be 
made  by  the  EDIT  menu. 

4.  The  VIEW  menu  shows  the  input  data  in  the  EKF 
FORTRAN  program  format. 

5.  The  COMPILE/RUN  menu  helps  to  compile  MAIN 
and  SYSTEM  later  link  and  create  the  executable 
file.  Before  commencing  the  RUN,  checks  if  all  the 
earlier  output  files  are  to  be  deleted  or  not  and  runs 
the  program. 

6.  The  OUTPUT  menu  item  has  all  the  FORTRAN 
output  files  which  can  be  plotted  and  visualised. 

7.  Further  experiments  can  be  carried  out  by  changing 
the  parameters  in  the  various  routines  and  in 
particular  the  INPUT  and  analysing  the  results. 

Typical  dialogue  boxes  and  the  menu  are  shown  in 
Figure  1.  It  is  possible  to  obtain  a  large  number  of 
outputs  using  suitable  programs  available  to  the  user.  In 
Figure  2  among  many  that  are  possible,  one  sample  plot 
of  the  results  from  the  lateral  dynamics  of  an  airplane 
involving  3  states,  5  measurements,  and  13  unknown 
parameters  have  been  shown.  Any  large  sized  system  or 
data  can  be  handled  when  a  suitable  compiler  is 
available. 

4.  SYSTEM  REQUIREMENTS 

•  An  IBM  personnel  computer  or  100  percent 

compatible  running  MS  DOS  ver  4.0  or  later. 

•  A  VGA  or  SVGA  monitor. 

•  An  80386  or  higher  processor. 

•  Microsoft  Windows  95. 

•  A  Fortran  Compiler. 

5.  CONCLUSIONS 

A  user  friendly  software  helpful  in  teaching  and  research 
activities  in  parameter  estimation  studies  through  EKF 
has  been  developed.  This  enables  one  to  experiment 
rapidly  on  a  large  number  of  systems  with  varying 
complexity  and  in  particular  real  flight  test  data  of 
aerospace  vehicles2. 
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ABSTRACT 

This  paper  discusses  the  concepts  in  probability, 
statistics,  random  process,  and  estimation  theory  from  an 
engineering  viewpoint  and  their  use  in  aerospace 
engineering.  Some  illustrative  examples  highlight  the 
useful  features  from  the  above  topics. 

1.  PROBABILITY 

Determinism  dominated  science  since  the  earliest  times 
of  Newton.  The  seeds  of  probabilistic  approach  also  cast 
around  that  time  has  now  percolated  to  almost  all 
branches  of  science  and  technology.  Some  of  the 
compulsive  reasons  in  many  situations  for  a  probabilistic 
approach  are  uncertainty,  variability,  complexity,  and 
enormity.  A  simple  coin  tossing  has  all  these  in  the 
nature  of  the  initial  conditions  and  the  interaction  of  the 
large  number  of  air  molecules  among  themselves  and 
with  the  coin.  If  ontology  refers  to  the  nature  of  the 
system  and  epistemology  refers  to  our  knowledge  of  the 
system,  then  coin  tossing  is  ontonic  determinism  but 
epistemic  indeterminism.  Only  quantum  mechanics  is 
truly  probabilistic.  Examples  of  random  behaviour  are 
the  molecular,  brownian,  atmospheric  motions,  queues, 
voltage  fluctuation  in  an  electron  tube,  or  a  turbulent 
fluid  flow. 

Almost  any  deterministic  numerical  method  can  be 
carried  out  alternatively  by  a  probabilistic  approach 
involving  randomness  called  Monte  Carlo  techniques.  In 
many  cases  the  latter  could  be  a  better  approach.  But 
there  are  also  occasions  when  it  is  perhaps  compulsive. 
Examples  necessitating  the  compulsive  use  of 
randomness  are  the  random  location  of  correct  answers 
in  a  multiple  choice  question  paper,  game  theory, 
introduction  of  random  noise  to  track  aerospace  vehicles 
when  their  equations  of  motion  and/or  the  input  cannot 
be  modelled  perfectly. 

The  analysis  of  systems  displaying  randomness  is 
possible  due  to  some  of  their  stable  characteristics  over 
many  outcomes  in  spite  of  any  given  outcome  being 
random.  Then  what  is  the  use  of  the  prediction  with  a 
probability  of  60%  for  it  to  rain  tomorrow?  Tomorrow 
either  it  rains  or  does  not  rain!  The  point  is  with  the 
above  prediction,  different  persons  could  take  a  variety 
of  decisions  such  as  not  to  go  out,  or  go  out  with  an 
umbrella,  go  out  and  borrow  an  umbrella,  or  stay  outside 
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overnight.  Note  that  without  a  specific  prediction  of  the 
probability  regarding  the  arrival  of  rain  the  decisions 
could  not  have  been  made. 

There  are  broadly  three  or  more  approaches  to 
probability  theory  depending  on  which  book  you  read! 
An  interesting  feature  is  the  assignment  of  the 
probability  for  the  occurrence  of  an  event  itself  is  extra 
probabilistic!  The  classical  approach  enumerates  all 
possible  outcomes  and  assigns  equal  probability  for  all. 
The  axiomatic  approach  provides  a  certain  freedom  for 
the  above  assignment  in  a  precise  event  scenario  and  the 
frequency  approach  takes  the  fraction  of  success  by 
repeated  experimentation.  However  there  are  difficulties 
in  all  the  above.  Enumeration  may  not  be  always 
possible  uniquely,  the  subjective  assignment  of 
probability  may  not  be  quite  correct  and  repeated 
experiments  may  just  be  impossible  as  for  accidents  or 
for  landing  a  man  on  the  moon.  The  Figure  1  shows  how 
the  above  approaches  as  various  hypothesis  whose 
probability  of  being  true  can  be  updated  by  utilising  the 
Baye’s  theorem  of  probability.  Another  way  to  consider 
the  above  is  with  increasing  amount  of  information.  Thus 
in  the  absence  of  any  information  the  first  is  equally 
likely,  and  with  the  background  or  previous  knowledge 
an  improved  probability  assignment  is  possible  and  lastly 
with  observational  data  a  refined  assessment  of  the 
probability  can  be  made.  If  nothing  else  one  can  take  a 
purely  operational  attitude  namely  based  on  the  rules  of 
the  probability  theory  the  results  from  it  work  in  practice 
never  mind  if  the  meaning  of  probability  or  any  other 
concepts  in  it  are  understood  or  not! 

All  practical  useful  inferences  from  probability  are  based 
on  events  whose  probability  is  close  to  zero  or  one 
implying  respectively  practically  impossible  or  certain 
occurrence.  The  theorems  of  weak  and  strong  law  of 
large  numbers  pertaining  to  such  events  have  a  great 
epistemological  value.  In  fact  the  strong  law  is  a 
connecting  link  between  the  probability  theory  and  the 
real  world  though  there  are  difficulties  of  conducting 
repeated  experiments  under  identical  conditions, 
independently  and  an  infinite  number  of  times.  Further 
one  can  note  that  in  probability  theory  the  term 
‘probability’  as  it  implies  intuitively  or  really  so  refers  to 
occurrences  but  based  on  a  large  number  of  repeated 
trials  which  is  an  ‘ensemble’.  It  is  only  in  statistics  one 
deals  with  a  single  outcome  or  a  member  of  the  above 
‘ensemble’  and  wish  to  draw  inferences  about  the 
fundamental  event  probabilities  of  the  system. 
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2.  STATISTICS 

One  simple  way  to  view  statistics  is  as  an  inverse 
problem  to  probability.  As  shown  in  Figure  2a  the  later 
predicts  the  outcome  of  events  in  an  ensemble  and  the 
former  based  on  the  sample  events  infers  the  probability. 
A  unique  solution  with  finite  data  is  generally  possible 
only  with  some  additional  subjective  criteria.  Even  the 
central  tendency  for  a  probability  distribution  is  not 
unique  leading  to  estimates  like  mean,  median,  and  mode 
which  are  themselves  useful  in  many  different  contexts. 
Hence  statistics  is  highly  subjective!  Next  consider  the 
problem  of  fitting  a  linear  relationship  to  two  random 
variables  X  and  Y  as  in  Figure  2b.  When  the  data  is 
plotted  there  are  a  few  points  called  outliers  which  are 
far  away,  and  statistics  cannot  tell  us  if  they  should  be 
included  or  not  in  the  analysis.  Some  additional 
subjective  criteria  is  needed  to  include  or  preclude  them 
from  the  analysis.  Further  even  after  such  outliers  are 
removed  the  linear  relationship  cannot  be  made  unique 
without  a  subjective  criterion  such  as  minimising  the 
sum  of  the  square  of  the  departure  from  the  fitting  line 
should  be  a  minimum  or  any  other  reasonable  criteria. 

Further  even  to  determine  the  quantity  ‘A’  in  a  simple 
linear  relationship  between  X  and  Y  as  X  =  A  Y  when 
noisy  measurements  of  X  and  Y  are  available  is  not  easy. 
The  least  squares  estimate  will  tend  to  the  correct  value 
if  only  the  noise  in  the  measurements  of  Y  is  zero.  Thus 
in  practical  sophisticated  dynamical  problems  one  can 
see  the  necessity  of  having  sound  theoretical  methods  to 
obtain  estimates  which  asymptotically  approach  the 
correct  values.  The  Method  of  Maximum  Likelihood 
Estimation  (MMLE)  was  developed  in  statistics  by 
Fisher  in  1922.  This  estimator  has  sound  desirable 
statistical  properties  such  as  being  asymptotically 
unbiased,  efficient,  consistent  and  sufficient.  These 
ensure  that  as  the  sample  size  increases  the  estimates 
approach  the  true  value,  be  within  smaller  region,  is  the 
best  possible  from  the  data,  and  utilise  all  the 
information  in  the  sample. 

Since  statistical  samples  are  used  to  draw  inferences 
about  a  population,  it  is  necessary  (i)  to  model  the 
population,  (ii)  propose  a  criteria  to  fit  the  sample  data 
with  the  assumed  model,  (iii)  an  algorithm  to  carry  out 
the  above  matching  to  draw  probabilistic  inferences  and 
lastly  (iv)  a  consistency  check  of  the  above  features, 
thus  generally  four  steps  in  all.  The  task  of  modelling  is 
based  on  some  previous  feel,  experience  or  information 
about  the  system.  Many  systems  are  deterministic  being 
governed  by  well  known  Newton’s  laws  of  mechanics  or 
gravity,  or  laws  in  electricity,  and  magnetism  and  so  on. 
If  some  systems  are  stochastic  in  nature  like  the 
population,  flow  in  rivers,  stock  market,  then  appropriate 
stochastic  models  have  to  be  considered.  Among  the 
models  there  could  be  true,  best,  or  adequate  and 
generally  the  last  one  is  used.  The  second  of  the  above 
steps  leads  to  a  large  number  of  possible  estimators  like 
the  moment  method  or  the  well  known  MMLE.  This 
latter  is  the  most  widely  used  technique  for  the  state  and 
parameter  estimation  problems  in  the  field  of  aerospace 


engineering.  The  algorithms  utilised  to  satisfy  the 
criterion  could  be  in  batch,  sequential,  or  even  in  real 
time  as  most  present  day  activities  demand  and  the 
middle  one  is  possible  due  to  the  filtering  techniques, 
and  the  last  due  to  the  availability  of  enormous 
computing  power  and  speed.  The  fourth  of  the  steps 
utilises  statistical  hypothesis  to  check  and  draw 
inferences  about  the  results  from  the  estimation  process. 
This  helps  in  general  mainly  to  decide  if  the  behavior  of 
a  certain  quantity  is  due  to  statistical  fluctuation  or  due  to 
a  deterministic  change.  Once  again  the  choice  of  the 
confidence  level  with  which  the  inference  can  be  made  is 
not  provided  by  statistics  by  by  extra-statistical 
considerations!  If  the  confidence  level  is  large  (or  small) 
then  the  uncertainty  in  the  estimates  will  be  large  (or 
small)  making  them  useless  (or  unreliable).  Hence  in 
each  application  one  has  to  decide  the  level  based  on  the 
further  extra-statistical  consequences  that  would  follow 
by  the  choice. 

3.  RANDOM  PROCESS 

The  time  dependent  behaviour  of  a  probabilistic  system 
is  a  random  process.  Since  most  of  present  day  activities 
generally  involve  the  time  dependent  evolution  of  the 
state  x  of  a  dynamical  system  with  random  inputs  also, 
the  random  processes  have  to  be  modelled.  The 
distribution  function  describing  the  probability  of  a 
random  variable  possessing  values  for  all  times  t 
becomes  mathematically  highly  intractable  and  so  to 
impart  an  element  of  dynamics  a  joint  distribution 
function  characterising  x  at  two  different  time  points  is 
introduced.  To  simplify  further  only  the  behaviour  in 
terms  of  an  autocorrelation  function  R(x)  where  x  is  the 
time  difference  is  introduced.  Typical  random  processes 
with  slow  and  fast  time  scales  together  with  their 
autocorrelations  are  shown  in  Figure  3.  The  rate  with 
which  the  above  decays  provides  a  clue  to  the  various 
time  scales  involved  in  a  given  physical  process 
involving  randomness.  The  distribution  of  the  amplitudes 
of  the  above  scales  denotes  the  energy  content  called  the 
power  spectral  density. 

Interestingly  there  is  an  advantage  when  a  random 
variable  is  characterized  instead  of  being  left  as  random 
without  any  characterization.  This  is  like  providing  some 
rules  of  a  game  which  makes  it  interesting  to  study  a 
system.  Compare  a  game  of  ‘draught’  and  ‘chess’.  There 
is  an  optimum,  simple  set  of  rules  providing  an 
excitement  to  deal  with  systems  be  it  in  aerospace  or 
society.  The  simplest  description  of  a  random  process  is 
a  Gaussian  distribution  at  any  time  t  and  across  time  is 
white,  meaning  R(x)  is  a  Dirac  delta  function  with  unity 
for  zero  lag  and  zero  everywhere  else  meaning 
uncorrelated.  These  assumptions  provide  a  very  good 
mathematical  tractability.  The  reason  for  using  a  normal 
distribution  is  that  a  large  number  of  situations  involving 
random  variations  in  nature  follow  it  though  are  many 
others  where  it  does  not.  Under  fairly  general 
conditions,  the  distribution  of  the  sum  of  many 
independently  distributed  random  variables  each  obeying 
arbitrary  distribution  but  with  finite  variance,  approaches 
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a  normal  distribution.  From  the  point  of  view  of 
information  theory  knowing  only  the  mean  and  the 
variance,  namely  the  least  amount  of  information  or  the 
maximum  entropy  then  the  distribution  obeyed  by  the 
constituents  can  be  shown  to  follow  a  normal 
distribution.  However  since  white  noise  has  constant 
energy  at  all  frequencies  the  total  energy  becomes 
infinite  which  is  physically  not  possible.  Since  physical 
systems  have  inertia  (in  whatever  sense  it  could  be) 
changes  cannot  be  instantaneous  leading  to  correlation  in 
their  behaviour  for  a  finite  amount  of  time  difference  x. 
Hence  instead  of  a  white  noise  which  is  a  Gauss-Markov 
(GM)  process  of  zeroth  order  higher  order  GM  processes 
are  introduced.  These  can  be  generated  as  outputs  of 
suitable  linear  systems  called  shaping  filters  by  white 
noise  as  the  input. 

4.  ESTIMATION  THEORY 

The  estimation  theory  (ET)  can  be  viewed  similar  to 
what  statistics  is  to  probablity  as  an  inverse  problem  to 
random  process.  All  the  four  steps  from  statistics  as 
above  have  been  completely  taken  over  in  estimation 
theory.  The  MMLE  has  become  the  workhorse  for  all 
estimation  problems  involving  dynamical  systems  in  the 
field  of  aerospace  engineering  be  it  a  spring,  mass,  and 
damper  system  or  a  space  shuttle.  In  ET  one  generally 
chooses  suitable  qualitative  models  for  the  system  and 
the  measurement  and  their  noise  characteristics  and 
quantitatively  estimate  the  parameters  ©  in  them  by 
optimizing  a  suitably  chosen  cost  function  J  which  is  a 
function  of  the  model  output  and  the  measurements.  The 
above  J  can  be  in  time  or  frequency  domain.  The 
processing  of  the  measurement  data  can  be  in  a  batch 
mode  of  optimisation  or  through  a  sequential  processing 
mode  of  Kalman  filter  or  its  variants.  ET  estimates  the 
‘unobservable’  parameters  0  and  can  also  further  expand 
the  system  states  or  even  estimate  the  ‘unmodellable’ 
inputs.  The  ET  provides  better  estimates  from  more  and 
more  noisy  data  by  statistical  estimation  by 
probabilistically  mixing  the  data  from  various  sources  at 
different  rates  with  varying  accuracies  by  appropriate 
weight  depending  on  their  uncertainties.  Thus  one 
achieves  improved  state  as  well  as  measurements,  filters 
the  noise  and  smoothes  the  measurements.  Further  it  can 
be  shown  that  ET  is  also  capable  of  handling 
deterministic  errors,  deficiencies  in  the  system  and  the 
measurement  models  or  numerical  errors  by  the  addition 
of  random  noise.  Some  important  benchmarks  in  the 
evolution  of  ET  are  shown  in  Figure  4. 

5.  EXAMPLES  OF  APPLICATIONS 

The  question  of  whether  road  or  air  travel  is  safer  is 
ambiguous.  If  the  number  of  fatalities  are  considered  per 
kilometer  then  both  are  about  equally  safe.  But  based  on 
per  hour  of  travel  road  travel  is  more  safe.  Though  for 
all  practical  purposes  people  can  be  safely  advised  to  fly 
there  are  many  who  have  sworn  never  to  fly!  Such 
people  think  of  the  situation  subsequent  to  an  engine  or 
control  failure  whereas  the  airworthiness  codes  are  based 


on  the  probability  of  engine  failure  and  subsequently  the 
performance  going  below  an  acceptable  level.  Thus  one 
may  note  the  scenario  has  to  be  precisely  stated  which 
shows  the  importance  of  axiomatic  approach.  It  is  the 
former  situation  subsequent  to  an  engine  failure  that  is 
implicitly  accounted  for  in  the  ETOPS  of  airplanes.  The 
unavoidable  subjective  differences  in  the  approach  in 
meeting  the  safety  standards  can  be  seen  in  the  design  of 
large  long  range  airplanes  with  twin  engines  by  Boeing 
and  with  four  engines  by  Airbus. 

A  large  number  of  regression  relations  connecting  the 
mass,  geometric,  aerodynamic,  structural  and  propulsive 
characteristics  are  very  useful  for  the  preliminary  design 
sizing  of  airplanes.  The  confidence  level  with  which 
launch  vehicles  are  designed  for  wind  loads  depend  on 
the  cost  effectiveness.  If  one  desires  to  design  an  airplane 
or  a  launch  vehicle  capable  of  operating  under  all 
atmospheric  conditions  it  would  not  be  economical  at  all. 

The  fleet  performance  of  an  airplane  type  with  airframe 
and  engine  maintenance  checks  at  various  times  is  a 
random  process.  The  probability  distributions  of  the 
performance  behavior  of  airplanes  in  fleet  service  help  to 
formulate  the  airworthiness  codes.  Turbulent  flow  is  a 
random  process  whose  understanding  and  control  is 
highly  beneficial  for  the  drag  standards  and  economy  of 
airline  operations. 

The  flight  test  data  analysis  based  on  the  MMLE  or  the 
Kalman  filter  techniques  for  the  stability  and  control 
derivatives  of  an  airplane  provides  a  very  important  input 
for  simulation,  envelope  expansion,  control  law  design, 
and  handling  characteristics.  The  point  mass  radar 
measurements  of  an  airplane  when  combined  with  a 
suitable  dynamical  airplane  model  helps  to  expand  the 
state  scenario  to  infer  the  three  dimensional  motion  and 
the  control  actuation  to  study  an  accident.  There  are 
many  ways  in  which  the  data  from  a  variety  of  sources 
such  as  the  radar,  telemetry,  star,  and  GPS  can  be 
effectively  combined  in  offline  or  online  mode.  This 
helps  to  study  the  operational  characteristics  such  as  the 
position  and  attitude  of  a  satellite.  These  are  typical 
applications  of  the  concepts  in  probability,  statistics, 
random  process,  and  estimation  theory  in  aerospace  and 
in  particular  in  the  topic  of  flight  mechanics. 
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Fig  1 .  Different  Approaches  to  Probability  theory  and  their  Connections. 
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Fig  3a.  Time  Variation  of  Random  Processes  and  their  Autocorrelation  Functions. 
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Abstract 

Enormous  progress  in  computational  fluid  dy¬ 
namics  (CFD)  has  been  made  in  the  past  to¬ 
wards  achieving  accurate  solutions  efficiently  for 
flows  in  complex  configurations.  However,  the 
solution  still  requires  an  advanced  computing 
system,  a  fast  and  general  grid  generation  capa¬ 
bility,  reliable  numerical  algorithms,  as  well  as 
physical  modelling  to  make  CFD  a  routine  engi¬ 
neering  approach  for  analysis  and  design.  Nev¬ 
ertheless,  the  goals  of  making  CFD  as  a  tool 
from  research  to  common  engineering  practice 
and  providing  usable  solutions  in  a  timely  man¬ 
ner  appear  to  be  within  our  reach.  In  this  paper, 
we  will  address  our  efforts  in  addressing  the  ef¬ 
ficiency  and  accuracy  aspects  in  practical  CFD 
simulations.  In  this  regards,  we  shall  specifically 
discuss  the  recent  development  of  numerical  flux 
scheme,  AUSM+and  grid  generation  technique, 
DRAGON  grid. 

1  Introduction 

In  addressing  the  issues  of  accuracy  and  effi¬ 
ciency,  we  will  demonstrate  how  they  are  af¬ 
fected  by  the  advances  in  numerical  algorithm 
and  grid  generation.  Following  the  development 
of  the  AUSM-family  schemes  [1-3],  we  proposed 
the  concept  of  numerical  speed  of  sound  [4],  al¬ 
lowing  an  easy  extension  to  low  Mach  number 
flow  and  multiphase  flow  [5,6].  It  leads  to  im¬ 
provements  not  only  in  convergence  rate,  but 
also  in  solution  accuracy.  To  drastically  shorten 
the  time  spent  by  the  current  methods  on  grid 
generation,  we  have  developed  a  novel  hybrid 
grid,  called  the  DRAGON  grid  approach.  This 
approach  improves  the  overset  grid  approach  by 
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preserving  conservation  property  and  the  un¬ 
structured  grid  approach  by  reducing  its  inten¬ 
sive  memory  requirement  and  automatically  al¬ 
lowing  high-quality  hexahedral  cells  for  resolving 
viscous  layers  at  the  walls. 

We  solve  the  Reynolds-averaged  Navier-Stokes 
equations  written  in  curvilinear  coordinates 
(£,??,£)  and  conservation  form: 

Qt  +  FM  +  F|y  =0,  J  =  1,2,3  (*,!?,  0-  (1) 

The  conservative  variables  are  given  in  Q  and 
the  inviscid  and  viscous  fluxes  are  F ^  and  F $ . 
Since  they  are  standard,  their  definition  is  omit¬ 
ted  herein. 

Discrete  forms  of  these  equations  are  solved  nu¬ 
merically.  To  accelerate  convergence  to  steady 
or  unsteady  solutions,  several  appraoches  can  be 
taken.  In  the  80s,  a  great  deal  of  effort  was  de¬ 
voted  to  the  study  of  implicit  methods  in  which 
either  ADI  [7]  or  LU  [8,11]  factorization  is  com¬ 
monly  used  to  solve  the  linearized  set  of  matrix 
equations.  In  addition,  multigrid  methods  [9] 
have  also  developed  to  top  the  convergence  rate 
off  the  baseline  iteration  methods. 

During  the  90s,  interest  has  been  focused  on  the 
development  of  (local)  preconditioning  method 
to  improve  convergence  rate  in  the  low  Mach 
number  regime.  This  is  accomplished  by  premul¬ 
tiplying  the  time-derivative  term  with  a  condi¬ 
tioning  matrix  T, 

FQ«  +  Fj,,  +  F{V  -  0,  Q  =  (p,  u,  v,  w,  T)t/J. 

(2) 

Several  forms  for  the  local  preconditioning  ma¬ 
trix  T  have  been  proposed.  We  have  chosen  the 
one  proposed  by  Weiss  and  Smith  [10]. 
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As  for  the  numerical  flux,  immense  interest  was 
generated  in  the  80s,  in  developing  methods  un¬ 
der  the  category  of  flux  vector  and  flux  difference 
splittings.  These  notably  include  the  Steger- 
Warming  [11],  van  Leer  [12]  flux  vector  splitting 
schemes,  and  the  Roe  [13]  and  Osher- Solomon 
[14]  flux  difference  schemes.  In  the  90s,  we  saw  a 
continuing  interest  in  improving  these  schemes. 
The  AUSM  family  of  schemes  have  been  pro¬ 
posed  and  received  considerable  attention.  Now 
they  have  been  incorporated  in  many  research, 
as  well  as  commercial,  codes.  Among  the  sev¬ 
eral  desirable  features  bestowed  on  the  schemes, 
the  most  notable  one  is  the  capability  of  produc¬ 
ing  solutions  free  from  the  so-called  ”  carbuncle” 
phenomena,  see  Fig.  1  [15]. 


2  Numerical  Flux:  AUSM+ Family 


In  this  section,  we  will  give  a  brief  description 
of  the  algorithm  involved  in  the  AUSM+scheme 
and  the  new  development  for  low-speed  flows. 
Concerning  detailed  numerical  properties  and 
detailed  analysis,  the  reader  should  consult  the 
above-cited  references. 

For  illustration  purpose,  we  shall  begin  by  con¬ 
sidering  the  ID  flux.  The  inviscid  flux  F  is  writ¬ 
ten  as  a  sum  of  convective  and  pressure  fluxes: 


F  =  pu 


=m  3>+p. 


(3) 

The  vectors  $  and  p  are  introduced  respectively 
as  shown.  It  is  noted  that  a  common  mass  flux 
m  appears  in  all  equations.  This  is  also  true  for 
multidimensions.  Hence,  it  is  desirable  that  this 
fact  at  the  discrete  level  be  enforced.  This  leads 
to  an  easy  extension  to  add  other  equations,  such 
as  chemical  species  or  turbulence  models  equa¬ 
tions. 


straddling  cells  j  and  j  - f  1. 

fi/2  =  \[™  (*j+*j+i)+\  rn  !(*_,— #i+i)]+p1/2. 

(4) 

The  mass  flux  is  also  defined  by  a  simple  upwind 
formula, 

m\/2  =  -7jr~[Mi/2{Pj  +  Pj+l)  +  \Mi/2\ {Pj  ~  pj+ 1)],  (5) 

where  ax/2  is  a  novel  parameter  in  the  formula¬ 
tion  and  will  be  described  shortly. 

The  interface  Mach  number  and  pressure  flux  are 
expressed  in  the  following  forms, 

M1/2  =  M+(Mj )  +  M~{Mj+ 1),  (6) 

and 

Pi/2  =  +  V~(Mj+i)pj+i,  (7) 

where  and  V±  are  polynomials  whose  de¬ 
tails  can  be  found  in  [2]. 

The  Mach  number  M  based  on  a  is 

*>  _  U3/j+ 1  _  Mj/j+ 1 

Mj/j+ 1  -  -  -  f - *  \P) 

al/2  Ja 

A  concept  of  numerical  speed  of  sound  is  intro¬ 
duced  in  [4]  to  make  the  flux  formulation  valid 
for  the  entire  speed  regime.  Here,  we  let  the 
speed  of  sound  be  scaled  by  a  scaling  factor 

(9) 

(10) 

(11) 

<1, 

(12) 

(13) 


&1/2  ~  /a(M;M*)ai/2, 
where  for  simplicity, 

al/2  =  iaj  +  aj+ 1)/2, 

and 

M  =  (Mj  +  MJ+1)/2. 
The  scaling  function  fa  is  defined  as, 

fa(M;M*)  —  1  +  M2 

with 

=  min(l,  max(M2,  M20)). 


Firstly,  a  simple  upwinding  is  applied  to  the  con- 
vected  quantity  $  to  yield  the  numerical  flux 
at  the  cell  interface  (denoted  by  subscript  1/2) 


This  scaled  Mach  number  will  revert  to  the  local 
physical  Mach  number  at  supersonic  speeds.  In 
fact,  the  scaling  factor  becomes  essential  only 
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in  the  low  Mach  range,  as  shown  in  Fig.  2. 
Hence,  what  the  numerical  speed  of  sound  does 
is  to  make  the  Mach  number  appear  larger  in  de¬ 
termining  the  numerical  fluxes  in  the  low  speed 
regime.  The  cutoff  parameter  Mco  «  1  is  intro¬ 
duced  to  prevent  a  singularity  at  the  stagnation 
point. 

For  the  purpose  of  identification,  we  now  call 
this  extended  method,  AUSM+-a,  to  highlight 
the  role  of  the  numerical  speed  of  sound  d. 

To  see  the  effect  of  this  numerical  speed  of  sound, 
we  evaluate  the  condition  number  at  low  speed, 

* = nir  ■* 0(1)’  (14) 

because 

a  -»  0,  as  |u|  -»  0.  (15) 

Hence,  the  condition  number  remains  of  order 
unity  for  all  speed  ranges.  Also,  the  numerical 
dissipation  based  on  this  new  speed  of  sound  now 
scales  with  local  speed  |it|?  instead  of  the  local 
speed  of  sound  a  as  |u|  — >  0. 

To  further  improve  the  residual  convergence  in 
the  low  speed  range,  it  is  found  beneficial  in  Ed¬ 
wards  and  Liou  [6]  if  a  pressure  diffusion  term 
mp  is  included  in  the  mass  flux.  The  scheme  is 
now  denoted  as  AUSM+-ap. 

2.1  Results  and  discussion 

As  noted  at  the  outset,  we  shall  demon¬ 
strate  with  examples  the  performance  of  the 
AUSM+ schemes  by  focusing  on  two  issues:  (1) 
convergence  rate  and  (2)  accuracy. 

Darracq  et  al.  [16]  made  a  detailed  investigation 
into  the  accuracy  of  the  AUSM+ scheme  and  con¬ 
cluded  that  ”the  AUSM+ scheme  predicts  lift  and 
drag  values  in  better  agreement  experimental 
data  than  the  Roe  scheme.”  Furthermore,  it  was 
found  that  the  AUSM+scheme  is  much  less  grid- 
sensitive  than  the  Roe  scheme,  capable  of  yield¬ 
ing  accurate  solutions  on  relatively  coarse  grids. 
Figure  3  shows  the  surface  pressure  in  excellent 
agreement  with  the  data  at  various  pitch  angles. 
The  solutions  are  seen  to  be  strongly  affected  by 


the  turbulence  models  employed;  the  Baldwin- 
Lomax  model  appears  to  give  better  prediction 
than  the  Granville- Cebeci  (GRC)  model. 

We  now  come  to  show  the  effectiveness  of  us¬ 
ing  the  numerical  speed  of  sound,  AUSM+-a, 
with  respect  to  the  accuracy  and  convergence 
efficiency. 

Firstly,  we  consider  the  flows  over  the  Shuttle 
external  tank  with  a  sharp  nose  and  blunt  base, 
downstream  of  which  there  is  a  significant  sepa¬ 
ration  zone.  The  free  stream  Reynolds  number 
was  fixed  at  10,000.  We  have  tested  conditions 
from  low  Mach,  transonic,  to  supersonic  flows. 
Several  schemes  were  considered,  consisting  of 
the  standard  AUSM+,  AUSM+-a,  and  AUSM+- 
ap,  with  and  without  the  Weiss-Smith  precondi¬ 
tioner  for  r. 

For  low  Mach  numbers  (approximately  < 
0.3),  it  was  found  necessary  to  use  the  time- 
derivative  preconditioner  T  so  that  the  numeri¬ 
cal  dissipations  in  both  the  implicit  and  explicit 
operators  are  compatibly  scaled.  For  flows  at 
transonic  speeds  or  higher,  the  time-derivative 
preconditioner,  as  given  in  Eq.  (2),  provides  no 
benefits  whatsoever. 

In  Fig.  4,  we  display  the  convergence  history 
for  various  Mach  numbers  using  AUSM+,  but 
without  the  preconditioner  T.  The  residuals  for 
the  low  Mach-number  cases  stall  after  a  drop 
of  four  orders  of  magnitude.  These  drops  in 
many  calculations,  although  not  especially  ad¬ 
mirable,  would  have  been  acceptable.  However, 
a  close  examination  of  the  solution  reveals  that 
it  is  completely  unacceptable,  as  shown  in  Fig. 
5.  It  appears  that  there  is  a  false  boundary  (ex¬ 
actly  aligned  with  a  grid  line)  at  which  informa¬ 
tion  is  unable  to  get  passed.  This  phenomenon 
is  quite  typical  in  the  low  Mach-number  calcu¬ 
lations  using  an  unmodified  compressible  code, 
also  seen  in  [4].  On  the  other  hand,  the  solution 
obtained  from  the  use  of  AUSM+-a  is  well  be¬ 
haved  and  near  the  surface  are  revealed  smooth 
contours,  unlike  the  standard  AUSM+ which  has 
been  known  to  yield  unwanted  pressure  oscilla¬ 
tions  in  viscous  layers. 

Also,  the  convergence  histories  with  the  use  of 
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the  numerical  speed  of  sound  display  improve¬ 
ment  over  those  without  it,  as  shown  in  Fig. 
4.  The  convergence  rates  for  these  two  calcu¬ 
lations  nearly  coincide  with  each  other,  indicat¬ 
ing  Mach-number  independence.  Finally  the  ef¬ 
fect  of  including  the  pressure  diffusion  term  on 
the  convergence  histories  is  also  included  in  Fig. 
4,  indicating  independence  of  Mach  number  and 
gaining  another  order  of  reduction  for  the  low 
Mach  numbers. 

Moreover,  we  remark  that  in  Fig.  4  the  con¬ 
vergence  rate  is  even  improved  in  the  transonic 
ranges  by  simply  using  the  numerical  speed  of 
sound  alone. 

Next,  the  classical  problem  of  incompressible 
flow  past  a  backward-facing  step  in  a  channel 
is  considered.  The  initial  pressure  and  temper¬ 
ature  are  1  atm  and  300  K,  and  a  parabolic  ve¬ 
locity  profile  with  an  average  velocity  of  1  m/s 
is  specified  at  the  inlet  of  the  channel.  The 
Reynolds  number  based  on  the  channel  height 
D  and  the  average  velocity  is  800. 

The  dominant  features  of  the  backward-facing 
step  flowfield  are  the  two  large  recirculation 
zones,  positioned  aft  of  the  step  and  along  the 
top  wall  of  the  channel,  see  Fig.  6.  Upon 
reattachment,  the  flow  slowly  recovers  toward 
a  fully-developed  Poiseuille  flow  near  the  exit 
of  the  domain.  To  predict  the  structure  of  the 
recirculation  zones  properly,  the  numerical  for¬ 
mulation  must  capture  the  response  of  the  pres¬ 
sure  field  correctly  and  must  not  introduce  non¬ 
physical  artificial  diffusion.  Normalized  shear 
stress  plots  along  the  upper  and  lower  surfaces 
of  the  channel,  Fig.  7,  shows  an  excellent  agree¬ 
ment  of  the  AUSM+-a  and  AUSMDV-a  results 
with  the  “benchmark”  solution  of  Gartling  [17], 
particularly  in  the  capturing  of  the  separation 
and  reattachment  points. 

We  now  summarize  major  findings  from  the 
study  of  the  above  problems:  (1)  The  numerical 
speed  of  sound  concept  is  an  effective  means  of 
extending  the  AUSM-type  discretization  to  solve 
low  Mach  number  flows  in  an  accurate  and  effi¬ 
cient  manner.  (2)  Since  the  numerical  speed  of 
sound  is  reduced  with  the  flow  speed,  the  numer¬ 


ical  dissipation  changes  accordingly,  and  a  com¬ 
patible  implicit  operator  is  required.  (3)  Incor¬ 
poration  of  the  numerical  speed  of  sound  helps 
remove  pressure  oscillations  in  the  viscous  layers. 

In  the  next  two  examples,  we  consider  3D  con¬ 
figurations,  namely  the  ONERA  M6  wing  and 
wing-body  problems.  In  the  case  of  the  ONERA 
M6  wing,  we  computed  flows  of  =  0.84,  and 
Re0 o  =  18.2  x  106  under  various  angles  of  attack. 
The  detailed  comparison  of  surface  pressure  dis¬ 
tributions  at  the  65%  spanwise  section  is  shown 
in  Fig.  8  for  three  angles  of  attack.  The  com¬ 
puted  results  are  in  very  good  agreement  with 
the  data  [18],  noticing  the  accurate  capturing 
of  the  shock  locations.  Solutions  at  other  span- 
wise  locations  also  give  similar  level  of  agreement 
with  the  data. 

The  convergence  histories  are  presented  in  Fig. 
9  for  three  different  angles  of  attack.  They  show 
a  continuing  decrease  in  800  steps  (600  fine-grid 
steps)  by  about  four  orders  of  magnitude  from 
the  largest  values,  at  nearly  the  same  rates  even 
though  the  flow  features  have  varied  consider¬ 
ably. 

The  particle  traces  of  two  angles  of  attack,  a  = 
3.06  and  5.06,  at  different  wingspans  are  given 
in  Fig.  10,  showing  little  spanwise  excursion,  ex¬ 
cept  at  the  wing  tip  for  the  a  —  3.06°  case,  but 
appreciable  three-dimensional  effect  for  higher 
a  =  5.06° 

Turbulent  flows  over  a  wingbody  configuration 
were  calculated.  The  geometry  is  shown  in  Fig. 
11,  where  the  sting  is  included  in  the  calculation. 
The  computation  domain  was  gridded  using  the 
chimera  overset  grid  technique  and  the  entire 
grid  composed  of  seven  grids.  Figure  12  depicts 
the  pressure  coefficients  at  various  spanwise  lo¬ 
cations  on  the  wing.  The  computed  results  are 
in  excellent  agreement  with  the  measured  data 
of  [19];  this  is  also  true  along  the  body  lines. 

Finally,  Fig.  13  displays  a  well-behaved  con¬ 
vergence  history,  reducing  the  residual  error  by 
more  than  five  (5)  orders  of  magnitude  in  800 
steps. 

Figure  14  illustrates  the  effects  of  discretization 
accuracy  on  surface  pressure  predictions  for  the 
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cavitation  number  K  =2(poo  —  pv)/p oo^>  —  0.8. 
As  shown,  the  pressure  response,  using  the  first 
order  and  second  order  accurate  discretizations, 
agree  very  well  with  the  data,  except  near  the 
suction  peak  and  stagnation  point,  where  the 
second-order  prediction  is  in  closer  accord  with 
the  experimental  data. 

Figure  15  illustrates  the  effect  of  lowering  the 
cavitation  number  on  the  flow  response.  As  K 
decreases,  the  pressure  in  the  expansion  region 
drops  to  the  vapor  pressure,  resulting  in  the  gen¬ 
eration  of  a  vapor  phase  and  the  growth  of  a  cav¬ 
itation  bubble.  Pressure  recovery  further  down¬ 
stream  leads  to  the  collapse  of  the  cavity  in  a 
“wake”  region.  The  structure  of  the  wake  re¬ 
gion  is  strongly  influenced  by  both  the  thermo¬ 
dynamic  model  and  the  velocity  field,  which  in 
itself  is  influenced  by  the  turbulence  model. 

Next  we  come  to  discuss  the  effect  of  grid  gen¬ 
eration  towards  accuracy  and  effeciency  of  CFD 
simulations. 


3  DRAGON  Grid 

For  a  practical  three-dimensional  geometry,  the 
time  spent  in  generating  a  grid  represents  a  seri¬ 
ous  bottleneck  in  the  entire  CFD  analysis  cycle, 
taking  up  to  80%  of  the  total  CFD  analysis  time, 
as  detailed  in  [20,21]  in  which  the  breakdown 
of  the  duration  of  each  task  is  recorded.  See 
for  example,  Fig.  16.  Hence,  grid  generation  is 
an  area  where  significant  payoff  can  be  realized. 
Furthermore,  high  quality  grids  for  encompass¬ 
ing  viscous  regions  are  essential  to  yielding  an 
accurate  and  efficient  solution. 

Overset  and  unstructured  grid  methods  schemes 
currently  are  two  mainstream  approaches  for 
dealing  with  complex  geometry. 

The  overset  grid  method  can  yield  structured 
grids  with  good  quality,  such  as  orthogonal¬ 
ity  and  smoothness,  and  can  easily  control  grid 
spacing.  However,  the  nonconservative  interpo¬ 
lations  in  the  overlapped  region  can  give  rise  to 
a  spurious  solution,  especially  through  regions  of 
sharp  gradients. 


The  unstructured  grid  method  also  possesses 
the  flexibility  to  generate  grids  around  com¬ 
plex  geometries.  However,  the  unstructured  grid 
method  has  been  shown  to  be  memory  and  com¬ 
putation  intensive  [22].  Also,  it  is  known  that 
prismatic  meshes  are  necessary  to  accurately  re¬ 
solve  viscous  layers  around  bodies,  implying  the 
need  for  constructing  structured-like  grids  in  or¬ 
der  to  resolve  the  viscous  layers. 

The  DRAGON  grid  method  [23-25]  will  result  in 
structured  grids  in  the  major  portion  of  the  com¬ 
putation  domain  and  only  small  regions  filled 
with  unstructured  grids.  It  has  three  important 
advantages:  (1)  preserving  strengths  of  the  over¬ 
set  grid,  (2)  eliminating  difficulties  encountered 
in  the  overset  scheme,  and  (3)  enabling  grid  com¬ 
munication  in  a  fully  conservative  and  consis¬ 
tent  manner.  Consequently,  the  DRAGON  grid 
method  can  deliver  a  high  quality  grid  for  a  com¬ 
plex  multi-components  geometry  in  an  efficient 
and  robust  manner. 

In  [23],  the  DRAGON  grid  method  was  first  pro¬ 
posed  and  demonstrated  for  2D  problems.  It 
adapted  the  thinking  the  overset  grid  method. 
However,  it  is  more  general  and  robust  than  the 
overset  grid  method  since  it  does  not  require 
overlapping  of  grids  and  it  completely  avoids 
the  issues  about  orphan  points  and  bad  qual¬ 
ity  points,  which  usually  are  the  most  time  con¬ 
suming  part  of  the  overset  method.  Figure  17 
shows  the  connection  between  the  overset  and 
DRAGON  grids.  In  the  overlapped  region  of  the 
overset  grid,  a  hole  is  created  using  the  PEGSUS 
code  [26]  and  subsequently  replaced  with  trian¬ 
gular  meshes  in  the  DRAGON  grid. 

To  demonstrate  the  capability  of  the  DRAGON 
grid  code,  we  consider  a  typical  film-cooled  tur¬ 
bine  vane,  which  includes  the  vane,  coolant 
plena,  and  33  holes  inside  of  the  vane.  Figure  18 
depicts  the  resultant  DRAGON  grid,  where  the 
connecting  regions  between  the  33  holes  and  the 
flow  domain  are  filled  with  unstructured  grids. 
It  gives  a  deep  insight  into  this  DRAGON  grid 
by  means  of  cutting  through  the  grid,  where  at¬ 
tention  has  been  paid  to  the  leading  edge  re¬ 
gion.  The  33  individual  structured  grids  for 
the  holes  have  been  created  without  trying  to 
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topologically  join  them  to  the  grids  representing 
the  external  flow  domain.  In  this  regard,  the 
DRAGON  grid  scheme  could  be  considered  as  a 
more  flexible  and  easier  approach. 

3.1  Results  and  discussion 

First,  we  consider  a  supersonic  flow  of  Mach  3 
through  a  convergent  channel,  where  the  top  and 
front  side  walls  are  each  bent  by  a  wedge  angle 
of  10  degrees,  thus  creating  two  wedge  shocks 
of  equal  strength  and  subsequent  interaction  be¬ 
tween  them.  A  strip  of  unstructured-meshed  re¬ 
gion  is  placed  in  the  mid-section  of  the  channel 
(not  shown).  The  two  wedge  shocks  intersect 
and  generate  a  corner  shock  region  manifested 
by  the  slip  lines  emanating  from  the  triple  point. 
As  seen  in  Fig.  19,  this  region  progressively  be¬ 
comes  larger  as  the  wedge  shocks  sweep  toward 
the  opposite  walls.  Eventually  these  two  wedge 
shocks  reflect  and  interact  with  the  flow  previ¬ 
ously  generated  by  the  corner  shocks,  making 
the  flowfield  even  more  complicated. 

The  result  on  a  single  structured  grid  is  also  in¬ 
cluded  for  comparison.  We  see  that  both  sets 
of  results  are  essentially  the  same,  except  in  the 
core  region  characterized  by  the  slip  lines. 

Now,  we  give  the  results  of  a  flow  over  tur¬ 
bine  stator  vanes  [27].  Figure  20  shows  the 
DRAGON  grid,  which  consists  of  a  background 
H-type  grid,  an  O-type  viscous  grid  around  the 
vane,  and  an  unstructured  grid  region  between 
them.  The  static  pressure  distributions  of  the 
present  DRAGON  grid  solution  are  plotted  in 
Fig.  21  and  they  are  in  very  good  agreement 
with  the  data  of  [27]  measured  at  three  spanwise 
locations,  13.3%,  50%,  and  86.6%  respectively. 

4  Concluding  Remarks 

With  the  introduction  of  the  numerical  speed  of 
sound  in  the  AUSM+flux  scheme,  it  now  yields 
accurate  results  at  low  Mach  number  and  effi¬ 
cient  convergence  at  a  rate  (nearly)  independent 
of  Mach  number  and  angle  of  attack.  Inter¬ 
estingly,  the  convergence  rate  is  even  enhanced 


at  transonic  speeds  with  the  numerical  speed  of 
sound. 

We  have  presented  the  extension  of  the 
DRAGON  grid  method  into  three-dimensional 
space.  This  method  preserves  the  advanta¬ 
geous  features  of  both  the  structured  and  un¬ 
structured  grids,  while  eliminating  or  minimiz¬ 
ing  their  respective  shortcomings.  As  a  result, 
it  is  amenable  to  the  quick  creation  of  quality 
viscous  grids  for  various  individual  components 
with  complex  shapes  found  in  an  engineering  sys¬ 
tem.  The  DRAGON  grid  generation  can  realize 
the  time  saving  from  months  to  days. 

Furthermore,  the  flow  solutions  confirm  con¬ 
servation  of  fluxes  through  the  interfaces  of 
structured-unstructured  regions,  and  the  results 
are  in  very  good  agreement  with  the  measured 
data,  thus  demonstrating  the  reliability  of  the 
method. 
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Fig.  1  Supersonic  (M^  =  6)  blunt  body  problem;  profiles  along  the  stagnation  streamline  using  AUSM+(L) 
and  Roe’s  (R)  schemes  respectively. 
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Numerical  Mach  Number 


Fig.  2  Numerical  Mach  number  vs  Mach  number 


Angle  C) 


Fig.  3  Comparison  of  Ci  and  Cm  for  the  NACA  0012  airfoil, using  the  GRC  and  B-L  turbulence  models.  And 
comparison  of  Cv  at  four  pitching  angles,  from  [16]. 
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Fig.  4  Convergence  history  for  the  shuttle  external  tank  problem:  (Left)  AUSM+,  (Middle)  AUSM”*"--a, 
(Right)  AUSM+-ap. 
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Fig.  5  Pressure  contours  for  the  shuttle  external  tank  problem  obtained  at  N=6400  time  steps  for  =  0.01, 
using  the  standard  AUSM+(L)  and  AUSM+-a  (R). 


Fig.  6  Structure  of  backward-facing  step  flowfield  Fig.  7  Wall  shear  stress  comparisons:  backward- 
(Re  =  800).  facing  step  flowfield  (Re  =  800). 


Fig.  8  Pressure  distribution  at  the  spanwise  section,  65%  of  the  ONERA  M6  wing,  for  various  angles  of  attack, 
Af™  =  0.84,  Re ™  =  18.2  x  106. 


Fig.  9  Convergence  history  for  the  ONERA  M6  wing  problem  at  three  angles  of  attack,  M ^  =  0.84,  Rec 
18.2  x  106. 


Fig.  10  Particle  traces  for  the  ONERA  M6  wing  problem  at  M0 0  =  0.84,  Re =  18.2  x  106.,  and  Left:  a  =  3. 
Right:  a  —  5.06°. 


Fig.  11  Particle  traces  around  the  body  and  wing. 
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Fig.  12  Pressure  distribution  at  various  sections  of  the  wing,  M0 0  =  0.8,  a  =  2°,  Re =  0.167  x  10 


Residua!  on  wing  grid 


Fig.  13  Convergence  history  for  the  wingbody  problem. 


p  =  1H1  kg/m*  p  =  2gkg/m* 


Fig.  14  Surface  pressure  distributions:  K=0.8.  Fig.  15  Density  contours:  liquid  water  flow  over 

hemisphere/cylinder. 
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Fig.  16  Duration  of  each  task  in  a  large  scale  CFD  project. 
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ABSTRACT 

Vibration  reduction  can  be  achieved  in  helicopter  rotors 
by  redistributing  the  vibratory  aerodynamic  loads  on  each 
blade  individually.  This  can  be  realized  by  actively 
modifying  the  twist  distribution  along  the  blade  radius. 
This  paper  presents  the  aeroelastic  framework  developed 
to  design  integrally  twisted  active  helicopter  blades.  The 
effects  of  the  active  material  embedded  in  the  structure  are 
carried  throughout  all  the  steps  of  analysis.  An  active  twist 
rotor  (ATR)  blade  was  designed  and  manufactured  in  order 
to  investigate  the  issues  of  the  current  concept.  It  uses 
embedded  active  fiber  composites  as  the  means  to  achieve 
the  twist  deformation.  Using  the  developed  active 
aeroelastic  model,  numerical  results  are  compared  to 
non-rotating  and  rotating  experimental  frequency  response 
data.  Correlation  between  the  model  and  experiments  is 
very  good.  The  model  presented  here  can  be  used  as  a 
design  tool  for  future  active  aeroelastic  tailored  rotor 
systems. 

1.  INTRODUCTION 

Helicopter  vibration  is  a  phenomenon  mainly  induced  by 
the  instantaneous  asymmetry  of  the  aerodynamic  loads 
acting  on  the  blade  at  different  azimuth  locations,  and  such 
asymmetry  becomes  more  and  more  severe  as  the 
helicopter  flight  speed  increases.  Quite  complicated 
aerodynamic  environments  are  exhibited  by  the  individual 
rotor  blades  in  helicopter  during  forward  flight.  There  have 
been  conventional  (passive)  methodologies  in  the  helicopter 
community  to  reduce  such  vibration.  However,  during  the 
last  two  decades,  active  methods  to  alleviate  helicopter 
vibration  based  on  the  idea  of  directly  modifying  unsteady 
aerodynamic  loads  acting  upon  the  rotor  blades  have  been 
studied  and  may  be  broadly  classified  as  higher  harmonic 
control  (HHC)  and  individual  blade  control  (IBC).1  Several 
outstanding  results  were  obtained  in  terms  of  vibration 
reduction  performance,  and  it  includes  analytical  studies 
searching  for  an  optimal  control  scheme,  wind  tunnel  tests 
with  either  small  or  full-scaled  model,  and  flight  tests. 
However,  these  concepts  based  on  employing  additional 
hydraulic  actuators  installed  on  either  non-rotating 
(beneath  swashplate)  or  rotating  frames  (between  pitch 
finks)  were  not  entered  into  full-scale  development  yet 
because  of  severe  fatigue  introduced  at  the  actuator 
components  and  complexity  of  the  systems. 

Recently  there  were  several  attempts  to  take  advantage 
of  active  materials  for  individual  blade  control2  since  those 
materials  can  bring  systems  advantages  in  terms  of  weight 
and  power  consumption  when  compared  with  traditional 
hydraulic  systems.  Two  main  distinct  concepts  have  been 
under  development  for  the  active  material  application: 


rotor  blade  flap  actuation,  and  integral  blade  twist 
actuation.3  The  rotor  blade  flap  actuation  concept  has  been 
studied  in  various  ways  and  that  is  beyond  the  scope  of  the 
present  paper.  The  integral  actuation  concept,4'6  on  the 
other  hand,  presents  itself  as  an  aggressive  alternative 
with  several  potential  benefits.  Besides  providing 
redundancy  in  operation,  the  integral  concept  does  not 
increase  the  profile  drag  of  the  blade  unlike  discrete  flap 
concepts.  Moreover,  the  actuators  once  embedded  in  the 
composite  construction  become  part  of  the  load  bearing 
structure,  making  the  active  blade  a  truly  integrated 
multifunctional  structure  that  allows  for  effective 
construction,  assembly,  and  maintenance  of  future  low 
vibration  and  low  noise  rotor  blades. 

A  research  program  between  NASA  Langley/Army 
Research  Laboratory  and  MIT  has  been  established  to 
investigate  the  specific  issues  related  to  the  modeling  and 
design  of  Active  Twist  Rotor  (ATR)  systems,  evaluate  their 
effectiveness  for  IBC  in  forward  flight,  and  the  impact  on 
vibration  and  noise  reduction.  As  part  of  the  ATR  study, 
extensive  wind  tunnel  test  will  support  the  proposed 
concept  and  will  provide  a  first- of- a  kind  experimental  data 
for  validation  of  the  concept  and  the  developed  active  blade 
modeling  framework.  The  tests  are  conducted  using  a 
2.74-m  diameter  4*bladed  fully- articulated  aeroelastically 
scaled  wind  tunnel  model  designed  for  testing  in  the  heavy 
gas  environment  of  the  NASA  Langley  Transonic  Dynamics 
Tunnel  (TDT).  The  Aeroelastic  Rotor  Experimental  System 
(ARES),  shown  in  the  TDT  in  Fig.  1,  is  used  to  test  the  ATR 
model.  The  TDT  utilizes  a  heavy  gas  test  medium  with  a 
speed  of  sound  approximately  one  half  that  of  sea  level 
standard  air.  This,  as  well  as  the  TDT’s  variable  density 
test  capability,  permits  full  scale  rotor  tip  Mach  numbers, 
Froude  numbers,  and  Lock  numbers  to  be  matched 
simultaneously  at  model  scale. 


Figure  1.  ARES  testbed  in  TDT  with  the  ATR  blade. 

This  paper  discusses  the  theoretical  framework 
developed  to  analyze  ATR  blades,  and  its  correlation  with 
preliminary  tests,  both  on  the  bench  and  in  hover. 
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2.  THEORETICAL  MODEL 

For  analyzing  helicopter  blades  with  embedded  strain 
actuators,  a  framework  is  needed  such  that  the  effects  of 
the  active  material  embedded  in  the  structure  are  carried 
out  throughout  all  the  steps  of  the  analysis.  A  new  analytic 
formulation  was  created  for  active  rotor  blade  modeling 
that  is  able  to  model  realistic  blade  cross  section  like  the 
one  needed  for  the  ATR  concept.  As  described  below,  an 
asymptotical  analysis  takes  the  electromechanical 
three-dimensional  problem  and  reduces  it  into  a  set  of  two 
analyses’  a  linear  analysis  over  the  cross  section  and  a 
nonlinear  analysis  of  the  resulting  beam  reference  line. 

2.1.  Cross-Section  Analysis 

The  new  asymptotical  formulation  to  analyze  multi-cell 
composite  beams  incorporating  embedded  piezoelectric 
plies  distributed  throughout  the  blade  was  developed  and 
presented  in  detail  in  Ref.  9.  While  restricted  to 
thin-walled  beams,  it  yields  closed  form  solutions  of  the 
displacement  field  (which  is  derived  and  not  assumed),  and 
stiffness  and  actuation  constants.  The  availability  of 
correct  closed  form  expressions  is  essential  to  determine 
design  paradigms  on  this  new  type  of  blade,  mainly 
concerning  to  the  tradeoffs  between  torsional  stiffness  and 
twist  actuation.  These  stiffness  and  actuation  constants 
will  then  be  used  in  a  beam  finite  element  discretization  of 
the  blade  reference  line.  The  beam  constitutive  relation 
relating  beam  generalized  forces  (axial  force,  twist,  and  two 
bending  moments,  respectively)  with  beam  generalized 
strains  (axial  strain,  twist  curvature,  and  two  bending 
curvatures)  and  corresponding  generalized  actuation  forces 
(function  of  the  geometry,  material  distribution,  and 
applied  electric  field)  is  obtained  in  the  following  form* 

Ft]  [*„  *,2  *,3  F^' 

m,  |  4  k22  k2 3  k24  I  I  LH 

'  M2'~  Ktt  K12  tf33  *34  ‘  k2  M(20)  ’  (1) 

M,  J  [Ku  K2i  Ku  [M[a) 

where  [A]  is  the  stiffness  matrix  function  of  geometry  and 
material  distribution  at  the  rotor  cross  section.  From  this 
formulation,  all  ACy  and  the  generalized  actuation  forces  are 
given  by  closed  form  expressions,6  or  for  a  more  general 
geometry  by  finite  element  analysis.7 

2.2.  Global  Beam  and  Aerodynamics  Analysis 

The  geometrically  exact  beam  equations  follow  from  the 
asymptotical  analysis  and  include  the  distributed  actuation. 
As  direct  extension  of  Ref.  8,  the  original  nonlinear 
formulation  allows  for  small  strain  and  finite  rotations,  and 
is  cast  into  a  mixed  variational  intrinsic  form.  The 
embedded  actuation  effects  come  in  the  new  constitutive 
relation  that  modifies  the  1*D  finite  element  formulation. 
Its  implementation  was  performed  on  the  aeroelastic  hover 
solution  described  in  Ref.  9.  The  solution  of  the  1*D  beam 
analysis  provides  blade  displacement  and  generalized 
stress  fields  due  to  external  loading  and  piezoelectric 
actuation,  which  are  of  interest  in  the  analysis  of  static  and 
dynamic  deformations  and  aeroelastic  stability. 

Based  on  a  thin  airfoil  theory,  the  external  aerodynamic 
loads  acting  on  the  rotor  blade  surface  are  formulated  in 


rotating  conditions  (either  in  hover  or  forward  flight).  Since 
the  aerodynamic  model  used  in  this  formulation  contains 
the  induced  velocity  terms  explicitly,  it  is  necessary  to  solve 
them  simultaneously.  In  this  analysis,  finite -state  dynamic 
inflow  equations  based  on  Peters  and  He10  is  adopted.  In  its 
derivation,  new  state -variables  are  generated  to  describe 
the  inflow  velocity  at  discrete  spanwise  locations  by 
dynamic  equilibrium  equations  between  inflow  quantities 
and  pressure  imposed  on  the  rotor  blades.  These  equations 
usually  involve  the  structural  variables  and  their  time 
derivatives,  such  as  displacements  and  rotations  and, 
therefore,  they  need  to  be  solved  concomitantly  with  the 
structural  equilibrium  equations. 

2.3.  Solution  of  Aeroelastic  System 

The  structural  equilibrium  equations  from  the  blade 
analysis  can  be  grouped  into  structural  (As)  and 
aerodynamic  terms  (Az)  as  follows- 

Fs(X,X,V)-Fl(X,Y,X)  =  0  (2) 

where  X  is  the  vector  of  structural  variables,  Y the  inflow 
variables,  and  Vis  the  vector  of  magnitudes  of  the  electrical 
field  distribution  shape.  Similarly,  the  inflow  dynamics  can 
be  represented  by  separation  into  pressure  ( Fr )  and  inflow 
(A5)  components- 

-FP(X,Y)  +  Fr(Y,Y)  =  0  (3) 

The  solution  of  interest  for  the  coupled  set  of  equations 
above  can  be  derived  based  on  small  perturbation  from 
steady-state  equilibrium- 


For  the  solution  of  steady-state  equilibrium,  one  needs  to 
solve  a  set  of  nonlinear  equations  of  both  Eqs.  (2)  and  (3)- 

FS(XAV)-FL(XJ,0)  =  0 
-FP(X,Y)  +  FI(Y,0)  =  0 

The  steady-state  equilibrium  solution  can  be  found  very 
efficiently  using  Newton-Raphson  method. 

In  order  to  investigate  the  dynamic  response  of  the  blade 
with  respect  to  voltage  applied  to  the  embedded  anisotropic 
strain  actuator,  a  state-space  representation  is  required 
after  the  steady-state  solution  is  obtained.  By  perturbing 
Eqs.  (2)  and  (3)  using  Eq.  (4)  about  the  calculated  steady 
state,  one  gets 


y=Y 


from  which  the  transient  solution  can  be  found.  Since  the 
aerodynamics  is  expressed  as  coupled  through  the  blades, 
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the  system  equations  must  be  transformed  to  multi-blade 
coordinates  resulting  in  a  form  of  multi* harmonic  series.  In 
the  present  hover  analysis,  only  the  collective  components 
of  those  need  to  be  considered. 

Eq.  (6)  is  a  state-space  representation,  and  can  be 
written  in  the  following  general  form: 

\ex=ax+bv 

\y=CX+VV 

where  /  is  the  output  vector  of  sensors  embedded  along  the 
blade  (strain  gauge  bridges  configured  for  torsion  or 
bending  strain  measurements).  Frequency  response 
function  of  the  blade  can  be  calculated  using  the  following 
Laplace  transform: 

=  C(Es  -A)_1B  +D  (8) 

V(s) 

Note  that  the  coefficient  matrix  E  is  usually  singular  due  to 
the  mixed  formulation  of  the  beam  model. 

3.  BENCH  TEST  STUDIES 

Using  the  developed  framework,  an  ATR  prototype  blade 
was  designed  and  manufactured  successfully.11  Before 
investigating  the  ATR  vibration  reduction  during  forward 
flight,  a  correlation  was  attempted  regarding  the  adequacy 
of  the  present  modeling  methodology.  This  is  accomplished 
based  on  both  bench  and  hover  experiments,  which  are 
described  in  detail  here. 

The  non-rotating  dynamic  characteristics  of  the  blade 
can  be  evaluated  from  the  frequency  response  of  an  applied 
sinusoidal  excitation  to  the  AFC  actuators.  Fig.  2  shows  the 
result  of  laser  displacement  sensor  (for  tip  twist  angle) 
readings  and  the  theoretical  prediction  as  function  of  the 
actuation  frequency.  As  one  can  see,  the  first  torsional 
mode  is  clearly  identified  at  approximately  85  Hz,  and  this 
result  matches  well  with  model  prediction.  The  peaks  at 
the  torsional  natural  frequency  in  the  model  prediction  are 
found  quite  higher  (tend  to  infinite)  than  those  in  the  bench 
test  results  since  no  damping  is  included  in  the  structural 
model.  This  already  indicates  that  some  structural 
damping  should  be  added  to  the  model.  Once  the 
aerodynamics  is  included  in  the  problem,  its  damping  will 
bring  the  peak  to  finite  amplitude.  While  the  strain  results 
could  be  obtained  at  high  excitation  voltages,  the  dynamic 
tip  twist  was  measured  at  low  voltages  due  to  the 
limitation  on  the  range  of  the  laser  sensors.  At  400  VPP,  the 
peak-to-peak  tip  twist  response  of  the  blade  is 
approximately  3.5°. 


Figure  2.  Tip  twist  response  of  the  ATR  prototype  blade  on 
the  bench. 

Such  an  increased  dynamic  response  around  the  first 


torsional  natural  frequency  is  expected  to  affect  the  twist 
response  over  the  frequency  range  of  interest  when  the 
blade  is  rotating.  It  makes  the  frequency  response  quite  flat 
after  IP  (11.5  Hz),  compensating  for  the  inherent 
degradation  authority  of  the  piezoelectric  material  with 
frequency.  Therefore,  the  theoretical  model  presented 
herewith  shows  very  good  correlation  with  experimental 
test  on  the  frequency  response  for  both  tip  twist  actuation 
and  torsional  deformation  of  the  active  blade. 

4.  HOVER  TEST  STUDIES 

The  ATR  prototype  blade  was  used  with  three  other 
similar  passive  blades  for  hover  testing  as  a  four* blade d 
fully* articulated  rotor  system  inside  the  NASA  Langley 
TDT12  (shown  in  Fig.  1).  The  test  conditions  include 
harmonic  sine  dwell  actuation  in  either  normal  air  or  heavy 
gas  medium  environment.  The  rotational  speed  was  varied 
(full  688  rpm  and  10%  below  that),  as  well  as  the  collective 
pitch  setting  (0°,  4°  and  8°).  During  the  hover  tests,  a  total 
of  26  data  channels  were  monitored  and  stored  to 
investigate  the  aeroelastic  characteristics  of  both  the 
overall  rotor  system  and  the  individual  blade.  These  signals 
include  6-component  rotor  system  balance  loads,  strain 
gauges  embedded  in  the  active  blade,  pitch  link  loads,  etc. 

From  the  theoretical  model  developed  in  this  study,  the 
frequency  response  of  the  ATR  prototype  blade  can  be 
computed  for  the  hover  condition.  As  a  sample  result,  Fig.  3 
shows  the  internal  torsional  moment  at  31%  blade  radial 
station  and  its  comparison  with  the  experimental  data  for 
the  case  of  heavy  gas  environment,  688  rpm,  2,000  VPP 
excitation,  and  varying  collective  pitch  settings  (0°,  4°,  8°). 
As  one  can  see  from  both  magnitude  and  phase  of  the 
torsion  gage  readings,  the  actuation  authority  is  insensitive 
to  the  blade  static  loading  (represented  by  the  different 
collective  settings).  Also,  the  first  torsion  resonance 
frequency  appears  at  about  70  Hz  (6.3  P),  lower  than  the 
bench  result  (85  Hz),  which  is  associated  with  the  pitch  link 
flexibility,  the  aerodynamic  damping  effects,  and  the 
effective  change  on  the  total  length  of  the  blade  (due  to  its 
mounting  on  the  hub).  Even  though  the  analytical  model 
overpredicts  magnitude  of  the  blade  deformation  in  the  low 
frequency  actuation  regime,  the  correlation  is  fairly  good. 
Moreover,  the  analytical  prediction  clearly  confirms  the 
previous  experimental  findings  that  the  actuation 
authority  is  insensitive  to  the  blade  static  loading. 
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Figure  3.  Torsional  moment  at  31%  blade  radius  of  the 
ATR  prototype  blade  in  hover  (688  rpm,  heavy  gas, 
0.00472  slug/ft3  density,  2,000  Vpp  actuation). 


-  725 


Frequency  response  sensitivity  with  respect  to  rotor 
rotational  speed  and  test  medium  density  also  shows  that 
the  actuation  authority  is  insensitive  to  such  pertux’bation 
except  one  at  the  torsional  resonance  frequency  due  to  the 
change  in  the  aerodynamic  damping  with  medium  density. 
The  theoretical  model  predicts  those  trends  very  well,  and 
again  overpredicts  the  magnitude  of  the  torsional  moment. 

To  estimate  the  potential  capability  of  vibration 
reduction  using  the  current  ATR  blade  concept,  CAMRAD 
II12  is  used  in  forward  flight  condition.  Its  model  employs 
an  equivalent  torque  couple  to  represent  the  twist 
actuation  generated  by  the  actuators.  The  present 
cross-sectional  analysis  provides  the  active  moment  to  be 
used  in  that  analysis.  Once  the  CAMRAD  II  model  is 
calibrated,  similar  correlation  with  the  present  model  for 
this  experimental  data  can  be  verified.12  Fig.  4  shows  the 
4P  vertical  hub  shear  force  that  the  ATR  system  is 
predicted  to  be  subjected  at  a  given  forward  flight  condition 
as  function  of  the  phase  of  the  applied  actuation.  Without 
actuation,  the  projected  4P  vertical  force  is  appi-oximately  6 
lb.  The  four-active  bladed  system  under  2,000  VPP  actuation 
(equivalent  to  an  actuation  ratio  of  0.5  in  Fig.  12)  is 
expected  to  reduce  the  4P  vibration  of  about  60%  to  80%  at 
|i=0.30,  Ct/cj=0.075  and  Cx/a=-0.0046. 


Figure  4.  Variation  of  thrust  induced  by  twist  actuation 
at  ATR  system  in  forward  flight  (|i=0.30,  Ct/<j=0.075, 
Cd/ct— 0.0046). 

5.  CONCLUSIONS 

This  paper  presented  an  analytical  framework,  and  the 
corresponding  correlation  with  bench  and  hover  test 
results  for  an  active  rotor  blade  concept.  The  active  rotor 
blade  was  designed  to  reduce  rotor  vibratory  loads  by 
piezoelectrically  controlled  twisting  on  the  individual 
blades.  A  study  of  the  frequency  response  of  an  active  blade 
was  conducted  for  both  non-rotating  and  hover  conditions. 
Correlation  between  the  developed  model  and  the  ATR 
experimental  data  was  very  good.  Both  analytical  and 
experimental  results  show  that  the  twist  actuation 
authority  of  the  ATR  blade  is  independent  of  the  collective 
setting  up  to  approximately  10P,  and  the  only  dependence 
on  rpm  and  altitude  show  near  the  torsional  resonance 
frequency  due  to  its  dependency  on  the  aerodynamic 
damping.  For  all  the  aeroelastic  results,  the  phase 
correlation  of  the  vibratory  twist  moment  was  excellent. 
The  model,  however,  generally  over  predicts  the  magnitude 
of  the  moment  due  to  the  lack  of  structural  damping.  The 
discrepancies  at  low  frequency  are  between  1%  and  50%  (in 
few  frequency  locations)  which  are  associated  with 
uncertainties  on  the  active  material  properties,  hub 
dynamic  properties,  and  the  unmodeled  ledTag  damper. 
Future  tests  and  simulations  will  be  extended  to  forward 


flight  condition  for  a  full  validation  of  the  concept.  Finally, 
based  on  a  calibrated  model,  estimation  of  4P  vertical  hub 
shear  force  at  p=0.30  shows  potential  for  60%  to  80% 
vibratory  load  reduction.  The  presented  modeling,  bench 
and  hover  test  results  on  this  prototype  blade  set  the 
foundation  for  future  development  of  the  ATR  concept  for 
IBC  in  forward  flight. 
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Abstract 

The  development  of  the  MH2000  commercial 
helicopter,  which  had  been  dreamed  of  for  a  long 
time,  was  started  in  April  1995.  This  is  the  first 
purely  Japanese-made  commercial  helicopter. 
The  paper  presents  the  outline  of  the  MH2000 
development  emphasizing  its  unique  features  for  a 
short-term  development.  In  addition  to  the 
short  development  period,  MHI  developed  both 
the  aircraft  and  its  engine  at  the  same  time,  which 
is  the  first  case  in  the  industry.  To  achieve  the 
unique  aspects  of  MH2000  development,  we  take 
some  new  approaches  in  design  and 
manufacturing  stages.  Mitsubishi  Heavy 
Industries  (MHI)  conducted  a  significant 
reduction  of  development  period  and  development 
cost  in  order  to  minimize  the  risk  of  development 
with  quick  response  to  the  market  trends. 
Currently  three  production  types  are  delivered  to 
the  domestic  market,  and  further  improvement  is 
being  planned  in  MHI  for  possible  expansion  of 
the  commercial  helicopter  in  the  twenty-first 
century. 

Introduction 

It  had  long  been  the  dream  of  MHI  to 
develop  commercial  helicopters.  For  this 
purpose,  element  technologies  have  been 
accumulated  in  fundamental  studies,  while  trial 
components  have  been  manufactured  to  establish 
original  technical  basis.  In  addition,  as  a  result 
of  market  research,  along  with  promotion  of 
operational  deregulation  and  construction  of 
heliports,  it  is  expected  that  the  demand  in  the 
Japanese  domestic  market  will  expand  as  the 
problems  of  noise,  safety,  ride  quality  and  price 
are  solved  to  establish  operational  advantages. 


Element  technologies  have  advanced  to  the  level 
just  before  verification  of  an  actual  helicopter,  and 
new  technologies  for  solving  the  problems  have 
been  developed.  Development  of  the  RP1 
prototype  was  started  in  July  1992  in  order  to 
avoid  the  risk  of  direct  full  development. 

Throughout  the  manufacture  of  this  RP1 
prototype  and  ground  tests  and  flight  tests,  the 
basic  technologies  for  development  of  the 
helicopter  and  new  techniques  for  realizing  sales 
points  have  been  proved.  The  technical 
background  has  been  established,  and  methods  of 
developing  at  lower  cost  and  in  a  shorter  time 
have  been  verified. 

On  the  basis  of  these  achievements,  the 
development  of  the  first  commercial  helicopter, 
the  MH2000,  was  started  in  April  1995. 

Outline  of  MH2000 

The  MH2000  is  the  first  purely 
Japanese-made  commercial  helicopter  (Fig.l). 
In  addition,  all  of  the  most  important  dynamic 


Fig.  1  MH2000  Helicopter 
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components  of  the  helicopter,  namely,  the  rotor, 
engine,  and  transmission  have  been  exclusively 
manufactured  by  MHI,  and  no  such  helicopter  has 
been  ever  built  in  the  world.  .  For  the  MH2000 
development,  based  on  the  former  RP1  experience, 
MHI  decided  to  build  those  components  by  itself. 
This  means  that  the  company  emphasized  on 
entire  development  of  helicopter  system  to  learn 
integration  technique. 

The  MH2000  is  a  middle-size  multipurpose 
helicopter  with  two  turbo  shaft  engines  (Fig.2). 
Its  maximum  take-off  weight  is  4,500kg,  its 
maximum  speed  is  150kt  (280  km/h)  and  flight 
time  is  4  Hr  at  the  maximum  case.  The  basic 
configuration  with  some  major  components  is 
shown  in  Fig.3. 

Development  of  MH2000  was  started  in 
April  1995  (Fig.4),  and  an  application  for  the  type 
certificate  was  submitted  to  the  Civil  Aviation 
Bureau,  Ministry  of  Transport,  on  April  18.  A 
preliminary  T/C  (Type  Certification)  board  was 
held  on  May  10,  and  the  type  certification 
program  was  officially  started.  After  the 
inspections  and  preflight  T/C  board  on  July  25-26, 
1996,  the  maiden  flight  was  successfully 
performed  on  July  29.  The  interim  T/C  board 
was  held  on  March  27-28  and  May  22-23,  1997, 
the  final  T/C  board  was  held  on  June  11,  and  the 
type  certificate  was  issued  on  June  26,  1997. 
During  the  certification  program  period,  various 
and  a  number  of  flight  tests  are  conducted  with 
tow  prototype  helicopters.  The  total  amount  of 
flight  was  about  300  flights  and  500  flight  hours. 
At  the  point  of  the  T/C  approval,  MH2000  was 
opened  to  the  public  and  sales  activities  started. 

The  engine,  MG5-110,  was  simultaneously 
developed  at  Nagoya  Guidance  &  Propulsion 
Systems,  and  its  type  approval  was  issued  on  June 
9,  1997,  in  accordance  with  the  Basic  T/C  of  the 
aircraft. 

On  the  other  hand,  immediately  after  the 
Basic  T/C  is  approved,  an  additional  type 
certification  program  was  started  so  as  to  improve 
the  operation  capabilities,  using  the  two  flight  test 
helicopters.  The  type  certificate  amendment 
was  issued  on  January  12,  1998.  The 

airworthiness  certificate  (A/W)  was  issued  for  the 
second  aircraft  on  January  13,  1998. 

While  the  Amendment  T/C  work  was 
running,  a  design  program  for  the  production 
MH2000  has  already  started  in  the  middle  of  1997. 
Some  additional  procedures  for  certification 
including  another  flight  tests  are  performed  using 


both  prototype  and  production-type  aircraft 
through  1998  until  middle  of  1999,  before  the 
production  T/C  was  approved  in  September  1999. 
MHI  had  manufactured  three  production 
helicopter  and  the  first  one  was  delivered  on 
October  1,  1999.  In  2000,  MHI  has  begun  to 
manufacture  the  succeeding  lot  of  MH2000  and, 
on  the  other  hand,  is  conducting  sales  promotion. 

As  described  above,  MHI  conducted  a 
significant  reduction  of  development  period 
comparing  with  a  traditional  aircraft  development. 
As  a  result  of  the  short-term  process,  its 
development  cost  was  minimized  so  as  to 
correspond  to  the  market  trends,  which  minimized 
the  risk  of  development  at  the  same  time. 

For  the  first  step  of  the  business,  the 
Japanese  type  certificate  was  obtained  within  the 
shortest  period  of  time.  The  possible  next  step 
for  the  overseas  market  would  be  taken  after  well 
satisfactory  results  in  the  domestic  market  were 
confirmed  and,  from  an  engineering  point  of  view, 
design  feedback  from  customers  has  been  done. 

Technical  Features  of  MH2000 

MHI  has  introduced  various  new 
technologies  in  MH2000  to  achieve  superior 
capabilities  as  a  helicopter  of  the  twenty-first 
century. 

Major  technical  features  include  the 
following. 

( 1 )  Reduction  of  External  Noise 

-  Newly  designed  main  rotor  blade  with  low 
noise  and  low  vibration  characteristics 

-  Two  mode  RPM  operation  with  FADEC 
(Full  Authority  Digital  Electronic  Control) 
engine  control 

(2)  Comfortable  cabin  environment 

-  Spacious  cabin 

-  Low  noise  and  vibration  level 

(3)  Safety  features 

-  Twin  engine  and  crashworthy  design 

-  Map  Display  System  (MDS)  with  GPS 

-  Automatic  Flight  Control  System  (AFCS) 

(4)  Superior  performance 

-  Flight  speed 

-  Range 

(5)  Operating  economy 

-  Low  price  helicopter  with  low  cost  design 

-  Reduced  Direct  Operational  Cost  (DOC) 

In  the  MH2000  design,  MHI  has  been 
seeking  not  only  the  high  performance  as  a 
helicopter  but  also  familiarity  with  human,  e.g. 
silence  and  safety. 
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In  the  design  and  T/C  work,  a  lot  of  tests, 
including  component  tests  and  flight  tests,  had 
been  conducted  to  collect  data  and  verify  the 
performance  of  the  helicopter  shown  above. 
Currently  MHI  continues  engineering  flight  tests 
with  the  prototype  MH2000,  and  those  results 
have  been  successively  applied  to  production 
aircraft  to  improve  its  capabilities. 

Future  Plan  of  MH2000 

Helicopter  is  considered  one  of  the  best  fit 
transportation  media  for  the  Japanese  local 
situation.  Approximately  1000  commercial 
helicopters  are  in  service  in  Japan  to  date  and  this 
number  is  almost  a  half  of  the  total  Japanese 
general  aviation.  Therefore,  MHI  expects 
considerable  expansion  of  market  demands  for 
helicopters  if  the  appropriate  hardware  and  the 
framework  of  society  are  provided. 

With  the  recognition  of  this  situation,  MHI 
plans  to  continue  the  commercial  helicopter 
business  with  enhancing  the  performance  of  the 
MH2000. 

Major  enhancements  are  investigated  in  the 
following  subjects. 

-  More  comfortable  cabin  :  low  vibration  and 

noise 

-  More  silent  external  noise 

-  High  quality  cabin  interior 

-  Enhanced  autopilot  (AFCS) 

-  IFR  (Instrument  Flight  Rules)  operation 

-  High  flight  performance  :  higher  cruise  speed 

-  External  equipments  :  camera,  hoist,  etc. 

-  Much  easier  maintenance 

Realizing  such  advanced  features,  the 
MH2000  can  be  used  for  more  versatile  use  such 
as  EMS,  rescue,  broadcasting  and  offshore  not 
only  in  a  domestic  area  but  also  an  international 
field. 

The  large  cabin  and  cargo  room  of  the 
MH2000  can  carry  various  equipments  which  are 
required  for  helicopter  missions,  such  as  medical 
service,  rescue  and  broadcasting.  Because  it  is 
remarkably  silent  in  the  cabin,  operators  can 
manipulate  those  equipments  easily  with  each 
crew  communicating.  Installation  of  optional 
equipments  affects  aircraft  weight  and  cabin  space 
and  may  cause  deterioration  of  the  flight 
performance.  However,  in  the  case  of  the 
MH2000,  optional  equipments  scarcely  reduce  the 
performance  as  the  helicopter  originally  has  great 
cabin  volume. 


In  this  point  of  view,  the  MH2000  holds 
potential  for  future  modifications  and  optional 
configurations  as  a  multipurpose  helicopter. 
MHI  plans  to  further  improve  the  MH2000  taking 
advantages  of  the  enhancements  and  the  potential 
described  here. 

Conclusions 

(1)  Mitsubishi  Heavy  Industries,  Ltd.  (MHI)  has 
started  the  development  of  the  MH2000 
helicopter  in  order  to  extend  its  business  in 
the  Japanese  commercial  helicopter  market. 

(2)  As  a  development  of  an  entirely  new 
commercial  helicopter,  MHI  introduced  the 
short-term  process  in  design  and  manufacture 
fields  and  some  unique  technical  features  are 
applied  to  the  helicopter. 

(3)  By  the  acquisition  of  a  type  certificate  (basic, 
amendment  and  production)  and  an 
airworthiness  certificate,  the  MH2000  began 
to  fly  in  skies  of  Japan  as  a  commercial 
helicopter.  This  was  the  first  step  for  the 
commercial  production  of  the  MH2000. 

(4)  The  production  design  was  promoted  in 
parallel  with  type  certification  work.  MHI 
had  manufactured  three  helicopters  as  the 
first  lot  of  production  MH2000  to  date,  which 
had  been  delivered  for  the  customers. 

(5)  It  is  further  planned  to  promote  the 
production  project  while  enhancing  the 
performance  of  the  MH2000  in  various 
aspects  so  that  the  helicopter  can  be  operated 
for  versatile  use. 
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ABSTRACT 

Future  UAV'  s  will  fly  safely  among  the  manned 
aircraft  in  the  general  open  air  space,  with  the 
“autonomous"  flight  control.  A high-reli ably  built 
autonomous  and  fault  tolerant  system  requires 
extremely  complex  and  expensive  configuration, 
which  is  adverse  for  prevailing  the  UAV. 

It  is  proposed  in  this  paper  that  Remotely  Piloted 
Operation  for  those  UAV'  s  can  still  be  a  solution  to 
reduce  the  system  complexity,  getting  free  from 
many  inconveniences  caused  from  having  the 
ground  facilities. 

The  concept  to  conform  autonomous  control  laws 
and  several  ideas  to  improve  the  remotely  piloted 
operation  are  suggested .  Top  leveled  sequence 
control  over  Flight  Management  System  in 
hierarchy  in  control  laws  of  the  aircraft  is  a  key 
factor,  in  which  an  expert  type  of  autonomous 
control  logic  is  described.  The  pilot  guidance  display 
system  in  landing  phase  is  another  key  for  a 
successful  remote  pilot  system  .  The  deflection 
control  of  the  stick  and  pedals  in  the  cockpit  is  also 
useful  in  landing  controls.  Moreover,  a  virtual 
cockpit  system  with  high  reality  is  to  have  a 
significant  contribution. 

The  fault  tolerant  and  modular  design  concept 
are  described  necessary  to  minimize  the  system 
complexity  and  maintainability. 

1  .  Introduction 

In  not  so  far  future,  we  might  have  large  scale 
UAV  systems  such  as  Unmanned  Freighter  System, 
by  which  we  could  get  overnight  delivery  service  in 
every  corner  in  the  world.  The  freighter  could  fly  in 
Mach  5  ~  6  by  hypersonic  vehicles  in  2020  time 
frame,  according  to  NASA.  1 :  From  the  operational 
point  of  view,  the  UAV  are  expected  to  be  safe  and 
reliable  in  flight  as  same  as  or  more  than  the 
conventional  manned  aircraft,  especially  because  it 
would  fly  in  the  general  air  space,  sharing  with  the 
manned  aircraft.  The  safety  requirement  for  UAV  is 
almost  same  even  in  the  case  of  small  UAV,  as  long 
as  it  shares  the  flying  space  with  ordinary  vehicles. 

Although  the  history  of  UAV  have  been  long  since 
WWl,  encountering  many  times  of  ups-and-downs, 
t  he  significance  of  the  role  with  practical  operability 
has  been  recently  growing  and  accepted  in  general 


public,  and  it  seems  to  establish  a  firm  foundation  of 
a  new  genre  of  the  aircraft ,  by  having  many 
successful  reconnaissance  vehicles  in  the  area 
conflicts  of  these  days.  2/  Even  a  concept  of  combat 
UAV  would  be  realized  in  near  future.  3' 

In  civil  area,  it  is  also  expanding  the  application, 
such  as  in  observation  platforms  of  border,  t  raffic, 
volcano,  weather,  etc.  and  spraying  fertilizer  on 
farmland,  and  so  forth.  NASA  has  been  also  paying 
great  efforts  to  build  high  altitude  observation 
platforms  by  UAV  in  its  ERAST  program.  4) 

Almost  all  of  the  current  UAV’  s  are  controlled  by 
the  remotely  piloted  way  with  rather  simple  flight 
control  system  operated  in  the  restricted  area  or 
time  or  roles  .  5 '  A  simple  structure  in  the 

configuration  of  the  flight  control  system  is  for 
pursuing  low  life-cycle  costs.  It  is  considered  that 
the  safety  of  the  UAV  is  kept  by  confining  them  to 
a  limited  range  by  elaborated  operational 
procedures  with  the  flight  termination  mode  in 
control  laws,  and  by  other  safety  laws  of  the  system. 

Japan  has  an  experience  to  develop  and  operate 
QF-104,  full  scale  drone  which  is  modified  from  F- 
104,  under  a  remotely  piloted  control.  The  system 
had  only  10“ 5  level  of  reliability,  but  kept  the 
operational  safety  by  keeping  it  under  good 
maintenance  conditions  and  aerodynamic  flight 
termination  mode  as  a  design.  Although  it  used 
normal  runway  of  the  air  base,  it  was  important  for 
it  to  be  operated  under  an  isolated  situation.  6 
Since  to  have  a  remote  control  causes  many 
nuisances  for  the  UAV  operation,  which  is  aiming  to 
be  free  from  human  hands,  the  partial  autonomous 
operation  is  now  realized  in  several  UAV  examples 
in  the  USA  .  5  '  This  also  means  that  the 
autonomous  control  technology  is  not  so  matured 
enough  to  control  the  vehicle  throughout  the  flight. 

Most  of  the  civil  applications  of  UAV  in  future, 
including  Unmanned  Freighter,  are  expected  to  be 
operated  in  General  Air  Space,  coexisting  with  the 
manned  vehicle.  We  are  required  to  build  highly 
reliable  and  safe  vehicle  system  to  win  the  public 
credibility. 

2  .  Problem  Area  in  Civil  Use  of  UAV 

The  general  air  space  flying  with  the  manned 
aircraft,  which  is  sought  to  be  operated  for  the  UAV 
in  near  future,  requires  that  the  UAV  should  be  safe, 
and  have  no  hazardous  aspects  in  the  operation.  It 
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is  apparent  that  we  would  be  required  to  ensure  the 
operational  safety  through  the  system  integrity. 

We  do  not  have  the  standard  figure  of 
requirements  for  the  system  reliability  of  the  UAV, 
as  a  regulation.  But  it  is  easily  estimated  that  we 
are  to  be  required  to  have  the  same  or  higher 
reliability  level  than  that  of  ordinary  manned 
vehicles.  The  10”  9  level  of  flight  control  system  plus 
Human  Pilot  are  the  current  combination  of  the 
manned  vehicles  for  the  extremely  critical 
phenomena,  according  to  the  FAR  Part  25.  This 
means  that  1  0“12,  for  example,  or  higher  would 
be  a  requirement  for  the  UAV  as  the  system 
reliability,  or  much  higher  redundancy  requirement 
for  the  system  might  also  be  suggested  from  the 
points  satisfying  the  public  asking  for  the  highly 
safe  operation  of  the  system. 

As  the  redundancj*  of  the  system  increases,  the 
system  complexity  increases  exponentially,  and  it 
becomes  more  expensive. 

As  for  the  small  scale  of  the  Civil  UAV,  there 
might  be  a  room  to  have  a  restricted  operation  to 
keep  a  high  level  of  safety  requirements.  Therefore, 
the  problem  is  sole  to  the  large  scale  UAV  for  civil 
applications  which  will  absorb  the  growing  mission 
requirements  in  wide  varieties. 

Under  the  above  situation,  the  remote  control 
can  still  be  a  solution  to  cope  with  to  realize  the 
future  UAV  by  minimizing  the  system  complexity. 
Nonetheless  Remote  Control  has  many 
inconveniences,  such  as  in  needing  tremendous 
amount  of  pilot  training,  and  facilities  of  ground 
cockpit,  etc.  This  causes  so  much  trouble  that 
Japan  has  lost  the  enthusiasm  to  plan  the  following 
new  UAV  programs  next  to  QF-104.  Thus  the  main 
system  of  UAV  is  also  going  to  and  should  go  to  a 
complete  “autonomous”  control,  including  the 
automatic  landing,  so  as  to  meet  with  workload 
saving  and  reliable  operations  without  human 
hands.  However,  the  autonomous  control  technology 
is  still  in  immature. 

Furthermore  ,  the  digital  interface  with  the 
current  ATC  system  should  be  established  to  match 
with  the  advanced  autonomous  system. 

3  .  System  Configuration  of  the  Large 
Scale  UAV 

Consequently,  the  most  effective  system  of  the 
large  scale  UAV  should  have  an  autonomous  control 
with  a  remotely  piloted  operation  as  a  back-up. 

The  Large  Scale  UAV'  s  require  more  highly 
reliable  systems  than  in  Manned  Vehicle.  It  is 
considered  to  be  proper  that  4  ~~  5  redundancies 
are  applied  in  the  design  for  the  fully  autonomous 
configuration  of  the  UAV  system,  being  in  line  with 
<  h  e  w  ou  1  d-be  re  qu  i  re  men  t . 

However,  if  we  could  add  a  remotely  piloted  route 


in  the  control  of  the  aircraft  as  a  back  up,  the  triplex 
redundancies  for  the  system  should  be  adequate. 
This  means  the  remote  control  can  contribute  to 
reduce  the  system  complexity  to  1  /l.3~~  1/3  7), 
which  could  compensate  for  demerits  in  increasing 
several  pieces  of  equipment  for  the  remote  control. 

In  this  case  we  can  refer  to  the  same  requirement 
as  in  FAR  ;  The  system  of  10-9  plus  human  pilot  in 
the  ground  can  be  equivalent  to  manned  vehicles. 
Moreover,  human  pilot  in  the  loop  is  to  be  a  key 
factor  to  be  able  to  give  the  reliability  to  the  public. 

10“ 9  is  astonishingly  difficult  level  to  achieve 
successfully.  The  fault  tolerant  concept,  which  make 
the  most  of  the  functional  alternatives,  should  be 
applied  to  the  design  of  the  aircraft  and  the  flight 
control  system  to  minimize  the  redundancy,  and  the 
actual  number  of  parts.  Beginning  from  skewed 
sensors  of  Rate -Gyro  and  G-Meter  ,  Multi- 
Microprocessers,  Smart  Actuators,  Redundant  Data 
Bus,  etc.,  the  aircraft  system  configuration  with 
alternate  control  surfaces  conforms  basic  ideas  for 
the  fault  tolerant  design.  Furthermore,  the  modular 
hardware  design  concept  is  proposed  for  the  system, 
as  well  as  Avionics  Systems,  to  keep  high  reliability 
with  high  maintainability  ,  by  using  the 
commercial  parts  on-the-shelf. 

4  .  Autonomous  Control  of  the  UAV 

The  recent  trend  in  controlling  the  UAV 
described  above  is  to  apply  the  autonomous  control 
law.  This  is  a  right  direction  to  pursue  the  merits  of 
the  UAV  which  is  featured  by  the  name  of 
“  unmanned "  and  to  save  workloads  in  their 
operation  as  much  as  possible.  This  should  be 
expanded  to  include  the  landing  phase. 

It  is  also  recognized  that  this  is  not  yet  to  be 
matured  enough  to  leave  the  vehicle  to  the  control 
to  full  extent,  for  the  artificial  brain  to  generate  the 
control  to  be  able  to  cope  with  the  unexpected 
situation  is  still  under  developing  phase. 

The  autonomous  control  laws  at  the  current  stage 
can  be  conformed  by  having  the  top  hierarchy 
autonomous  sequence  logic  to  control  the  existing 
systems  of  FMS,  Auto-pilot  and  Flight  Controls,  S) 
which  also  should  have  clear-cut  hierarchy 
structures,  and  receive  the  pilot  access  in  only  one 
level.  We  know  the  ways  and  procedures  to  operate 
the  vehicle  successfully  under  the  current  Air 
Traffic  Control.  The  expert  system  to  express  those 
knowledge  into  auto-sequences  can  be  a  semi¬ 
artificial  brain  for  an  adequate  autonomous  logic  in 
control.  One  example  of  top  leveled  sequences  by 
Chapin  chart  is  shown  at  Table  1.  *  This  shows  that 
there  are  no  new  concepts  and  procedures  to  be 
newly  verified.  We  can  say  accordingly  that  the 
autonomous  technology  by  an  expert  type  of  auto¬ 
sequence  is  already  on  our  hands. 
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Table  1 


Top  Level  Chapin  Chart  -  Autonomous  Mission  Change 


outside  factors  for  changing  mission(STA  0)  -  weather,  ATC  req’t  ,  etc 

STA  0 

Y^/  inside  factors  for  changing  mission(STA  1)  -  system  failure,  fuel  amount,  etc 

—► 

STA  o. 

Y  mission  change(ST A  2)  -  setting  the  alternate  mission  NS.  N 

'  :  alternate  route(way  points,  a Ititude.fuel..  time.  etc),  alternate  sensors  etc 

Y  /  approval  by  UAV  controller  \  N 

/  ;  include,  change  order 

Y  /  return  to  base  \N 

/  :  setting  routetway  points,  bea ring. .altitudes. 

/  speed,  fuel,  time,  etc)  -  FMS\ 

Y  /  approval  by  ATC  controller  \  N 

/  :  include,  change  order.  'v 

/  :  setting  new  flight  plan  (FMS) 

STA  2 

Y  /  approval  by  ATC  controller  \  N 
/  :  include.  Change  ordder  \ 

/  •  :  setting  new  flight  plan  !FMS) 

-► 

STA  3 

execution  of  mission 

:  by  FMS 

STA  2 

start  of  returning  to  base 
;  FMS 

STA  3 

All  Attitude  Recovery 

All  attitude  Recovery 

Auto  Navigation 

Auto  Navigation/Return  To  Base 

~ ►  STA  0 

5  .  Improvements  in  Remote  Control 

The  radio  wave  control  is  above  cited  as  a  most 
effective  way  to  conform  the  UAY  system,  which  is  a 
very  common  and  sole  method  for  the  current  UAY 
system  configuration.  Although  this  is  vulnerable  to 
the  jamming  in  the  war  plane,  we  can  have  ways 
nothing  to  do  it  for  civil  use. 

It  is  extremely  important  that  we  can  generate 
the  innovative  ground  system,  by  which  we  can 
eliminate  nuisances  due  to  the  application  of  the 
way  of  remote  control. 

1  )  Ground  Cockpit  Improvements 
Most  of  the  UAY  applications  in  USA  have  a  joy 
stick  in  a  console-type  of  operator  devices  to 
control  the  vehicle.  And  the  operator  is  not 
necessarily  to  be  qualified  as  a  pilot. 

QF-104  had  a  cockpit  of  a  stick  and  pedals, 
similar  to  F-104,  and  F-104  pilots  for  the  aircraft 
operation.  This  is  one  of  factors,  by  which  the 
project  was  successful  without  having  an  accident 
throughout  its  operational  phase  . 

Basing  on  the  experiences  ,  the  further 
improvements  about  the  ground  cockpit  are 
suggested  to  be  applied  as  follows. 

a  )  Cockpit  with  High  Yirtual  Reality 
The  ground  cockpit  is  to  have  the  high  degree 
of  reality  in  controls  as  in  the  manned  aircraft, 
and  should  have  a  stick  or  wheel  (can  be  a 
side-stick)  and  pedals  as  control  devices,  and 
similar  instrument  panels  to  the  actual  cockpit, 
to  ease  the  pilot  controls  as  much  as  possible. 

And  the  controller  should  be  qualified  as  a 
pilot  who  can  actually  fly  under  ATO  in  the 
general  air  space*. 

b  )  Visual  Cues  as  in  Dome-typed  Simulator 
The  visual  reality  for  the  pilot  is  also  so 
important  that  the  dome  type  screen  for  the 
projectors  should  Ik*  necessary,  where*  we*  can 
have  the*  wide  fronl  view  ewer  180  .  This 


requires  three  sets  of  cameras  on  board,  but 
only  front  view  camera  is  to  have  high 
resolution,  with  also  high  resolution  picture  of 
only  central  part  of  front  screen  of  the  dome. 
The  concept  is  shown  in  Fig.l. 
c  )  Sound  Cues 

The  sounds  of  up-and-down  of  gears  and 
flaps  and  engine  operation  etc.  can  be 
promoters  for  the  cockpit  reality  .  The 
simulation  of  body  reactions  in  aircraft 
movement  is  not  necessarily  required  from  the 
cost  effective  point  of  view. 


Fig.l  Dome  Type  Ground  Cockpit 

2  )  Yisual  Symbols  System  for  Pilots  Guidance 
The  proper  flight  path  can  be  generated  from 
GPS  data  and  actual  air  data  sensors  on  board. 
The  deviation  from  the  proper-to-be  glide  path 
and  the  actual  aircraft  position,  expressed  by 
speed  vector  type,  can  give  the  pilot  the  adequate 
landing  maneuver  control  tools.  The  concept  for 
the  symbols  display  over-laid  on  the  pilot  front 
TY  screen  monitors  the  front  view  of  the  UAY  is 
shown  m  Fig.  2  . 

In  the  case  of  QF-104,  we  utilized  the  vectoring 
capability  of  the  tracking  antenna  of  the  system, 
and  had  a  guidance  symbols  for  proper  landing 
path,  which  was  so  mandatory  for  the  aircraft 
control. 

3)  Control  Laws  in  Ground  Proximity 

In  the  remote  control,  much  bigger  time*  lag  is 
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(proper  glide  path) 


Aircraft 


Fig.  2  Pilot  Guidance  Symbols  System 
(Head  Up  Display) 

inevitable,  comparing  to  the  ordinary  aircraft  . 
This  causes  the  difficulty  in  UAV  control 
especially  in  the  flight  phase  at  the  vicinity  to 
the  ground,  owing  to  the  impacts  from  varied 
side  winds  and  gusts  of  the  circumstances. 

It  was  reported  that  the  stick  and  pedal 
deflection  control  with  the  attitude  or  the 
heading  hold  of  Auto  Pilot  function  was  very 
contributing  for  a  stable  pilot  control  in  landing 
phase  in  the  QF-104.  Consequently,  similar 
control  laws  seem  to  be  required  in  general  to 
perform  maneuvers  in  high  handling  quality. 

The  concept  in  the  QF-104  is  shown  in  Fig. 3. 

6 .  Conclusions 

The  UAV  that  fly  in  General  Air  Space  with  the 
manned  aircraft  in  future  should  have  highly 
reliable  system,  which  is  required  to  meet  with  FAR 
PART  25.  The  remote  control  can  play  a  role  for 
reducing  the  system  complexity.  It  is  described  that 
10"  '  level  of  reliability  in  the  autonomous  flight 
control  system  with  a  remotely  piloted  control  as  a 
backup  is  appropriate  for  the  related  UAV. 

The  design  concept  for  the  related  system 
configuration  should  be  Fault  Tolerant  and  a 
modular  conformed  to  reduce  the  system  complexity 
to  a  reasonable  size,  to  be  capable  for  a  good 
maintenance,  and  acquire  the  public  credibility. 

As  the  autonomous  control  of  all  the  phase  of 
flight  is  a  prerequisite  for  the  future  UAV,  the  more 
complete  expert  type  of  auto-sequences  control  laws 
should  be  generated  and  verified  in  the  flight . 


Furthermore  the  proper  digital  interfaces  with  the 
ATC  should  be  required  to  get  more  complete  un¬ 
man  oriented  operations. 

There  is  a  concept  that  we  can  suppress  a 
superficial  figure  of  reliability,  if  we  limited  the 
operation  of  the  UAV  to  a  restricted  area.  This  kind 
of  discussion  is  proper  and  adequate  to  have  a  small 
and  cheap  version  of  the  UAV.  Although  the  system 
complexity  is  reduced  by  the  lowered  reliability 
requirement  in  this  case,  the  back-up  system  can 
also  contribute  for  further  reduction  of  complexity. 

To  have  Remote  Control  capability  is  important. 

Japan  will  have  many  UAV  applications.  Some 
experimental  vehicles  in  UAV  are  actually  planned, 
under  the  autonomous  operational  concept  .  The 
author  would  like  to  recommend  to  give  them  a 
remote  control  route  in  control  as  a  back-up. 
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Abstract 

This  is  a  preliminary  investigation  for  creating  a  design  tool  for 
flapping  wings  for  Micro  Air  Vehicles.  MAV  is  a  small-scale 
aircraft  (no  more  than  15cm  in  any  dimension),  which  is  aimed 
to  be  used  as  a  surveillance  device.  A  Vortex  Lattice  Method 
is  employed  to  model  a  finite-span  flapping  wing.  The 
flapping  wing  model  investigated  in  this  paper  is  a  rigid 
rectangular-planform  plate  with  two  degrees  of  freedom,  i.e. 
pitching  and  heaving.  An  optimization  is  performed  to  find 
out  an  optimum  coupling  between  pitching  and  heaving  for 
maximum  thrust  and  minimum  power. 

Nomenclature 

Aij,  Bij  =  influence  coefficient  to  the  control  point 

A.. ,  B..  =  influence  coefficient  to  the  quarter  chord 

AR  =  aspect  ratio 

c  =  wing  chord 

ea  =  elastic  axis  (center  of  pitch)  location 

h  =  panel  vertical  distance 

L  =  lift  as  in  wind  tunnel  coordinate 

D  =  drag  as  in  wind  tunnel  coordinate 

t  =  time 

V  =  free-stream  velocity 

q  =pitch  rate 

S  =  wing  area 

V  =  velocity  vector 

x,  y,  z  =  wing  coordinates  with  y  along  elastic  axis 
xt  =  x-coordinate  of  control  point 
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r  =  vortex  or  circulation 

r  b  =  bound  vortex 

r  w  -  wake  vortex 

0  -  pitch  angle 

p  =  air  density 

<£>  =  potential  function 

Introduction 

Recently,  flapping  wing  flight  has  attracted 
considerable  attention  due  to  the  DARPA’s  (Defense  Advanced 
Research  Program  Agency  of  the  U.S.)  initiative  to  promote 
research  on  Micro  Air  Vehicles  (MAVs).  In  the  past  years, 
there  has  been  a  fairly  good  number  of  research  concerning  the 
mechanics  and  aerodynamics  of  flapping  wing.  However, 
few  literatures  are  available  on  designing  an  optimal  flapping 
wing.  Computational  tools  to  design  a  flapping  wing  with 
desired  performance  are  needed.  This  paper  will  present 
preliminary  efforts  towards  such  objectives.  Here,  Vortex 
Lattice  Method  was  employed  to  model  the  aerodynamic  force 
exerted  to  a  rigid  flapping  wing.  The  coupling  of  heaving  and 
pitching  motion  were  optimized  using  a  Genetic  Algorithms 
code  developed  by  Houck  et  al.  Inertial  forces  due  to  the  mass 
and  geometry  of  the  wing  are  not  considered  in  this  paper. 

Vortex  Lattice  Method 

The  VLM  represents  the  wing  as  a  planar  surface 
on  which  a  grid  of  vortex  lattices  is  superimposed.  The 
velocities  induced  by  each  vortex  lattice  at  a  specified  control 
point  are  calculated  using  the  law  of  Biot-Savart.  A 
summation  is  performed  for  all  control  points  on  the  wing  to 
produce  a  set  of  linear  algebraic  equations  for  the  vortex 
strengths  that  satisfy  the  condition  of  no  flow  through  the  wing, 
i.e.  the  tangential  condition  (at  the  control  points).  A  few 
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governing  equations  are  in  order.  For  an  irrotational  flow,  the 
velocity  may  be  expressed  in  terms  of  potential  function 


dh- 

-U sin0  -qxi  + — -cos 6  = 

dt 


11 

<1 

0) 

w 

V 

+k] 

_rv 

In  incompressible  flow,  the  continuity  equation  is 

(5) 


V*K  =  0  (2) 

Thus, 


Once  T  s  are  determined,  the  pressure  difference  can  be 
determined  using  unsteady  Bernoulli  equation  as  derived  by 
Katz.  Then,  lift  and  induced  drag  can  be  calculated  from  the 
following  equations. 


V2tf>  =  0  (3) 

Another  condition  that  has  to  be  satisfied  by  the  solution  is 
Kevin’s  theorem,  namely,  that  there  is  no  net  change  in  the 
circulation  in  the  field  at  any  time  step,  or 


(4) 


In  this  research,  the  model,  which  satisfies  these  four  equations, 
consists  of  panels  having  a  constant  bound  vortex  in  each 
quarter  chord  of  a  rectangular  cell.  A  control  point  is  located 
in  each  cell  at  the  three-quarter  point  of  centerline.  As  stated 
previously,  if  the  incident  air  velocity  to  the  control  points  are 
known,  a  linear  algebraic  system  of  equation  can  be  set  up  to 
solve  for  the  unknown  bound  vortex  strengths  at  every  time 
step.  The  vortex  strengths  V  s  determined  from  the  past  time 
steps  are  shed  behind  the  wing  to  form  the  wake.  In  the 
present  model,  one  panel  is  used  chordwise  to  represent  the 
bound  vortices  and  the  wake  is  planar,  and  constrained  in  the 
same  plane  as  that  of  the  wing  as  shown  in  Fig.  1.  The  wing 
is  a  rigid  rectangular-planform  plate  with  two  degrees  of 
freedom,  i.e.  pitching  with  respect  to  y-axis  and  heaving  along 
z-axis.  The  simplicity  of  the  model  works  in  favor  of  the 
optimization  process  discussed  in  the  next  section.  The  bound 
vortex  strengths  T  b  s  are  determined  from  the  following 
equation. 


k=  1  ai[k=  1 
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(7) 


(8) 


When  D  is  negative,  it  means  the  flapping  is  producing  thrust. 


z 


Power  is  computed  from  the  following  equation 
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P  =Lh  +  M  p6  (9) 

where  Mp  is  pitching  moment  about  ea. 

Genetic  Algorithms 

In  obtaining  some  of  the  results  in  next  section, 
Genetic  Algorithms  was  employed  as  an  optimization  tool.  It 
was  preferred  among  other  optimization  methods  due  to  the 
ease  of  implementation  to  the  problem  at  hand.  One  of  the 
advantages  of  GA  is  that  it  does  not  require  derivative 
information.  Since  the  aerodynamic  forces  are  calculated 
using  vortex-lattice  method,  this  feature  was  particularly 
convenient.  GAs  search  the  solution  space  of  a  function 
through  the  use  of  simulated  evolution,  i.e.  the  survival  of  the 
fittest  strategy  (C.  Houck  et  al.)  The  basic  idea  is  as  follows. 
First,  populate  the  solution  space  with  individuals  with 
different  combinations  of  genes  (or  variables),  i.e. 
chromosomes.  Thus,  for  example,  if  we  want  to  maximize  y 
as  in  the  following  equation 

y  =  f(x bx2’x3)  (7) 

xb  x2,  and  x3  can  be  thought  of  as  genes  whereas  a  row  vector 
[X],  x2,  x3]  as  a  chromosome  or  individual.  A  population 
consists  of  numerous  instances  of  this  vector.  Then,  give  better 
chance  of  survival  to  the  more  fit  individual  from  the 
population  and  pass  the  characteristics  of  the  fit  individual  to 
the  next  generation  (or  search  the  state-space  neighborhood  of 
these  individuals)  through  an  operation  called  cross  over 
(usually,  two  new  individual  is  created  out  of  two  parents). 
Mutation  is  employed  to  avoid  premature  convergence. 
Successive  application  of  the  process  enables  to  find  the 
optimal  solution.  In  the  current  study,  decimal  base 
floating-point  representation  of  genes  was  used  (as  opposed  to 
binary  base  representation  of  genes  commonly  observed  in  the 
literature). 

Results 

Numerical  computation  of  thrust  and  power  was 
performed  based  on  the  simple  model  described  previously. 
The  following  values  were  used  in  the  calculation  unless 
specified  otherwise. 
ea  -  0.25 


h  -  chord  length 

S  =  0.075  m2 

AR  =3 
U  -  1  m/s 

i o  -  1  kg/m3 

Fig.  2  shows  the  thrust  at  various  flapping  frequencies  with 
elastic  axis,  or  center  of  pitch,  at  40%  of  chord.  The  estimated 
weight  of  MAV,  which  is  about  0.05  N  (Shyy  et  al.),  is  also 
shown  in  the  figure.  Fig.  3  shows  the  thrust  with  respect  to 
the  phase  difference  between  heaving  and  pitching.  Fanning 
forward  means  that  at  maximum  h  the  wing  is  pitching  up  and 
at  minimum  h  it  is  pitching  down.  Fanning  backward  means 
that  at  maximum  h  the  wing  is  pitching  down  and  at  minimum 
h  it  is  pitching  up.  At  phase  difference  of  +90  deg.,  the  wing 
has  zero  pitch  at  either  max.  h  and  min.  h  but  pitches  down  in 
down  stroke  and  pitches  up  in  up  stroke.  At  phase  difference 
of  -90  deg.,  the  wing  has  zero  pitch  at  either  max.  h  and  min.  h 
but  pitches  up  in  down  stroke  and  pitches  down  in  up  stroke. 
Two  cases  are  shown:  one  with  elastic  axis  at  quarter  chord  and 
the  other  at  40%  chord.  In  Fig.  4,  GA  was  used  to  determine 
the  phase  difference  for  maximum  thrust  for  given  flapping 
frequency  elastic  axis  was  fixed  at  quarter  chord.  The  phase 
difference  is  shown  in  Radians.  The  result  is  consistent  with 
that  of  Azuma.  Fig.  5  shows  the  efficiency  with  respect  to 
flapping  frequency.  Efficiency  is  defined  as  the  ratio  between 
thrust  coefficient  and  power  coefficient,  i.e.  CT/CP.  Fig.  6 
gives  the  phase  difference  for  maximum  efficiency  for  given 
flapping  frequency.  Again,  in  obtaining  Fig.  5  and  6,  GA  was 
used.  In  all  cases  where  GA  was  employed,  they  converged  in 
less  than  7  generation  with  a  population  of  100.  In  calculating 
power,  the  apparent  mass  effect  was  also  considered.  In  Fig. 
6,  the  plot  computed  without  the  apparent  mass  effect  were 
consistent  with  the  analytical  result  obtained  by  Azuma. 
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Fig.  2  Thrust  at  various  frequencies 


Conclusions 


Fig.  3  Thrust  and  elastic  axis  location 


Fig.  4  Phase  difference  for  maximum  thrust 
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Fig.  5  Maximum  efficiency  at  various  frequencies 
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Fig.  6  Phase  difference  for  maximum  efficiency 


The  results  show  the  possibility  of  using  simple 
aerodynamic  model  and  optimization  algorithms  to  design  a 
flapping  wing.  In  this  paper,  only  the  coupling  of  heaving  and 
pitching  were  considered.  Convergent  optimal  solutions  were 
obtained  with  respect  to  flapping  frequencies.  A  more 
sophisticated  model  can  be  developed  to  optimize  not  only  the 
flapping  but  also  the  planform  shape,  inertia  and  elastic 
properties. 
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ABSTRACT 


through  the  following  variables  of  pressure-  P  and  n  . 


This  paper  presents  a  symmetric  variational  formulation 
for  the  calculation  of  dynamic  problems  regarding  a 
fluid-structure  interaction.  The  discretization  of  the 
problem  is  obtained  through  the  method  of  finite  elements 
as  applied  to  the  functionals  of  a  solid,  a  fluid  and  an 
interface.  This  paper  also  makes  a  comparison  between  the 
coupled  and  uncoupled  dynamic  behaviours  for  a  given  test 
and  its  verification  through  analytical  solutions. 

1.  INTRODUCTION 

The  interaction  between  the  fluid  and  the  structure 
greatly  affects  the  structural  response  and  can  be  found  in 
many  engineering  applications,  such  as  nuclear  reactors, 
offshore  platforms,  ships,  turbines,  barrages,  etc.  It  is 
crucial  that  its  effects  be  taken  into  account. 

The  validation  of  the  formulation  in  this  paper  has  been 
developed  by  various  authors  [l],  and  it  includes  a 
Lagrangian  description  for  the  solid  and  an  Eulerian 
description  for  the  fluid.  Other  sorts  of  formulation  are  to 
be  found  in  the  specialised  literature  [2, 3,4, 5,6],  and  they 
consider  only  the  hydrostatic  pressures  or  the  velocity 
potential  as  variables  for  the  fluid,  and  the  nodal 
displacements  for  the  solid.  Other  authors  [7,8,9],  however, 
have  used  Lagrangian  formulations  for  the  nodal 
displacements  of  the  solid  and  the  fluid. 

This  paper  will  only  analyse  inviscid  and  irrotational 
fluids,  which  are  limited  by  p re-determined  domains  and 
have  slight  displacements.  The  variables  involved  are  a 
displacement  X«,  a  pressure  p  and  a  potential  II  (similar  to 
a  displacement  potential  for  fluid),  which  is  also  useful  for 
symmetrizing  the  problem. 

The  dynamic  behaviour  of  systems  in  frequency  domain 
of  free  vibrations  for  simple  problems  is  studied,  always 
making  comparison  with  analytical  results  and  results 
provided  the  literature.  Problems  such  as  ill  conditioning  of 
matrixes  have  been  pinpointed  and  solved,  and  the  results 
obtained  have  proved  to  be  in  accordance  with  the  values 
predicted. 


2.  THEORICAL  FORMULATION 

Considering  a  structure  with  linear  and  homogeneous 
elastic  behaviour  within  a  domain  V9  and  an  inviscid  and 
irrotational  fluid  within  a  domain  Vf.  And,  I  is  the  surface 
comprising  V9  and  Vf,  where  the  fluid-structure  interaction 
takes  place.  The  slight  displacements  made  by  the 
structure  are  determined  by  the  degree  of  freedom  of 
displacement  Xs(x,y,t).  The  fluid  description  is  obtained 


2. 1  FUNCTIONAL  (3)  OF  FLUID  (3f)  -  STRUCTURE  (3S) 
COUPLED  SYSTEM 

Using  a  variational  analysis  of  a  dynamic  problem,  the 
functional  3  of  the  coupled  system  must  be  determined  in 
such  a  way  that  the  first  variation  of  3  regarding  an 
arbitrary  increase  of  Xs  and  p  lead  to  equilibrium  equations. 
In  order  to  achieve  that,  the  functional  3  is  obtained 
through  the  association  of  38  and  3f  so  that  there  is  a 
coincidence  with  the  coupling  term.  And,  with  a  view  to 
obtaining  the  classical  expression  3*  =  3j  —  0)232  ,  a 

supplementary  (or  dual)  variable  7T  =  — p/co2  is  associated 

to  the  pressure  variable,  thus  leading  to  the  final  functional 
3'  related  to  fluid- structure  system  [10,11,12]: 


-co 


3'=U^dv+U^p2dv 

2  tL  Ps(xs)2dv~I  £  —  (gradjt)2dv  (1) 
2  -v,  2  •Yf  pf 

-If^p,tdv-£nX5-ndz 


The  first  two  terms  represent  the  strain  energy  of  the 
structure  and  of  the  fluid  (compressibility).  The  third  term 
represents  the  kinetic  energy  contained  in  the  structure. 
The  three  remaining  terms  represent  the  kinetic  energy  of 
the  fluid  (the  complexity  of  the  inertial  term  associated  to 
the  fluid  is  due  to  the  fact  that  the  dual  variables  p  and  n 
are  employed  to  determine  it). 


2.2  FINITE  ELEMENT  DISCRETIZATION 

We  discretize  the  variational  indicated  expressions 
through  a  standard  isoparametric  interpolation  function 
for  Xa-P-n  variables, 

n 

x*  =xs.h  =Zh,xs.i; 

W  (2) 

n  n  v  J 

p  =  pb  =  ^hjpj;  7r  =  nh  =£h>i 

i=l  1=1 

where  hi,  h’i,  h”i  are  the  various  shape  functions  involving 

solid  and  fluid  variables,  and  n  is  the  number  of  element 
nodes. 

By  using  the  linear  elastic  element  2D  of  plane  stress 
state  (PSS)  in  order  to  discretize  the  solid  domain,  we 
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obtain  the  most  general  configuration  of  the  problem, 


fluid -structure  coupling.The  soluction  in  the  time  domaine 
will  be  easily  obtained 


xs.h=HXs>h  (3) 

where,  u,  v,  w  are  displacement  functions  of  solid  element 
for  directions  x,  y  and  z,  respectively;  Ui,  Vi,  Wi  represent  the 
nodal  displacements  of  solid  element  in  node  i  for 
corresponding  directions;  hi  is  the  interpolation  function  for 
node  i;  [Hu  Hv  Hw]  are  the  shape  functions  associated  to  all 
element  nodes  regarding  the  subscript  displacement,  and  H 
is  the  shape  function  matrix  for  an  element  with  n  nodes; 

X =  [ui  VI  wi  U2  V2  W2...  Un  un  un ]  is  the  nodal 

displacement  vector  for  an  element  containing  n  nodes. 
Similarly,  for  the  elements  of  the  fluid,  we  have, 

ph  =  h  Ph  e  7th  =  h  fth  (4) 

where  ph  and  7th  correspond  to  approximated  functions  of 
pressure  and  the  variable  n  of  fluid  domain;  pi  and  m  are 
nodal  values  of  pressure  and  n  variable  of  the  fluid  in  node 
i;  hi  and  hi”  represent  the  interpolation  function  of  pressure 
and  of  variable  n  in  node  i. 

2.3  FIRST  VARIATION  OF  THE  FUNCTIONAL 
By  replacing  the  polynomial  approximations  in  each  term 
of  functional  (l),  it  is  possible  to  compose  the  discretized 
functional  of  the  fluid- structure  problem' 

3'h=^h-[BTDBdv.Xs,h 

+^pHhThdvP‘ 

2  pfC  "r 

-G)2  ^x:,h-(  HTHdvXsh  (5) 

-tJ-nJ.  fvhT  Vhdv-nh 

2pf 

-P»T*1  hThdvnh 

PfC 

-XV{HT(n-h)dS-nh] 

By  minimising  the  approximated  functional  (5)  regarding 
Xs.h,  Ph  and  Ilh,  we  have  the  matrix  expression  for 
fluid-structure  interaction  (FSI)  problems, 


where  and  Mm  are  the  stiffness  and  structure  mass  matrixes,  Kpp 
is  the  compressibility  matrix  of  the  fluid  (“stiffness  matrix”); 
describes  the  inertial  effects  of  the  fluid,  and  MX7t.  and 
correspond  to  the  coupling  matrixes  Xs-n  and  P-1T,  respectively. 

Matrix  system  (6)  shall  provide  the  natural  modes  for 


3  .NUMERICAL  RESULTS 


This  set  of  problems  [ll]  include  a  stiffness  cavity  with  a 
movable  boundary  (a  stiffness  plate)  which  is  discretized 
through  linear  triangular  finite  elements  (LTFE)  in  a  plane 
stress  state  (PSS)  on  an  elastic  support  (springs),  and  the 
fluid  is  also  discretized  by  LTFE 

Case  1A  -  Square  Open  Cavity  with  a  Piston  (Fig.  l) 


The  coupled  and  uncoupled  analytical  solutions  of  the 
problem  are  [10, ll],  respectively, 


(7) 


where  p  =  m8/mf=  ratio  between  the  piston  mass  and  the 
fluid  mass;  a  =  (KL)/(pf  c2  S)  =  ratio  between  the  spring 
stiffness  and  the  fluid  volume  stiffness;  X  =  (co*L)/c  =  ratio 
between  the  cavity  length  and  the  wave  length  for  a  given 
natural  frequency. 

The  analytical  and  numerical  results,  in  terms  of  the 
frequencies,  are  shown  in  table  1 


Uncoupled  Modes 


0 

j  -  rad/s 

Mode 

Num. 

Ref.  [3] 

Theoric. 

Piston 

. 

14.32 

15.19 

14.32 

1-  10 

2359.36 

2359.35 

2356.19 

2-  11 

5360.29 

5317.50 

5268.58 

Fluid 

3-20 

7154.72 

7154.55 

7068.58 

4-21 

8748.01 

8719.01 

8495.38 

5-  12 

10060.19 

9968.31 

9714.84 

Coupled  Modes 


co  -  rad/s 

Mode 

Num. 

Ref.  [3] 

Theoric. 

1 

7.62 

7,59 

8,04 

2 

3597.83 

3597,82 

3586,65 

Fluid 

3 

5288.32 

5316,83 

5268,58 

Piston 

4 

7873.30 

7873,08 

7758,90 

5 

8614.61 

8717,87 

8495,38 

Table  1  -  Frequencies  Results  of  Case  1A 
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Problem’s  Data* 

Geometric  Characteristics: 
Lx  -  Ly  —  L  —  lm>  t  —  0.05m 
Fluid  Characteristics: 
pf=  1000  kg/m3;  c  =  1500  m/s 
Solid  Characteristics: 

E  =  2.101011  N/m2;  v  =  0.3 
p8=  7800  kg/m3 


Figure  1  -  Scheme  of  Case  1A  and  Finite  Element  Mesh  of  Problem. 
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Figure  2a-  Coupled  Vibrations  Modes  of  Case  1A  : 
(a)  1st  and  (2)  2nd  modes 
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Figure  2b-  Coupled  Vibrations  Modes  of  Case  1A 
(c)  3rd  and  (d)  4th  modes 


By  analysing  the  modes  and  frequencies  in  the  system, 
we  can  realise  that  the  first  coupled  frequency  derives 
from  the  additional  mass  effect,  this  frequency  being 
given  approximately  by  ©2  =  K/(ms  +  mr).  This  is  an 
indication  that  for  low  frequencies  the  compressibility 
effect  can  be  neglected.  It  is  also  possible  to  notice  that 
there  is  an  uncoupling  of  the  transversal  modes,  which  is 
due  to  the  unidirectional  translation  displacements  of  the 
piston  as  a  stiff  body. 

Case  IB  -  Square  Cavity  with  a  Double  Piston 


The  cavity  mentioned  above  is  employed  again,  with 
two  plates  in  opposite  ends.  The  coupled  solution  [10] 
(phase  and  phase  opposition)  are,  respectively, 
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The  coupled  analytical  solution  is  applied  to  the 
longitudinal  modes,  while  the  transversal  modes  are 
identical  to  the  uncoupled  solution  (look  like  the  Eq.(7a). 


Coupled  Modes 

co  -  rad/s 

Mode 

Numerical 

Ref.  [3] 

Theoric. 

Fluido 

-  Plate 

1 

9.48 

10,06 

9,48 

2 

2821.61 

2821,72 

2816,31 

3 

4735.56 

4737,14 

4712,39 

4 

6409.07 

6409,20 

6346,84 

5 

6771.16 

6776,79 

6664,32 

Table  2  ■  Frequencies  Results  of  Case  IB. 

The  remarks  above  about  the  coupling  effect  can  also 
be  fully  applied  in  this  case.  A  coupling  can  only  be  found 
in  those  cases  where  the  transversal  mode  component 
corresponds  to  zero.  The  existence  of  two  mobile  plates 
enables  the  fluid  column  to  have  a  certain  mobility,  thus 
generating  a  mode  (phase)  of  additional  mass,  whose 
frequency  is  <oi2  =  2n  K/(2me  +  mf/2). 

4.  CONCLUSIONS 

The  solution  of  the  problem  as  a  whole  is  extremely 
simplified  due  to  the  use  of  symmetrical  matrixes.  A 
classical  algorithm  (QZ  method)  has  been  employed  to 
solve  eigenvalue  problems.  One  of  the  problems  was  a 
difficulty  in  reaching  an  accordance  with  analytical 
solution  due  to  numerical  errors  caused  by  the 
ill-conditioning  of  matrixes. 


The  results  obtained  have  been  excellent  as  compared 
to  analytical  calculations.  The  minor  discrepancies  were 
partly  due  to  discretization  and  ill-conditioning  of 
eigenvalue  problem. 

The  results  obtained  through  the  comparison  between 
the  coupling  and  uncoupling  cases  show  how  important 
the  influence  of  the  solid -fluid  interaction  was  on  the 
main  frequencies  in  the  system  and  modal  shapes. 
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ABSTRACT 

Several  nonlinear  characteristics  in  transonic  flut¬ 
ter  of  a  high  aspect  ratio  wing  have  been  observed 
through  a  series  of  wind  tunnel  tests  carried  out  at  the 
transonic  wind  tunnel  of  National  Aerospace  Laboratory. 
The  nonlinear  dynamic  analysis  of  the  test  data  shows 
that  almost  all  flutter  behave  as  large  amplitude  limit 
cycle  oscillation  (LCO)  as  a  subcritical  Hopf  bifurcation. 
We  had  a  few  cases  in  which  flutter  of  a  small  amplitude 
LCO  seemed  to  happen  and  was  stabilized  in  such  a 
manner  as  a  supercritical  Hopf  bifurcation.  We  found 
out  the  possibility  that  a  noise  may  produce  a  similar 
response  as  a  supercritical  Hopf  bifurcation  even  with  a 
nonlinear  system  that  has  only  a  subcritical- type  Hopf 
bifurcation.  This  paper  discusses,  by  numerical  analysis 
of  a  normal  model,  these  noise  effects  on  bifurcation 
phenomena  in  transonic  flutter. 

1.  INTRODUCTION 

In  transonic  regions,  air  flow  often  separates  due  to 
shock  waves  moving  on  the  wing  surface,  and  in  most 
cases  flutter  takes  the  form  of  limit  cycle  oscillation 
(LCO)1'3.  The  first  author  and  his  group  have  carried  out 
a  series  of  flutter  tests  in  the  transonic  wind  tunnel  for  a 
high  aspect  ratio  wing  aiming  at  getting  better  under¬ 
standing  of  the  transonic  LCO  flutter.  In  collaboration 
with  the  fourth  author,  various  kinds  of  bifurcation  have 
been  found  for  a  wide  range  of  dynamic  pressures  such 
as  a  subcritical  Hopf  bifurcation  involving  an  unstable 
limit  cycle4*6.  The  present  authors  have  proposed  a 
two-degrees-of-freedom,  finite  dimensional  nonlinear 
model  having  fourth  order  nonlinear  terms,  which  can 
explain  the  fundamental  nonlinear  phenomena  observed 
in  the  wind  tunnel  tests7. 

In  the  wind  tunnel  tests,  most  of  the  flutter  that 
occurred  was  associated  with  a  subcritical- type  Hopf 
bifurcation,  but  we  have  found  indications  of  a  super¬ 
critical-type  Hopf  bifurcation  in  a  certain  case.  The 
Danish  group  led  by  Prof.  Mosekilde  has  pointed  out  the 
possibility  that  noise  could  produce  a  similar  phenome¬ 
non  as  a  supercritical  Hopf  bifurcation  even  in  the 
nonlinear  dynamic  system  having  only  a  subcriticaFtype 
Hopf  bifurcation89.  In  the  following  chapters,  several 
nonlinear  phenomena  found  in  the  wind  tunnel  test  are 
first  reviewed  and  noise  effect  problems  are  discussed. 
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2.  EXPERIMENTAL  OBSERVATION  OF  BI- 
FURCATON  IN  TRANSONIC  FLUTTER 

Figure  1  shows  a  wind  tunnel  model  of  a  high  aspect 
ratio  wing.  It  has  a  leading  edge  and  a  trailing  edge 
control  surfaces.  They  are  used  for  active  flutter  control 
research10.  Basically  the  wing  has  a  supercritical  section 
except  at  an  inflated  middle  part  where  the  wing  section 
is  symmetrical  and  two  sets  of  electric  motors  are  in¬ 
stalled.  For  LCO  investigation  in  the  wind  tunnel  tests, 
a  leading  edge  control  surface  is  used  as  a  source  of  ex¬ 
citation  and  wing  response  is  recorded  by  four  acceler¬ 
ometers  and  seven  pairs  of  strain  gages  fixed  at  a  wing 
spar.  Each  pair  of  strain  gages  measures  the  bending 
and  torsion  components  of  the  strain. 

J  .  Wing  profile 


Fig.  1  High  aspect  ratio  wing  model 


In  the  wind  tunnel  tests  at  the  transonic  wind  tunnel 
of  the  National  Aerospace  Laboratory,  it  turned  out  that 
this  wing  behaves  a  typical  transonic  flutter.  The  wing 
has  transonic  dip  phenomena  and  every  flutter  has  the 
form  of  LCO.  In  each  flutter,  when  the  tunnel  pressure 
is  increased,  the  wing  jumps  up  to  LCO  as  shown  at  the 
top  chart  in  Fig.  2.  Successive  investigation  cleared  that, 
even  at  lower  dynamic  pressure  than  the  specific  pres¬ 
sure,  the  wing  can  be  brought  into  LCO  state  if  it’s  ex¬ 
cited  above  certain  energy  level.  The  LCO  thus  attained 
eventually  is  stabilized  if  the  tunnel  pressure  is  further 
decreased  as  shown  in  Fig.  3,  where,  after  removing  a 
leading  edge  control  surface  excitation  and  attaining 
LCO  (middle  chart),  decreasing  the  tunnel  pressure 
(bottom  chart)  stabilizes  the  wing  (top  chart). 

The  results  of  nonlinear  dynamics  analysis  of  these 
tests  are  summarized  in  Fig.  4,  which  shows  the  LCO 
amplitude  against  dynamic  pressure.  The  stability 
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lime  fcec]  (Start  time  =t70.2min) 


Fig.  2  Time  history  going  to  nominal  flutter 
during  increasing  wind  tunnel  pressure 
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time  [sec]  (Start  time  =134.06 mm) 


Fig.  3  Quasi-steady  decrease  of  the  dynamic 
pressure  at  the  saddle  node  bifurcation 

boundary,  or  unstable  limit  cycle,  defined  by  the 
crosses  has  some  uncertainty,  and  the  stable  region 
under  the  boundary  is  rather  narrow.  Every  possible 
source  of  disturbance  may  decrease  the  stability  re¬ 
gion!  such  as  turbulence  in  the  wind  tunnel  flow,  flow 
separation  occurring  at  the  wing,  etc. 


3.  NONLINEAR  MATHEMATICAL  MODEL 

The  first  author  et  al.  have  developed  a  nonlinear 
math  model  in  the  form  of  a  two-degrees-of-freedom, 
finite  state  nonlinear  differential  equation7.  Introducing 
the  fourth  order  nonlinearity  in  q. ,  i  =  1,2  to  the  gen¬ 
eralized  damping  term,  they  have  obtained  the  following 
sixth  order  nonlinear  differential  equation. 

x  =  Ax;  x  =  \q,  q,  zj  SR6  (l) 

where  the  system  matrix  is, 

0  '  0  1  (2) 

-(M-AvfyK-AJ  -(W-4)-'(C-4)  -(M-4)-'  eft* 

Ba  0  -A 

Here,  the  diagonal  components  of  the  aerodynamic  part 
in  block  (2,  2)  in  Eq.  (2),  a32a  andfl^  are  modified  to  be 


Dynamic  pressure,  kPa 


Fig.  4  Bifurcation  diagram  obtained 
by  the  wind  tunnel  tests 


Dynamic  Pressure  [kPa] 

Fig.  5  Bifurcation  diagram  of  2-DOF 
nonlinear  equation  (l) 

nonlinear  terms  which  have  the  form  {[  +  faq*  +  Yl<h*}*33 

and  (l  +  P2q22  +  y2q2  )«44a  ■ ,  respectively. 

In  order  to  make  comparison  with  the  test  results, 
an  output  equation  that  relates  the  state  variables  in  Eq. 
(l)  with  the  output  variables  measured  in  the  wind 
tunnel  tests  is  necessary.  Since  two  sets  of  measured 
and  derived  variables,  acceleration  a  t ,  a  2  >  velocity 

v1?v2and  deflection di,d2  at  two  positions  on  the  wing 
are  enough  for  comparison,  the  output  equation  takes 
the  form 

y  =  Cx;y  =[al,a2,vl,v2ldvd2Y  ER6  (3) 

The  set  of  equations  (l)  and  (3)  comprises  the  nonlinear 
2DOF  math  model  for  transonic  flutter. 

Figure  5  displays  the  simulation  results  in  term  of 
the  deflection  at  the  accelerometer  #1.  The  coefficients 
in  the  math  model  are  set  as  pl  =  f$2  =  0.5  >  y,  -  y2  -0.2  • 
The  solid  line  in  the  figure  was  obtained  by  Continua¬ 
tion  Method8,  while  the  symbols  were  obtained  by  Simu- 
link.  Two  results  are  coincident  except  with  a  small 
difference  at  the  unstable  limit  cycle  branch.  Fig.  5  has 
a  good  correspondence  with  the  test  results  in  Fig.  4. 
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4.  NOISE  EFFECT  ON  BIFURCATION 

In  a  few  cases,  we  observed  a  different  type  of  flutter. 
It  occurred  during  an  active  flutter  suppression  experi¬ 
ment.  At  slightly  higher  speed  than  nominal  flutter  with 
the  control  loop  engaged,  when  the  system  was  disen¬ 
gaged  flutter  of  small  amplitude  LCO  occurred.  While 
decreasing  the  wind  tunnel  dynamic  pressure,  the  am¬ 
plitude  was  decreasing  in  such  a  manner  as  shown  in 
Fig.  6.  At  first  the  amplitude  was  decreasing  linearly, 
but  at  certain  point,  about  250  sec  point  in  the  figure, 
the  amplitude  stopped  to  decrease  but  kept  constant 
against  decreasing  the  dynamic  pressure.  This  phe¬ 
nomenon  seemed  to  be  explained  as  a  supercritical  Hopf 
bifurcation.  During  the  last  test,  various  attempts  to 
reproduce  this  small  amplitude  LCO  was  made,  however, 
none  of  them  were  successful.  In  order  to  investigate  the 
noise  effect,  we  have  added  white  noise  to  both  a  normal 
form  of  a  Hopf-bifurcation  and  the  2D  OF  model.  The 
way  we  applied  noise  to  the  system  is  described  in  Ref. 
8. 
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Fig.  6  Supercritical- type  Hopf  bifurcation  as  the 
dynamic  pressure  decreasing 
The  normal  form  has  basically  the  same  structure  as 
the  2DOF  model  of  Eq.  (2)  in  that  it  has  fourth  order 
coefficients  at  the  damping  terms  as  follows, 

x  =  Ax-ay  +  ax[x2  +  y2)+ fix{x4  +y4) 

y  *  cox  -  ky  +  ay(x2  +  y 2 )+  fiy (x4  +  y 4 ) 

The  Hopf  bifurcation  is  subcritical  when  CX  is  chosen 
to  be  negative  as  shown  in  Fig.  8. 


•2  -l.a  •'  -O.t  O  Oil  *, 

Siftirudic'!  Dci  'di  i  r*c 

Fig.  7  Bifurcation  diagram  for  the  normal  form 
of  a  Hopf  bifurcation,  Eq.  (4) 


In  the  region  between  the  Hopf  bifurcation  point  and 
the  saddle -node  bifurcation  (Fig.  7),  applying  noise  to 
the  system  revealed  different  things  depending  on  the 
amplitude  of  the  noise.  Starting  at  the  stable  focus 
(equilibrium)  and  applying  a  small  amplitude  noise,  the 
solution  stayed,  as  expected,  near  the  focus  (Fig.  8  (a)). 
Increasing  the  noise  level  led  to  a  jump  to  LCO,  i.e.,  the 
noise  excites  the  wing  above  the  unstable  limit  cycle, 
and  the  solution  is  'caught'  on  the  stable  limit  cycle.  In- 
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(a)  Low  noise  makes  the  solution  staying  near  the 
stable  focus 
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(b)  High  level  of  noise  pushes  the  solution  back 
and  forth  between  LCO  and  the  focus 


Fig.  8  Different  noise  effect  depending  on  the  noise  level 

creasing  the  noise  level  even  further,  the  system  jumps 
back  and  forth  between  focus  and  the  stable  limit  cycle, 
the  noise  level  is  enough  to  'push'  the  system  from  the 
oscillation  past  the  unstable  limit  cycle.  An  example  can 
be  seen  in  Fig.  8  (b),  this  has  never  been  seen  in  the  ex¬ 
periments  and  indicates  that  the  noise  in  the  real  sys¬ 
tem  is  not  this  high. 

Applying  a  low  level  noise  to  the  normal  form  below 
the  Hopf  bifurcation  produces  something  that  looks  like 
a  small  amplitude  limit  cycle  as  the  amplitude  of  the 
noise  is  increased  as  shown  in  Fig.  9.  When  the  bifurca¬ 
tion  parameter  is  decreased  the  amplitude  of  the  noise 
also  decreases  until  it  reaches  a  stable  level.  The  shape 
of  this  is  approximately  the  same  as  the  one  found  ex¬ 
perimentally  (Fig.  6).  Therefore,  we  now  believe  that  the 
wing  does  not  undergo  a  supercritical  bifurcation. 

We  executed  the  same  analysis  to  2DOF  model  of 
Eq.  (l),  and  a  reproduction  of  a  flutter  case  can  be  seen 
in  Fig.  10.  The  noise  level  is  set  so  that  it  corresponds 
with  the  amplitude  of  the  large  oscillation  in  the  same 
way  as  in  the  experiments.  In  the  simulation,  the  ve- 
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Time  [sec] 

Fig.  9  Numerical  simulation  of  the  phantom 
supercritical  bifurcation 

locity  is  slowly  increased  while  noise  is  applied  to  the 
system.  The  coordinates  on  the  y*axis  are,  in  the  nu¬ 
merical  case,  the  first  generalized  coordinate  qi,  and  in 
the  experimental  case,  the  acceleration  of  the  wing. 
Considering  the  eigenvalues  moving  perpendicularly  to 
the  imaginary  axis  and  crossing  it,  we  believe  that  it 
should  be  possible  to  see  “the  phantom  supercritical 
bifurcation"  in  this  model.  However,  we  have  not  been 
able  to  find  it,  possibly  because  the  change  in  amplitude 
is  not  as  large  as  in  the  normal  form. 

The  noise  applied  in  our  investigations  has  been 
white  noise,  however.  This  might  not  be  in  accordance 
with  the  experiments  especially  because  the  shockwave 
oscillates  on  the  surface  of  the  wing.  F urther  analysis  is 
needed  to  determine  how  the  noise  composition  should 
be. 


Time  [sec] 


Fig.  10  Numerical  simulation  of  subcritical 
Hopf  bifurcation 


5.  CONCLUSIONS 

Flutter  of  a  high  aspect  ratio  wing  in  transonic  re¬ 
gion  observed  in  a  series  of  wind  tunnel  tests  behaves 
mostly  as  a  large  amplitude  LCO  that  happens  as  a 
subcritical  Hopf  bifurcation.  In  few  cases  flutter  of  a 
small  amplitude  LCO  seemed  happen  and  was  stabilized 
gradually  as  a  supercritical  Hopf  bifurcation,  but  it  can 


be  explained  as  a  noise  effect  on  a  system  of  a  subcritical 
bifurcation  as  follows. 

Noise  existing  in  the  system  greatly  affects  the  na¬ 
ture  of  bifurcation  diagram;  adding  noise  produces  a 
temporal  behavior  similar  to  what  a  supercritical  bifur¬ 
cation  would  produce.  Though  noise  will  make  it  difficult 
to  make  a  clear  distinction  between  a  subcritical  and  a 
supercritical  Hopf  bifurcation,  the  system  may  have  only 
a  subcritical  bifurcation. 
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ABSTRACT 

This  paper  describes  two-dimensional  active  flutter 
suppression  to  cope  with  the  transonic  dip.  The  airfoil  has 
plunge  and  pitch  degrees  of  freedom.  The  control  surfaces 
are  leading  and  trailing  edges.  The  aerodynamic  forces 
acting  on  the  airfoil  are  calculated  by  solving  Euler’s 
equations  using  computational  fluid  dynamics.  The  control 
laws  are  sliding  mode  control,  linear  quadratic  regulator 
and  linear  quadratic  gaussian  with  loop  transfer  recovery. 
The  simplified  transonic  aerodynamic  models  for 
designing  the  controllers  are  identified  from  random 
inputs  and  computed  outputs.  At  a  specific  altitude,  flutter 
arises  between  Mach  number  of  0.7  and  0.88 
corresponding  to  the  transonic  dip.  Each  controller  makes 
the  airfoil  to  be  stable  all  through  the  Mach  number  of 
flutter  occurrence.  The  sliding  mode  controller  gives 
higher  flutter  speed  than  the  other  controllers.  These 
characteristics  indicate  that  sliding  mode  control  is  useful 
for  active  flutter  suppression  in  the  transonic  flight. 

1.  INTRODUCTION 

An  aircraft  cruising  at  supersonic  speed  has 
aeroelastically  the  severest  point  in  the  transonic  regime, 
in  which  the  transonic  dip  appears  and  the  flutter  speed 
remarkably  drops.  Beyond  the  Mach  number  of  the 
transonic  dip,  flutter  does  not  arise.  Although  the 
supersonic  aircraft  passes  through  the  transonic  regime 
instantly,  its  structural  design  must  be  targeted  for  the 
transonic  regime.  An  alternative  idea  against  the 
transonic  flutter  is  an  active  control  that  is  effective  only 
in  the  while  of  passing  through  the  transonic  dip. 

When  we  consider  the  active  flutter  suppression  at 
the  transonic  speed,  two  questions  must  be  considered: 
derive  a  transonic  aerodynamic  model  for  controller 
design;  validate  the  control  performance.  For  the  first 
question,  adaptive  control  and  robust  control  are 
suggested.  For  the  second  question,  experiments  and 
computational  fluid  dynamics  (CFD)  are  studied.  The 
active  flutter  suppression  at  a  Mach  number  in  the 
transonic  regime  was  carried  out  using  Hdj  controller1-  -1 
or  optimal  regulator  with  Kalman  estimator.3)  A  digital 
adaptive  controller  was  introduced  for  active  flutter 
suppression  undergoing  time  varying  flight  conditions.41  It 
was  indicated  that  the  parameter  estimator  possibly  failed 
to  follow  the  aeroelastic  system  change  depending  on  the 
flight  paths.  Another  adaptive  control  application  for  the 
transonic  flutter  suppression  was  carried  out,  in  which 
CFD-based  aerodynamic  loads  were  used.51  The  adaptive 
controller  was  a  good  candidate  for  suppression  of  the 
transonic  flutter  associated  with  strong  shocks. 


We  suggest  sliding  mode  control  (SMC) 6 1  as  a 
potential  solution  for  the  active  transonic  flutter 
suppression  through  the  dip.  SMC  has  a  feature  that  if  the 
model  errors  are  satisfied  matching  condition,  the 
dynamics  of  the  system  on  sliding  surface  is  the  same  as 
that  of  the  model.  Since  the  aeroelastic  system  with 
leading  and  trailing  edge  control  surfaces  satisfies  the 
matching  condition,  SMC  can  be  expected  to  suppress  the 
transonic  flutter  despite  aerodynamic  model  errors  or 
aerodynamic  characteristics  change  depending  on  Mach 
numbers.  This  indicates  that  SMC  that  is  designed  for  a 
certain  Mach  number  can  be  used  through  the  Mach 
numbers  in  the  transonic  dip. 

In  this  study,  we  calculate  the  flutter  speed  of  the 
airfoil  NACA  64A006  in  Mach  number  of  0.6  to  0.9. 
Considering  a  flight  path  at  a  constant  altitude,  we 
determine  the  Mach  numbers,  at  which  flutter  occurs. 
Although  the  airfoil  oscillates  divergently  between  those 
Mach  numbers,  SMC  effectively  suppress  the  flutter.  We 
next  confirm  that  SMC  increase  the  flutter  speed  at  all 
Mach  numbers  investigated.  Compared  to  linear  quadratic 
regulator  (LQR)  or  linear  quadratic  gaussian  with  loop 
transfer  recovery  (LQG/LTR),  in  which  identified  unsteady 
aerodynamic  model  is  incorporated,  SMC  remarkably 
increases  the  flutter  speed. 

2.  EQUATIONS  OF  MOTION 

The  two-dimensional  wing  section  used  in  this  study 
is  shown  in  Fig.  1.  This  airfoil  is  supported  by  two  springs, 
i.e.,  bending  spring  and  torsional  spring.  Those  two 
springs  mean  the  bending  and  torsional  stiffness  of  a  real 
three-dimensional  wing.  The  plunge  displacement  h  is 
positive  downward  and  the  pitch  angle  a  is  positive  head 
up.  The  control  surfaces  for  flutter  suppression  are  the 
leading  and  trailing  edges.  Both  are  positive  downward. 

The  governing  equations  of  the  airfoil  is 
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where  the  prime  indicates  the  derivative  with  respect  to 
nondimensional  time  d  The  lift  and  moment  coefficients 
are  calculated  by  solving  Euler’s  equation  using  CFD. 
Deriving  Eq.  (l),  we  assume  that  a)  the  dynamics  of 
leading  and  trailing  edges  are  neglected,  i.e.,  the  flaps 
perfectly  track  the  reference  inputs,  b)  reaction  torque  due 
to  moving  edges  has  no  influence  on  the  wing  itself  and  c) 
the  static  moment  and  the  moment  of  inertia  of  the  wing 
section  do  not  change  before  and  after  the  edge  deflection. 
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Fig.  1  Two-dimensional  wing  section  with 
leading  and  trailing  edges.  It  is  restrained  from 
bending  and  torsional  motion  by  two  springs 
acting  a  distance  ba  aft  of  midcbord.  Lift  and 
pitching  moment  about  the  elastic  axis  are 

3.  CONTROLLER  DESIGN 

Since  the  controller  needs  to  work  effectively  through 
the  transonic  dip,  it  has  to  be  robust  against  the 
aerodynamic  change  with  the  Mach  numbers.  In  this 
study,  we  try  and  compare  three  control  laws,  SMC,  LQR 
and  LQG/LTR.  Before  designing  a  controller  based  on  the 
Eq.  (1),  we  must  consider  an  aerodynamic  model  that 
define  the  relation  between  aerodynamic  forces,  C/  and  Cm , 
and  attitude  of  the  airfoil,  i  and  a.  Targeting  the  transonic 
regime,  however,  we  are  hopeless  to  find  the  aerodynamic 
model  physically.  An  alternative  approach  is 
identification. 

Now  that  SMC  and  LQR  need  full  states  feedback, 
the  aerodynamic  model  has  to  be  represented  using 
algebraic  linear  combination  of  states  like  quasi-steady 
aerodynamic  model- 

C,=Cln{a  +  !;')  +  Cipl3  +  Clsd 

(2) 

Q  =  Cma  (a  +  f ' )  +  Cmp p  +CmS8 

where  aerodynamic  derivatives  are  constant  and  not 
dependent  on  the  frequency. 

On  the  contrary,  LQG/LTR  is  used  for  the  system 
with  output  feedback.  Therefore  the  aerodynamic  model  is 
not  limited  to  quasi-steady  but  can  be  dealt  with  unsteady. 
The  unsteady  aerodynamics,  if  it  is  linear,  is  represented 
using  matrix  transfer  function- 

T 

J  |  (s )  Cla(s)  Ctp  (5)  Clfi  (s)  a 

[Cm\[cm,(s)  C„Js)  Cmp(s )  CmS(s)\  /3 

[5 

where  aerodynamic  derivatives  are  functions  of  Laplace 
variable  5.  Unlike  the  quasi-steady  aerodynamics  of  Eqs. 
(2),  Eqs.  (3)  are  linear  differential  equations  and  the 
aerodynamic  forces  are  dynamically  related  to  the  attitude 
of  the  airfoil. 

Whichever  we  choose  among  Eqs.  (2)-(3),  the 
aerodynamic  derivatives  must  be  identified.  In  Eqs.  (2), 
the  derivatives  are  easy  to  be  obtained  using  steady 
calculation  of  CFD.  In  Eqs.  (3),  they  are  more  difficult 
because  we  explicitly  identify  the  transfer  functions  as 
functions  of  5.  In  this  study,  we  apply  prediction  error 
method  to  an  output  error  model7)  of  each  aerodynamic 
force.  The  procedure,  which  is  to  find  Cw,  is  as  follows-  (l) 
move  the  pitch  angle  a  randomly;  (2)  calculate  the 
fluctuation  of  the  lift  coefficient  C{>  (3)  from  the  time 
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histories  of  a  and  C/,  obtain  the  lift  slope  Cid,  which  is  a 
discrete  transfer  function,  as  to  minimize  the  one  step 
prediction  error  of  Cf,  4)  transform  the  discrete  transfer 
function  to  continuous  transfer  function.  The  other 
aerodynamic  derivatives  in  Eq.  (3)  are  also  obtained  with 
the  same  procedure. 

If  once  the  aerodynamic  model  is  identified,  we  can 
prepare  the  aeroelastic  model  and  design  a  controller.  The 
controller  is  expected  to  suppress  the  flutter  through  the 
transonic  dip.  This  indicates  that  the  controller  must  work 
effectively  even  though  the  aerodynamic  characteristics 
depending  on  the  Mach  number  is  far  from  that  used  for 
the  controller  design. 

SMC  can  deal  with  such  a  problem.  It  is  a  kind  of 
variable  structure  controls  and  has  a  remarkable  feature 
that  the  dynamics  on  the  sliding  surface  is  unchanged 
regardless  of  the  model  errors  as  far  as  the  matching 
condition  is  satisfied.  The  aeroelastic  problem  of  this 
study  can  be  directly  applied  to  SMC  formulation.  The 
aeroelastic  problem  of  Eqs.  (l)  incorpolated  with  Eqs.  (2) 
is  transformed  into  state  space  form  as 

x '  =  Ax  +  Bu  (4) 

where  *==[§  a  a  J  and  u  <5^-  The  criterion 

for  determining  a  sliding  surface  is  minimizing 

J  =  [xQxT  )dt  (5) 

on  the  sliding  surface.  From  Eq.  (5),  the  equations  of  the 
sliding  surfaces  are  determined  as 

Sx  =  0 .  (6) 

The  control  inputs  are 

u  =  -SAx  -  kSx  /  ||Sjc||  (7) 

where  k  must  be  determined  considering  the  difference  of 
actual  dynamics  and  nominal  model. 

Another  candidate  for  the  active  transonic  flutter 
problem  is  LQR.  Although  it  is  not  robust  controller  or 
cannot  explicitly  incorporate  model  errors  into  the 
controller  design,  it  can  be  applied  to  the  system  with 
much  model  errors  because  it  has  enormous  stability 
margin  due  to  the  circle  condition.  For  the  state  space 
equation  of  (4),  the  objective  function 

J  ~J()  (xQxT  +uRuT^dt  (8) 


Mach  number,  M 

Fig.  2  Flutter  speed  at  1  =50  around  the 
transonic  regime.  Above  the  curve  of  flutter 
speed,  flutter  arises.  When  we  assume  a  flight 
altitude  and  decide  the  speed  of  sound,  we  can 
draw  the  line  of  U~M  relation.  If  the  line 
intersects  the  curve  of  the  flutter  speed,  then 
flutter  arises  between  the  Mach  numbers  at 
which  U-M  line  exceeds  the  flutter  speed  curve. 


is  to  be  minimized.  The  control  inputs  are  obtained  as 

u  =  -Kx  (9) 

where  K  is  control  gain. 

Both  SMC  and  LQR  need  full  state  feedback.  That 
restricts  the  applicable  aerodynamic  model  to  quasi-steady 
aerodynamics.  Unlike  this,  LQG/LTR  can  be  applied  to  the 
system  of  output  feedback.  For  the  state  space  equations 

x  -  Ax  +  Bu  +  Gw 
y  =Cx  +  v 

the  control  inputs  are 
U  =  -Fx 

x  =  Ax  +  Bu  +  K  (y  —  Cx ) 

The  loop  transfer  function  of  Eqs.  (lOMll) 

F  (si  -  A  +  BF  +  KC )"'  KC  (si  -  A )"*  B 

does  not  correspond  to  that  of  full  state  feedback 

F(sl-A)''  B. 

This  is  the  reason  that  the  robustness  of  LQG  deteriorates. 
LQG/LTR  improves  that  shortcoming.  If  we  assume  that 
the  disturbance  is  added  to  the  inputs,  G-B ,  and  its 
intensity  approaches  infinity,  the  loop  transfer  function  of 
Eq.  (12)  approaches  Eq.  (13).  This  indicates  that  the 
controller  with  Kalman  filter  has  the  same  robustness  as 
that  with  full  state  observation. 


(10) 

(11) 

(12) 

(13) 


4.  SIMULATION 

The  airfoil  using  in  this  study  is  NACA  64A006.  The 
properties  are  ah=- 0.2,  r^=0.5,  xd=0.2  and  u  h/h  d= 0.3.  The 
hinge  axes  of  the  leading  and  trailing  edges  are  located  at 
20%  and  75%  of  the  chord,  respectively.  Before  starting 
the  simulation  of  flutter  control,  we  carefully  compare  our 
CFD  results  with  other  studies 8  9 }  and  validate  our 
computational  code.  We  choose  the  design  point  of  the 
controller  as  M=0.85,  i  =50  and  £7=3.4.  Using  CFD,  the 
aerodynamic  coefficients  of  the  steady  flow  at  M=0.85  are 
obtained  as  C/fl=14.4,  Cw=8.90,  C/(i='0.0148,  Cm<i=1.53, 
Cm~-0.355  and  0^=  0.279. 

The  flutter  speed  around  the  transonic  region  is 
determined  using  U-g  method10)  as  shown  in  Fig.  2.  In  this 
region,  the  flutter  speed  varies  remarkably  and  is 
accompanied  with  transonic  dip.  Assuming  £7=4A7  in  Fig.  2, 
we  can  find  that  flutter  arises  between  A/=0.7  and  0.88. 
The  corresponding  speed  is  between  £7=2.8  and  3.52.  Some 
examples  of  the  airfoil  motions  are  shown  in  Fig.  3.  The 
airfoil  motion  in  the  transonic  dip  is  divergent  after  only  a 
few  cycles. 

To  suppress  the  transonic  flutter  shown  in  Fig.  3, 
SMC  is  firstly  designed.  The  criterion  of  Eq.  (5)  is  decided 
as  time  integral  of  total  energy  (kinetic  energy  and 
potential  energy).  When  the  SMC  is  applied  to  the  flutter 


Mach  number  =  0.7 


100  150 


Nondimensiona!  time.  V  =tU/b 


0.1  - 


Mach  number  =  0.88 


100  150 


Mondimensional  time,  r  =tU/b 


Fig.  3  Time  histories  of  plunge  displacement 
and  pitch  angle  at  three  Mach  numbers  in  the 
transonic  dip-  M=0.7  (beginning  of  the  dip), 
0.85  (the  deepest  point  in  the  dip  and  also 
design  point  of  the  controller)  and  0.88  (end  of 
the  dip).  The  initial  condition  is  i  ~  0.01/£7. 


Fig.  4  Time  histories  of  plunge  displacement 
and  pitch  angle  using  SMC.  The  initial 
condition  is  i  --0.01  IU, 
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Speed,  n  Speed,  o  Speed, 


of  Fig.  3,  the  airfoil  motion  becomes  stable  as  shown  in  Fig. 
4.  Although  the  SMC  is  designed  based  on  A/=0.85  and 
0=3 A,  it  works  effectively  for  flutter  of  other  Mach 
numbers  in  the  transonic  dip.  The  flutter  speed  of  SMC 
used  airfoil  is  also  investigated.  Applying  the  SMC,  we  can 
augment  the  flutter  speed  as  0= 20  or  more.  That  speed, 
which  depends  on  Mach  numbers,  is  the  upper  bound  of 
SMC  application.  Beyond  the  speed,  the  SMC  fails  to 
suppress  the  flutter.  There  also  exists  the  lower  bound  of 
SMC  application  as  in  Fig.  5.  Below  the  speed  of  the  lower 
bound,  the  SMC  destabilizes  the  airfoil  that  is  stable 
without  control.  The  region  of  the  speed  in  which  the  SMC 
can  be  applied  is  between  the  upper  and  lower  bound  in 
Fig.  5. 

LQR  and  LQG/LTR  can  also  suppress  the  transonic 
flutter,  whose  control  performance  is  almost  same  as  that 
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Fig.  5  Flutter  speed  with  SMC  application. 
Between  the  speed  of  upper  and  lower  bound, 
SMC  stabilize  the  oscillation.  The  flutter  speed 
without  control  is  also  shown. 
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Fig.  6  Flutter  speed  with  LQR  application. 
Between  the  speed  of  upper  and  lower  bound, 
LQR  stabilize  the  ocsillation.  The  flutter  speed 
without  control  is  also  shown. 
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Fig.  7  Flutter  speed  with  LQG/LTR  application. 
Between  the  speed  of  upper  and  lower  bound, 
LQG/LTR  stabilize  the  oscillation.  The  flutter 
speed  without  control  is  also  shown. 


of  SMC.  Tuning  to  show  the  same  control  performance,  we 
investigate  the  flutter  speed  with  LQR  or  LQG/LTR 
application  as  in  Fig.  6-7,  respectively.  Their  flutter  speed, 
upper  bound  in  Fig.  6-7,  is  certainly  augmented  using 
LQR  or  LQG/LTR,  but  their  degrees  of  the  augmentation 
are  far  little  than  using  SMC.  Since  we  identified  the 
unsteady  aerodynamic  model  and  used  it  in  LQG/LTR 
design,  we  expected  that  LQG/LTR  must  show  better 
performance  than  LQR.  In  reality,  the  flutter  speed  of 
LQG/LTR  is  lower  than  that  of  LQR.  This  is  because  the 
robustness  of  LQG/LTR  is  deteriorated  using  an  observer. 
The  LTR  method  used  in  LQG/LTR  design  recovers  only 
the  loop  transfer  function  broken  at  input  point.  Therefore 
the  loop  transfer  function  broken  at  the  output  point 
cannot  be  recovered. 

5.  CONCLUSIONS 

We  demonstrated  using  CFD  the  possibility  of  active 
control  for  the  transonic  flutter,  in  which  the  transonic  dip 
appeared.  Each  controller,  SMC,  LQR  and  LQG/LTR, 
successfully  suppressed  the  transonic  flutter  at  any  Mach 
numbers  through  the  transonic  dip.  In  those  three 
controllers,  SMC  augmented  the  flutter  speed  most. 
Although  unsteady  aerodynamics  was  identified  and 
incorporated,  LQG/LTR  showed  lower  flutter  speed  than 
SMC  due  to  the  robustness  deterioration. 
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Abstract 

Flutter  simulation  of  a  transonic  wing  has  been  presented  using  a 
moving  grid  system.  At  first,  a  Navier-Stokes  code  has  been 
validated  by  comparing  computed  solutions  with  experimental  data 
for  the  oscillatory  motion  of  rectangular  wing.  Then,  flutter 
simulation  of  a  high-aspect-ratio  swept  back  wing  has  been 
presented.  Aeroelastic  responses  are  computed  using  the  modal 
analysis  based  on  the  finite-element  method.  The  computed  flutter 
boundaries  are  obtained  and  compared  with  NAL  (National 
Aerospace  Laboratory)  flutter  tunnel  test. 

Introduction 

To  advance  the  safety  of  aircraft,  the  capability  to  predict 
unsteady  loads  such  as  maneuver  loads  and  gust  loads  on  the 
aircraft  will  be  needed  with  greater  accuracy.  Because  of  the  high 
cost  and  risk  involved,  however,  it  is  not  practical  to  conduct  a  large 
number  of  aeroelastic  wind-tunnel  tests.  By  complementing  such 
expensive  experiments  with  computational  methods,  the  overall 
cost  of  the  development  of  an  aircraft  can  be  considerably  reduced. 

To  estimate  unsteady  loads,  the  rigid  body  assumption  of  the 
aircraft  may  not  be  good  enough.  The  aircraft  should  be  treated  as  a 
flexible  body.  Several  studies  have  been  reported  by  coupling  CFD 
analysis  with  Computational  Structural  Dynamics.  For  example, 
Guruswamy  developed  a  Naveir-Stokes  code  for  aeroelaststic 
simulations  [1][2].  Then  to  reduce  the  computational  time,  Byun 
and  Guruswamy  developed  a  parallel  version  of  the  code[3].  Trie 
flutter  calculations  based  on  a  parallel,  multiblock,  multigrid  flow 
solver  by  Liu,  et  al[4],  Kheirandish  et  al.  also  presented  flutter 
simulation[5].  However,  these  codes  are  not  in  public  domain,  and 
the  access  to  such  codes  is  limited.  Also,  they  concentrated  on 
calculating  the  flutter  boundary.  There  are  not  many  reports 
estimating  maneuver  loads  or  gust  loads. 

Our  final  goal  is  to  simulate  various  unsteady  aeroelastic 
phenomena.  In  this  paper,  the  computational  aeroelastic  method  is 
developed  and  validated  with  experiment  as  a  milestone. 

To  verify  the  present  code  at  first,  unsteady  flows  over 
rectangular  wing  undergoing  prescribed  oscillatory  motions[6]  are 
computed.  The  unsteady  code  solves  the  Navier-Stokes  equations 
using  the  moving  grid  systems.  Then,  flutter  simulation  of  a 
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high-aspect-ratio  swept  back  wing  is  presented  Structural  responses 
are  loosely  coupled  with  CFD  analysis.  The  modal  data  is  generated 
by  the  finite-element  method[5]. 

Numerical  Algorithms 

The  thin-layer  Navier-Stokes  equations  used  in  this  study  can  be 
written  in  conservation-law  form  in  a  generalized  body-conforming 
curvilinear  coordinate  system  for  three  dimensions  as  follows: 

atQ  +  5?E+0,F  + 5,6=2-^  (1) 

where  t  =  t  ,  £  =  £(t,x,y,z)  ,  rj  =  rj(tyx,y7z)  ,  and 

£  =  £(t,x,yfz)  .  The  turbulent  viscosity  is  evaluated  by  the 
Baldwin-Lomax  algebraic  eddy-viscosity  model. 

The  governing  structural  equations  of  motion  of  a  flexible  wing 
are  using  the  Rayleigh-Ritz  method[6].  In  this  method,  the  resulting 
aeroelastic  displacements  at  any  time  are  expressed  as  a  function  of 
a  finite  set  of  assumed  modes. 

It  is  assumed  that  the  deformed  shape  of  the  wing  can  be 
represented  by  a  set  of  discrete  displacement  vector  {d}  can  be 
expressed  as 

W=WW  (2) 

where  [<p]  is  the  modal  matrix  and  {q}  is  the  generalized 
displacements  vector.  The  matrix  form  of  the  structural  equations  of 
motion  is 

[M]{d}+[c]{d}+[K]{d}=  {F}  (3) 

where  [M],[C],  and  [k]  are  modal  mass,  damping,  and 
stiffness  matrices,  respectively.  Each  matrices  and  modal  data  are 
generated  from  a  finite-element  analysis,  {f}  is  aerodynamic 
force  vector  and  it  is  obtained  from  integrating  aerodynamic  forces 
acting  on  the  wing  surface. 

The  structural  equation  of  motion  (3)  is  solved  by  a  numerical 
integration  technique  based  on  the  Runge-Kutta  sheme.  Using  the 
resulting  displacements,  all  computational  grids  are  moved  using 
the  grids  generation  system  described  in  the  following  section.  Then 
the  flow  field  is  calculated  on  the  new  grid  and  the  resulting 
aerodynamic  forces  are  integrated  again.  Iterating  this  cycle, 
aeroelastic  simulation  is  performed. 
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Grids  Deformation  Systems 

The  present  CFD  grid  uses  the  C-H  grid  topology.  The  C-H  grid 
is  deformed  every  time  based  on  the  wing  deformation  as  follows. 

1 )  Obtain  a  camber  surface  of  the  initial  configuration  of  wing. 

2)  Integrate  the  structural  equation  of  motion  and  obtain  the 
generalized  displacement  for  each  mode. 

3)  Deform  the  camber  surface  using  the  generalized  displacements. 
Interpolate  the  surface  with  a  spline  curve  in  the  chordwise 
direction  and  with  a  liner  interpolation  in  the  spanwise  direction. 

4)  Add  wing  thickness  to  the  deformed  camber  surface  and 
determine  the  new  wing  surface  grid  points. 

5)  Generate  the  new  computational  grid  based  on  the  new  surface 
configuration  algebraically. 

Results 

Oscillating  Rectangular  Wing 

To  verity  the  present  code,  unsteady  flows  over  rectangular  wing 
undergoing  prescribed  oscillatory  motions  are  computed.  It  has 
NACA64A010  airfoil  section  and  an  aspect  ratio  of  4.  The  unsteady 
data  are  given  when  a  rigid  wing  is  oscillating  in  the  pitching 

motion,  a(t)~am  -  a  sin  (ft)  /)  about  the  axis  at  x/c  -  0.5, 
Rectangular  wing 

=0.8  Computations 

am  =0°  ,  a  =1°  □  Experiments 

k  =  0.27  - 


94%  semispan  94%  semispan 

15  r  10  r 


Fig.  1  Comparison  of  computed  upper  surface  unsteady 
pressures  with  experiment  over  the  rectangular  wing. 


where  c  is  the  chord  length  and  is  the  pitching  frequency  in 
radian  per  second.  The  flow  is  computed  at  =  0.8  with  a  mean 
angle  of  attack  am  =0  deg,  a  pitch  amplitude  a  =  1  deg,  and  a 

reduced  frequency  k  =  0.27  (k  =  coc/UQ0  ).  Unsteady 

computations  are  started  from  the  corresponding  steady-state 
solution. 

Figure  1  shows  the  comparison  of  real  and  imaginary  parts  of  the 
first  Fourier  component  between  the  computed  and  measured 
unsteady  upper  surface  pressure  coefficients  of  the  wing  at  various 
spanwise  locations  with  a  time  step  size  of  3600  steps/cycle.  The 
results  show  a  good  agreement  with  experimental  data[6]  and  the 
inboard  shock  wave  motion  is  captured  clealy.  Throughout  the  test 
case  presented  here,  the  accuracy  of  the  present  unsteady  code  is 
confirmed  favorably. 

Flutter  Simulation 

Aeroelastic-response  analyses  are  conducted  for  a 
high-aspect-ratio  swept  back  wing  shown  in  Fig  2.  This 
configuration  is  based  on  the  preliminary  design  of  the  YXX 
transport  project  and  a  computational  model  is  taken  from  the  NAL 
(National  Aerospace  Laboratory)  flutter  tunnel  model  with  1/45  of  a 
full  scale  aircraft  Aspect  ratio,  taper  ratio  and  thickne ss-to-chord 
are  10,  0.324  and  16%,  respectively.  It  has  supercritical  airfoil 
section  made  of  metal  spar  and  urethane  panel[5]. 

The  wing  is  modeled  by  the  plate.  Figure  3  shows  the  mode 
shapes  and  frequencies  of  the  first  six  normal  modes  for  the  wing. 
Using  the  normal  modal  data  shown  in  Fig.  3,  aeroelastic  responses 
were  computed  by  integrating  the  flow  equation  and  the  aeroelastic 
equation. 

The  flow  conditions  are  =  0.70,  Re  =  2.4  X 106,  angle  of 
attack  a  -  2  deg  and  several  dynamic  pressure  are  picked  up 
around  the  flutter  boundary  obtained  by  the  NAL  flutter  tunnel  test 
Aeroelastic  computations  are  started  from  corresponding  steady 
state  solutions  of  the  rigid  wing. 
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Vlode  1  1  st  Bending 

(60.7  Hz) 


Mode  2  2  nd  Bending 
(200.6  Hz) 


Mode  4  3  rd  Bending 


(448.2  Hz) 


Mode  5  2  nd  Torsion 


(702.4  Hz) 


Mode  3  1  st  Torsion  Mode  6  3  rd  Torsion 

(429.4  Hz)  (816.9  Hz) 


Fig.  3  Mode  shapes  and  frequencies 
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Fig.  4  The  time  history  of  generalized  displacements  of  the 
fist  three  modes  at  the  dynamic  pressure  50kPa, 
70kPa  and  85kPa. 


Figure  4  shows  the  time  history  of  generalized  displacements  of 
the  fist  three  modes  at  the  dynamic  pressures  50kPa,  70kPa  and 
85kP&  When  the  dynamic  pressure  is  50kPa,  each  generalized 
displacement  decays  with  time,  indicating  that  the  aeroelastic 
system  is  stable  at  this  condition.  At  higher  dynamic  pressures,  the 
system  becomes  less  and  less  stable  until  the  displacements  diverge 
as  shown  at  85kPa  When  the  dynamic  pressure  is  70kPa,  all 
generalized  displacements  neither  converge  nor  diverge.  This  is 
considered  at  the  flutter  boundary  and  it  agrees  well  with  the  NAL 
flutter  tunnel  test. 

Figure  5  shows  time  histories  of  actual  displacements  and 
aerodynamic  forces  at  three  spanwise  locations  at  70kPa  It  shows 
that  when  the  wing  bends  up,  CL  reduces  due  to  the  wing  twist 
Aerodynamaic  coefficients  vary  periodically  along  with  the  wing 
deformation  at  the  flutter  boundary. 

Figure  6  shows  the  Mach  contours  of  at  95%  semi  span  at  70kPa 
during  the  oscillation.  As  the  deformation  becomes  larger,  the  flow 
separates  from  the  leading  edge. 

*  50%  semispan  — 1 — 75%  serrispan  •  TIP 


0  10000  20000  30000  40000  50000 

Time  Steps 

Fig.  5  Time  histories  of  displacements,  CL  and  CD  at  70kPa. 

Conclusions 

Flutter  Simulation  of  a  transonic  wing  was  performed  associated 
with  a  moving  grid  system.  At  first,  unsteady  flows  over  rectangular 
wing  undergoing  prescribed  oscillatory  motions  are  computed.  The 
results  show  good  agreements  with  experimental  data. 

Then,  flutter  simulation  of  a  high-aspect-ratio  swept  back  wing  is 
presented.  Structural  responses  are  computed  using  the  modal 
analysis  based  on  the  finite-element  method.  The  computed  flutter 
boundary  agrees  well  with  the  NAL  flutter  tunnel  test. 
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Fig.  6  The  Mach  contours  of  at  95%  semi  span  at  70kPa  during  the  oscillation. 
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ABSTRACT 

This  paper  presents  an  approach  to  generate  unstructured 
surface  meshes  for  CAD  (Computer-Aided  Design)  surface 
models,  which  may  have  intersections,  with  minimum  user 
interventions.  The  basic  method  employed  here  is  to  apply  the 
advancing  front  method  directly  on  the  CAD  surfaces.  The  key 
point  of  this  approach  is  to  use  geometric  features,  such  as 
ridges  and  comer  curves  of  a  given  geometry,  as  the  initial  fronts 
for  the  advancing  front  method.  By  use  of  the  geometric  features, 
the  original  configuration  is  precisely  preserved  and  the  surface 
meshing  procedure  is  significantly  simplified.  The  capability  of 
the  method  is  demonstrated  for  models  of  an  airplane 
piggybacked  on  a  rocket  booster  and  an  insect. 

1.  INTRODUCTION 

Computational  Fluid  Dynamics  (CFD)  has  demonstrated  its 
effectiveness  for  many  different  types  of  geometries  and  field 
regimes.  However,  grid  generation  has  been  continuously 
recognized  as  a  bottleneck  in  the  CFD  process.  This  difficulty 
arises  mainly  from  two  significant  factors:  the  definition  of  the 
boundaries  of  the  domain  to  be  meshed,  and  the  grid  generation 
itself. 

One  of  the  ways  to  settle  the  former  problem  is  to  link  the 
grid  generator  closely  to  CAD.  CAD  software  has  a  lot  of  output 
formats.  The  stereolithography  (STL)  format,  which  has  become 
the  de  facto  standard  in  rapid  prototyping  [1],  is  employed  in  the 
present  approach  as  background  grids  for  the  surface  meshing 
because  of  its  simplicity. 

Other  file  formats  that  represent  the  model  as  a  set  of 
polygons  — DXF  (Drawing  Interchange  Format)  [2],  3DS  (3D 
Studio  file)  and  PLOT3D  file  for  the  structured  surface  grid  for 
example —  can  be  also  easily  converted  to  the  STL  format. 
However,  the  DXF  and  3DS  files  often  have  intersecting 
surfaces.  It  is  necessary  to  remove  the  intersections  before  the 
surface  meshing  process. 

The  quality  and  the  local  grid  density  of  a  surface  mesh 
directly  affect  to  the  solution  accuracies  in  CFD  problems, 
especially  for  the  aerodynamic  evaluation  of  airplanes.  This 
suggests  that  surface  grid  generation  methods  must  have  a 
strong  controllability  of  the  grid  density  on  condition  that  the 
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original  geometry  is  preserved  as  much  as  possible.  User 
interventions,  therefore,  are  still  required  for  the  surface  grid 
generation.  On  the  contrary  to  the  automation,  this  demand  is 
essential  for  the  surface  meshing  in  order  to  obtain  the  best 
result  within  limited  computational  resources. 

Surface  grid  generators  are  anticipated  to  be  user-friendly. 
The  conventional  ones,  however,  are  not  always  so.  The  main 
reason  originates  in  the  employment  of  a  so-called  mapping 
method,  where  a  3D  surface  must  be  decomposed  into  a 
collection  of  surface  patches.  This  procedure  often  requires 
hundreds  of  hours  of  manipulation  for  the  generation  of  the 
surface  patches  to  obtain  a  satisfying  surface  grid.  This  surface 
decomposition  is  not  essential  to  generate  high  quality  surface 
meshes,  and  should  be  avoided  to  reduce  work  load. 

Here  an  efficient  and  effective  surface  triangulation  method 
has  been  developed  [3].  The  method  is  based  on  the  direct 
advancing  front  method  [4]  for  the  surface  meshing.  One  of  the 
advantages  of  this  approach  is  that  it  dose  not  require  the 
division  of  the  surface  into  a  lot  of  patches.  Furthermore,  the 
initial  fronts  are  useful  to  determine  the  local  grid  densities  by 
distributing  the  grid  points  of  user-specified  number  on  them. 
The  initial  fronts  are  setup  efficiently  by  the  automatic 
reconstruction  process  of  geometric  features.  This  initial  front 
setup  based  on  the  geometric  features  assures  the  accurate 
representation  of  the  CAD  model  and  minimizes  the  user 
interventions. 

In  this  paper,  we  discuss  a  surface  grid  generation  method 
in  which  the  user  interventions  are  minimized  while  the 
controllability  of  the  grid  is  enhanced  by  utilizing  the  GUI 
(Graphical  User  Interface).  The  method  is  applied  to  several 
airplane  configurations  and  a  hornet  model,  which  has 
interacting  surfaces,  to  demonstrate  the  capability. 

2.  SURFACE  GRID  GENERATION  METHOD 

A  flowchart  of  the  surface  grid  generation  procedure  is 
shown  in  Fig.  1. 

In  the  first  step,  CAD  data  files  are  read.  The  STL  file 
format  is  used  as  the  input.  Other  file  formats  that  represent  the 
model  as  a  set  of  polygons  can  be  also  easily  converted  to  the 
STL  format. 

In  the  second  step,  the  CAD  surface  is  automatically 
corrected  in  order  to  use  it  as  a  background  grid  for  the  surface 
meshing.  The  surface  data  prepared  in  STL  often  has 
ill-conditioned  facets:  overlapping  facets,  gaps  [5],  highly 


-  755  - 


stretched  facets  [3]  and  so  on.  Overlapping  facets  and  gaps 
prevent  the  accurate  surface  definition  and  highly  stretched 
facets  will  interrupt  the  surface  meshing  because  their  normal 
vectors  are  not  calculated  precisely.  By  identifying  the 
commonly  appeared  ill-conditioned  facets,  most  of  them  can  be 
fixed  automatically.  Other  types  of  objectionable  facets  will  be 
easily  found  and  revised  on  GUI  environment  if  necessary. 

In  the  third  step,  the  geometric  features  (ridges)  are 
automatically  reconstructed.  Grid  points  are  distributed  on  these 
curves  to  form  initial  fronts  for  the  advancing  front  method. 
Source  lines  and  points  may  be  added  to  control  local  grid 
density  and  to  represent  the  model  more  accurately.  Sample 
ridges  are  shown  in  Fig.  2b. 

In  the  fourth  step,  the  advancing  front  method  is  applied 
directly  on  the  CAD-defined  background  grid.  The  positions  of 
new  nodes  are  temporarily  calculated  with  linear  interpolation 
because  of  the  robustness.  After  the  triangulation,  a 
second-order  correction  algorithm  [6],  for  the  exact  surface 
recovery,  is  applied  to  the  new  nodes. 

In  the  fifth  step,  the  computational  boundaries  are  defined 
so  as  to  generate  the  volume  grid.  The  outer  boundary 
generation  is  simplified  by  preparing  several  templates  for  the 
outer-boundaries. 


Fig.  1  Flowchart  of  grid  generation 


Fig.  2  Example  of  surface  meshing:  (a)  CAD  geometry;  (b) 
detected  ridges;  (c)  surface  mesh 


3.  APPLICATIONS 
3.1  NAL  experimental  airplane  model 

Figure  3  shows  a  semi-span  model  of  a  NAL  (National 
Aerospace  Laboratory  of  Japan)  experimental  supersonic 
airplane  piggybacked  on  a  solid  rocket  booster  that  will  be 
launched  to  altitude  of  15,000  meters  in  2002  [7].  Several 
derivative  models  were  prepared  by  CATIA  in  order  to  evaluate 
the  differences  of  the  aerodynamic  effects  caused  by  the 
projections  such  as  connections  between  the  airplane  and  the 
booster,  and  fairings  on  the  booster.  The  intensity  of  shock 
waves  that  are  generated  from  the  projections  depends  on  their 
existences  and  positions,  and  directly  affects  the  flight 
characteristic  particularly  in  transonic  flow  regions  [8].  Figure  4 
shows  a  surface  mesh  for  the  original  model.  The  mesh  has 
116,414  nodes  and  232,824  faces.  It  takes  about  3  hours  to 
generate  the  mesh  for  each  model,  and  most  of  it  is  spent  on  the 
mouse  operation  such  as  adding  ridges  and  specifying  division 
parameters  at  each  ridge. 

A  volume  grid  was  generated  by  a  Delaunay  method  [9].  It 
has  672,489  nodes  and  3,656,818  tetrahedra.  Euler  calculations 
were  performed  and  computed  results  at  a  ffeestream  Mach 
number  of  1 .6  and  an  angle  of  attack  of  zero  are  shown  in  Fig.  5. 


ridges 


Fig.  4  Surface  mesh  of  NAL  experimental  airplane  model 
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Fig.  5  Euler  calculation  for  NAL  experimental  airplane 
model  (A/*,  =  1.6,  a  =  0.0):  pressure  distribution  on  the 
symmetry  plane 


3.2  Hornet  model 

Figure  6  shows  a  hornet  configuration.  The  configuration 
data  was  prepared  as  a  DXF  file.  This  format  was  developed  by 
AutoDesk  to  allow  CAD  data  to  be  interchanged  between 
different  applications.  The  DXF  file  generally  represents  a 
configuration  as  a  collection  of  parts  and  each  part  is  made  of 
polygons.  It  is  easy  to  subdivide  polygons  into  triangular  faces, 
but  the  interacting  faces  among  each  part  have  to  be  eliminated. 

Two  approaches  can  be  considered:  a)  surface  meshing  for 
each  part  and  re-triangulation  near  the  intersections  and  b) 
conversion  of  intersecting  surfaces  into  a  single  surface,  which 
is  used  as  a  background  grid  for  the  surface  meshing.  The 
former  is  described  in  [10]  and  [11].  This  approach  is  effective 
for  simple  geometries  such  as  spheres,  cylinders  and  cubes.  For 
complex  geometries,  however,  this  approach  has  limitations 
because  it  is  difficult  to  adjust  sizes  of  triangles  of  each  part  near 
the  intersections. 

The  intersecting  faces  are  therefore  eliminated  beforehand 
in  order  to  define  a  background  grid  for  the  surface  meshing  as  a 
single  surface.  This  operation  is  carried  out  automatically  in  the 
following  way.  Figure  7  shows  an  application  for  two  cubes. 

(a)  For  each  part,  make  a  tight-fitting  oriented  bounding 
box  as  shown  in  Fig.  8,  and  search  the  intersecting 
boxes  [12]  in  order  to  reduce  the  computing  time.  If  the 
boxes  intersect,  the  base  parts  are  considered  to 
intersect. 

(b)  Select  intersecting  two  parts.  For  each  edge  of  one  of 
the  parts,  search  the  crisscrossing  triangular  faces  of  the 
other  part,  and  calculate  the  intersecting  points,  such  as 
black  points  in  Fig.  7a. 

(c)  Remove  nodes  that  are  inside  the  object,  such  as  a 
white  point  in  Fig.  7a. 

(d)  Add  edges  of  intersection  and  nodes  on  both  ends  of 
them,  which  are  calculated  in  (b). 


(e)  Divide  polygons,  which  made  of  divided  original 

edges  and  newly  created  edges  in  (d),  into  triangles. 

(f)  Remove  highly  stretched  faces  if  necessary. 

In  addition,  some  node  movement  is  required  in  this  case 
because  the  defined  surface  is  very  rough  particularly  at  the  legs. 
If  the  model  is  given  as  a  solid  model,  CAD  systems  can  output 
the  water-proof  STL  data  as  was  the  case  for  the  NAL 
experimental  supersonic  airplane  model  shown  in  the  previous 
section. 

The  surface  grid  generation  method  was  applied  to  the 
revised  surface.  After  the  reconstruction  of  geometric  features, 
several  ridges  were  added  particularly  at  the  legs  because  the 
defined  surface  is  rough  and  coarse  as  mentioned  above  (see  Fig. 
6).  Surface  triangulation  was  then  performed  as  shown  in  Fig.  9. 
The  generated  surface  mesh  has  66,824  nodes  and  132,626  faces. 
The  required  CPU  time  on  Pentium  III  (600  MHz)  PC  is  about  3 
minutes  for  the  surface  grid  generation  process  in  this  case.  The 
total  required  time  for  the  surface  mesh  was  about  one  day.  Most 
of  these  works  is  to  eliminate  interacting  faces  that  are  contained 
in  DXF  files  and  to  move  nodes.  If  the  model  is  given  by  a  CAD 
solid  model,  this  modification  becomes  trivial. 

A  half  sphere  was  selected  for  the  computational  outer 
boundary  shape.  The  volume  grid  was  generated  in  the  same 
way  with  the  previous  section,  and  has  741,728  nodes  and 
4,183,735  tetrahedra.  Incompressible  Navier- Stokes  calculations 
were  performed,  and  Fig.  10  shows  the  computed  results  at  a 
Reynolds  number  of  104.  The  wing  was  fixed  in  the  zero 
dihedral  angle. 


Fig.  6  Hornet  model  and  ridges  (black  lines) 


Fig.  7  Boolean  union:  (a)  two  cubes  that  interact  each 
other;  (b)  after  removing  the  interaction 


~  757  - 


Fig.  9  Surface  mesh  of  the  hornet 


Fig.  10  Incompressible  Navier-Stokes  calculation  for  the 
hornet  (Re  =  104,  a  =  0.0) 


4.  CONCLUSIONS 

A  surface  triangulation  method  using  CAD  data  was 
presented.  The  automatic  reconstruction  process  of  geometric 
features  assures  the  accurate  representation  of  the  CAD  model. 
The  initial  front  setup  based  on  the  geometric  features 
minimizes  the  user  interventions.  The  method  was  applied  to 
models  of  the  NAL  experimental  airplane  and  a  hornet.  The  time 
needed  for  surface  grid  generation  was  significantly  reduced. 


The  ability  to  generate  surface  meshes  over  interacting  surfaces 
was  also  demonstrated. 
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ABSTRACT 


The  internal  flow-field  of  a  dual-combustor  scramjet,  without 
fuel  injection  and  combustion,  was  studied  in  this  paper.  The 
experiment  was  carried  out  in  a  reflected  shock  tunnel,  and 
schlieren  photographs  were  obtained.  Upwind  TVD  scheme  was 
used  to  solve  three-dimensional,  complete  Navier-Stokes 
equations  by  multi-domain  method  for  the  test  nozzle  and 
scramjet.  Also,  several  geometrical  parameters  were  varied  to 
show  their  effects  on  scramjet  flow  field.  For  a  typical  case,  i.  e. 
hp=  12.93mm,  the  computed  shock  waves  are  similar  to  those  in 
photographs,  and  static  pressures  along  the  lower  median  wall  are 
also  in  agreement  with  experimental  results.  The  flows  in  the 
inlet,  supersonic  combustor  and  aft  nozzle  are  relatively  simpler, 
but  rather  complex  in  the  subsonic  combustor.  Along  the  lower 
wall,  the  separated  flow,  started  from  expansion  wall  surface, 
evolves  into  a  contact  surface  till  to  the  subsonic  combustor 
entrance.  By  reducing  hp,  shifting  the  splitter  upwards  and 
rotating  it  clockwise,  the  recirculation  zone  moves  upstream 
along  the  lower  wall  till  to  the  inlet,  and  contact  surface  is  raised 
up.  In  most  cases,  contact  surfaces  along  the  lower  wall  are 
seriously  distorted.  Overflow  will  occur  at  subsonic  combustor 
entrance.  Then,  the  flow  is  choked  in  scramjet  duct. 

INTRODUCTION 

Kerosene  fueled  scramjet  is  a  preferable  propulsion  power 
for  M=6~8  aerodynamic  vehicles1'1121131,  such  as  missiles141.  The 
advantages  for  kerosene  are  higher  volumetric  heat  release  and 
jet  penetration.  The  disadvantages  are  unsatisfactory 
combustibility  and  long  ignition  delay.  Also,  there  exists  breakup 
and  atomization  for  kerosene  jet.  The  results  show  that  dual¬ 
combustor  is  a  good  way  to  alleviate  such  difficulties.  Dual¬ 
combustor  scramjet  is  composed  of  two  combustors.  One  duct  is 
a  subsonic  combustor  as  an  igniter,  the  other  is  a  supersonic  one. 
Most  kerosene  burns  in  the  subsonic  combustor.  Exhausted  gas 
with  rich  and  active  radicals  from  the  subsonic  combustor,  ignites 
stoichiometric  fuel  air  mixture  in  supersonic  combustor.  In  the 
1970's,  Billig  studied  dual-combustor  scramjet,  i.  e.  SCRAM- 
MOD1,  SCRAM-MOD2  for  missiles141151.  A  different  one  was 
studied  by 
evenly  in 


combustion,  the  cold  flow  field  of  a  dual-combustor  scramjet 
was  studied  experimentally  by  NASA  Langley  Research  Center171. 
The  static  pressure  distribution  was  measured  along  lower  and 
upper  median  walls.  In  summary,  the  concerned  works  are 
usually  conducted  in  conventional  tunnels.  Due  to  the  problem  of 
wind  tunnel  unstart,  the  size  of  model  scramjet  is  very  limited.  It 
is  difficult  to  visualize  the  scramjet  internal  flow  field  because  of 
interference  of  external  flow  around  the  test  model.  In  this  paper, 
a  highly  integrated  duct  with  inlet,  dual-combustor  and  aft  nozzle 
was  designed,  and  was  connected  directly  to  nozzle  as  a  test 
section  in  a  shock  tunnel.  In  experiment,  the  emphasis  was  on 
schlieren  visualization  to  internal  flow  field.  Then,  the  computed 
waves  denoted  by  pressure  contours  are  also  presented  for  a 
comparison  with  those  in  schlieren  images.  The  numerical 
investigation  was  conducted  to  show  the  transition  mechanism 
from  supersonic  to  subsonic  flow  in  the  subsonic  combustor.  The 
purpose  are  to  know  (1)  shock  waves  appearing  in  flow  field. (2) 
interaction  of  inflow  at  combustors  inlet.  (3)  effects  of 
geometrical  parameters,  such  as  nozzle  throat  height  hp, 
translation  distance  and  rotation  angle  of  the  splitter. 

1 .  TEST  RIG  AND  EXPERIMENTAL 
RESULTS. 

A  highly  integrated  duct  with  dual-combustors  is  shown  in 
Fig.l.  In  convenience  for  flow  visualization,  the  side  -walls  can 
be  interchanged.  The  side-walls  may  be  glass  windows  or  metal 
covers  with  transducer  ports.  The  numerical  boundary  is  the  same 
as  that  for  digitally  manufacturing  contour. 

The  experiment  was  done  in  a  reflected  shock  tunnel.  The 
inlet  of  this  integrated  duct  is  directly  connected  to  a  nozzle  with 
designed  Mach  number  3.15.  The  nozzle  exit  is  40  mm X  70mm 
in  height  and  width.  Fig.2  gives  a  schlieren  image  for  flow  field 
in  inlet  and  dual-combustor. 


Fig.  1  Schematic  of  dual-combustor  scramjet 
1, supersonic  combustor;  2, subsonic  combustor 


UTRC  which  three  subsonic  combustors  are  installed 


Fig.2  Schlieren  photograph  of  inlet  and  dual  combustors  (h  =  12.93mm) 
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2.  GOVERNING  EQUATIONS  AND 
NUMERICAL  SCHEMES 


Where  R  is  right  eigen  vector  of  Jacobian  matix.  The  expression 
forO  can  be  found  in  Ref.  [8]. 

2.  3  Auxiliary  Conditions 


2.  1  Governing  Equations 

In  Cartesian  system,  the  fully  Navier-Stokes  equation  is  as 
follows 

+  +  +  =  +  +  (1) 

St  dx  dy  dz  dx  dy  dz 

Where  U  is  a  conservative  variable  vector.  E^  F*  G  ,  are 
convective  and  Ev,  Fv,  Gv  are  viscous  vectors.  In  a  curvilinear 
system,  Eq.(l)  is  rewritten  as 

dU_  dE  #  dG_^dE^  df^  dG^  (2) 

<?t  +  dz  +  cty  +  %  az  +  dn  +  at; 

Where  r  =  t>  ^  =  i]  =  rj(x, yt z)  «  t;  =  C(x>y>z)  ’ 

U  =  J-'-U  .  E  =  J-'-(ZyE  +  ZyF+t:G) 

F  -  J  '1  •  (/;,.£  +  77^  +  77,G) ,  G  =  J~'  •  (f r£  +  CyF  +  f rG)  ’  J 
is  the  Jacobian  matrix.  Only  laminar  flow  is  considered  in  this 
paper. 


The  total  pressure  and  total  temperature  are  determined  by 
equilibrium  contact  surface  theory  in  a  reflected  shock  tunnel. 
The  method  of  multi-domain  is  used  in  the  computation.  At  the 
block  interfaces,  a  special  data  match  is  assigned.  The 
computation  of  nozzle  is  from  its  throat. 

Initial  conditions:  The  initial  values  for  the  nozzle  is  given 
by  theory  of  one  dimensional  isentropic  flow.  The  variables  at 
nozzle  exit  are  specified  as  inflow  parameters  for  the  integrated 
duct. 

Boundary  conditions:  Initially,  variables  at  nozzle  throat  are 
determined  by  one  dimensional  isentropic  relations  from  total 
pressure  and  total  temperature.  Along  the  walls,  the  non-slip 
conditions  are  specified  for  velocity,  zero  pressure  and 
temperature  gradient  are  imposed.  The  variables  at  duct  exit  are 
extrapolated  linearly. 

3.  RESULTS  AND  DISCUSSION 


3 .  1  Grid  generation 


2.  2  Numerical  scheme 

Upwind  TVD  scheme  is  used  to  discretize  convective  terms, 
and  central  difference  scheme  for  viscous  term.  The  discretized 
equation  (2)  is  in  form  of 


cc  =o:,t 

i 

T 

+  2,,.t  -  2./J 

t  ^i-l  2.j.t  )  +  (F./+I  , 

H  2>4>"y- 

2*:.,*-.  3)i 

Computational  grids  are  shown  in  Fig.3.  The  grids  for 
nozzle  and  combustors  are  initially  generated  by  algebraic 
method,  then,  modified  by  solving  Laplace  equation.  Finally,  a 
linear  extrapolation  was  used  to  get  clustered  grid  along  walls. 
The  grids  for  nozzle  and  integrated  duct  are  101  X51  X2(K  231 
X  70  X  20 ,  respectively.  Only  a  symmetrical  domain  in  z 
direction  is  considered. 


igsilt 


(a) 


(b) 
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Fig.3  Computational  grids 
(a)  Grids  in  x-y  plane  (b)  Grid  match  between  nozzle  and  inlet 


Fig.4  Pressure  contours  at  symmetrical  plane  of  inlet, 
dual-combustor  and  aft  nozzle 


3.  2  Computation  of  nozzle  flowfield 

The  nozzle  flowfield  was  numerically  studied  to  avoid 
giving  boundary  layer  at  scramjet  inlet.  The  results  show  that  the 
flow  at  nozzle  exit  is  quite  uniform,  and  computed  average  exit 
Mach  number  is  3.20.  In  consequent  computation,  the  value  of 
variables  at  center  of  nozzle  exit  is  chosen  as  reference 
parameters  for  equation  non-dimensionalization.  The  computed 
static  pressure  and  temperature  are  1.469XI04Pa  and  7.698 X 
10?Pa.  respectively. 

3.  3  Computation  of  internal  flow  field  of  dual  combustors 


scramjet 

In  Fig.4,  the  pressure  contours  are  presented  at  median 
plane,  z=0.5w.  At  point  1,  the  compression  waves  are  generated, 
then,  a  weak  shock  is  formed  downstream.  At  point  3,  a 
recirculation  zone  is  generated.  The  weak  shock  reflects  at  the 
recirculation  zone.  A  reflected  shock  and  expansion  waves  are 
also  formed.  At  point  5,  expansion  waves  are  absorbed.  A  re¬ 
reflected  shock  is  generated  at  point  6,  and  its  strength  is  further 
reduced  until  it  reaches  to  the  supersonic  duct  exit.  At  point  4, 
expansion  waves  go  through  the  weak  shock  and  reflect  as 
compression  waves,  which  are  absorbed  near  the  sharp  comer  of 
splitter.  At  point  7,  expansion  waves  are  generated  and  denote  the 
local  flow  is  supersonic.  These  expansion  waves  are  reflected  as 
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compression  waves  at  splitter  wall.  At  point  9,  an  oblique  shock 
is  generated.  Because  the  flow  is  choked  at  subsonic  combustor 
throat,  complicated  pressure  waves  are  formed  in  subsonic 
combustor.  The  shock  waves  denote  that  local  flow  in  the 
subsonic  combustor  is  intrinsically  supersonic.  A  further 
comparison  indicates  that  the  computed  shock  is  in  good 
agreement  with  that  in  schlieren  image(Fig.3).  Because  of  the 
flow's  impact  on  the  splitter,  the  shock  position  doesn’t  coincide 
with  experimental  result  precisely.  At  point  2,  as  shown  in  Fig.5, 
the  flow  is  separated,  and  a  contact  surface  is  evolved 
downstream  till  to  subsonic  duct  inlet.  By  contrast  to  Fig.2  and 
Fig.4,  the  velocity  field  in  Fig.5  helps  to  determine  the  contact 
surface.  It  is  noted  that  a  small  separated  region  is  formed  close 
to  upper  wall,  but  it  disappears  quickly  downstream  because  of 
wall  compression. 


paper  is  larger  than  that  in  Ref. [7], therefore,  the  shock  position  is 
different.  In  Fig.6,  at  x/H=6,  the  higher  experimental  value 
denotes  the  shock  appears  earlier  than  that  in  this  paper. 


Fig.6  Pressure  distribution  along  scramjet  low  median  wall 


(a)  z=0.5W 


(C)  z=0.229W 


(d)  z=0.098W 

Fig.5  Velocity  distribution  of  separated  zones  along  z  direction 


Fig.6  presents  the  distribution  of  static  pressure  and  its 
experimental  value  along  the  low  median  wall.  Where  p,  is  the 
static  pressure  in  Ref.  [7],  Although  the  inflow  Mach  number  is 
the  same,  but  the  total  pressures  of  inflow  are  1.29Mpa  in  Ref.[7] 
and  0.77Mpa  in  this  paper,  corresponding  to  static  pressures 
0.028Mpa  and  0.015Mpa,  respectively.  After  transformation,  the 
computed  static  pressures  are  in  qualitative  agreement  with 
experimental  ones.  Because  the  size  of  the  integrated  duct  in  this 


In  following  sections,  several  geometrical  parameters  are 
numerically  tested  to  show  their  effects  on  the  flowfield. 

3.4  Nozzle  throat  height  hp 

In  subsonic  combustor,  it  is  important  to  know  how 
supersonic  flow  is  decelerated  into  subsonic.  In  this  section, 
splitter  is  positioned  certainly  during  the  computation,  but  throat 
height  is  reduced  continuously.  Fig. 7  shows  the  velocity  field  in 
the  subsonic  combustor.  In  Fig.7(a),  hp=l  4.00mm,  the 
recirculation  zones  are  small.  They  locate  upstream  of  subsonic 
combustor  throat  and  close  to  walls.  Obviously,  the  supersonic 
flow  dominates  in  subsonic  combustor.  In  Fig.7(b),  hp=  10.0mm, 
the  separated  flow  region  is  expanded  and  pushed  upstream. 
Supersonic  and  subsonic  flows  share  the  flow  field  equally.  In 
Fig.7(c),  hp=5.93mm,  the  separated  flow  is  further  pushed 
upstream.  In  subsonic  combustor,  the  flow  is  fully  subsonic,  and 
supersonic  flow  is  decelerated  into  subsonic  by  going  through 
these  recirculation  regions.  In  scramjet  inlet,  the  contact  surface 
is  raised  but  not  distorted.  In  the  region  between  contact  surface 
and  low  wall  surface,  the  flow  becomes  subsonic.  In  Fig.7,  it  can 
be  found  that  flow  in  aft  nozzle  becomes  uniformly  as  hp  is 
reduced. 


(a)  h  =14. 00mm 


In  summary,  the  supersonic  flow  is  decelerated  into 
subsonic  through  recirculation  regions  in  the  subsonic  combustor. 
By  reducing  hp,  the  separated  flow  is  extended  and  pushed 


upstream,  till  it  reaches  the  inlet  section.  Then,  subsonic  flow  is 
formed  and  contact  surface  is  raised.  In  some  cases,  the  contact 
surface  covers  the  subsonic  combustor  entrance,  and  it  is 
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distorted  seriously.  In  Fig.8,  If  hp  is  larger  than  its  critical  value,  flow  in  supersonic 

Fig. 8  gives  the  distribution  of  pressure  contours.  As  hp  is  combustor  and  inlet  section  is  almost  unaffected  by  varying  hp. 

reduced,  it  is  obvious  that  the  pressure  waves  in  the  subsonic  But  if  hp  is  less  than  its  critical  value,  flow  in  supersonic 

combustor  becomes  more  complicated,  and  the  oblique  shock  in  combustor  is  affected  and  the  entire  subsonic  combustor  is 

aft  nozzle  becomes  stronger.  In  Fig.8(c),  the  subsonic  duct  is  congested.  For  different  hp,  the  flow  states  can  be  summarized  in 

congested,  and  inflow  of  the  supersonic  duct  is  seriously  affected.  Table  1. 


(a)  hp=14.00mm 


(b)  hp=  10.00mm 


(c)  hp=5.93mm 

Fig.8  Pressure  contours  with  different  hp 


Table  1  Flow  states  for  different  h. 


hn(mm) 

14 

10 

5.95 

subsonic 

combustor 

supersonic 

dominated 

subsonic  and 
supersonic 
occupied 
equally 

fully 

subsonic 

combustors 

entrance 

unaffected 

unaffected 

congested 

3.  5  Rotation  of  splitter 


presents  the  velocity  field.  In  Fig.9(a),  a  recirculation  region  is 
formed  near  the  sharp  point  of  splitter.  It  is  obvious  that  the 
integrated  duct  is  congested.  The  contact  surface  is  raised  and 
distorted.  The  inverse  subsonic  flow  appears  in  the  region 
between  contact  surface  and  the  lower  wall  surface.  The  flow  in 
subsonic  combustor  is  completely  subsonic  and  an  overflow  is 
also  demonstrated.  Fig.9(b)  gives  the  distribution  of  pressure 
contours.  The  pressure  contours  become  disordered,  especially  at 
the  subsonic  combustor  and  isolator  section  because  of  the 
interactions  between  shock  waves  and  separated  flow.  In  the 
supersonic  combustor,  it  is  clear  that  flow  is  still  supersonic  but 
inflow  is  affected  greatly. 


When  the  splitter  is  rotated  3  degree  clockwise,  Fig.9 


(b)  pressure  contours 

Fig.9  Pressure  contours  and  velocity  field  with  splitter  rotation 


Fig.  10  Velocity  field  with  splitter  shifted  upwards 
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3.  6  Vertical  translation  of  splitter 

In  this  subsection,  the  splitter  is  translated  12mm  upwards 
but  hp  keeps  unchanged.  Fig.  10  gives  the  velocity  field  at 
scramjet  inlet.  In  Fig.  10,  several  large  separated  zones  are  formed 
in  the  duct,  and  contact  surface  is  distorted  seriously.  The  results 
indicate  that  flow  in  subsonic  combustor  is  completely  subsonic 
and  gas  Mach  number  is  rather  low,  but  flow  in  the  supersonic 
combustor  is  still  supersonic.  The  entire  duct  is  congested  greatly 
and  no  obvious  shock  wave  appears.  Flow  conditions  in  subsonic 
combustor  and  isolator  are  summarized  as  in  table  2. 


Table  2  Flow  conditions  at  different  splitter  positions. 


splitter  position 

translated  12mm 
upwards 

rotated  3  deg 
clockwise 

subsonic 

combustor 

fully  subsonic 

subsonic 

dominated 

combustors 

entrance 

congested 

congested 

seriously 
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4.  CONCLUSION 

1.  Numerical  simulations  and  experimental  studies  were 
conducted  on  cold  flow  field  of  a  dual-combustor  scramjet. 
Several  geometrical  parameters  were  investigated  in  this 
paper.  For  typical  experimental  conditions,  the  computed 
shocks  are  in  agreement  with  those  in  schlieren 
photographs. 

2.  Compression,  expansion  waves  and  weak  shock  waves 
appear  in  scramjet  inlet.  The  results  indicate  that  the  inlet 
design  is  successful  because  total  pressure  loss  is  small 
while  flow  is  deflected.  Close  to  the  lower  wall,  a  contact 
surface  is  evolved  from  recirculation  zone  till  it  reaches  the 
subsonic  combustor  entrance.  Flow  is  supersonic  at  both 
sides  of  the  contact  surface.  The  flow  in  aft-nozzle  and  in 
supersonic  combustor  is  less  complicated  than  that  in 
subsonic  combustor. 

3.  If  the  splitter  is  positioned  constantly,  by  reducing  hp,  the 
supersonic  flow  region  is  decreased  but  subsonic  flow 
increased.  The  separated  flow  is  pushed  upstream.  The 
supersonic  flow  is  decelerated  into  subsonic  by  going 
through  recirculation  zones. 

4.  The  mechanism  of  scramjet  congestion  was  investigated  in 
this  paper.  If  the  inflow  keeps  unchanged.  By  decreasing  hp, 
translating  splitter  upwards  and  rotating  splitter  clockwise, 
correspond  to  increasing  mass  flow  rate  of  the  subsonic 
combustor.  Then,  the  recirculation  region  is  pushed 
upstream  and  goes  into  the  inlet  section  along  the  lower 
wall.  The  contact  surface  is  raised,  and  covers  the  subsonic 
combustor  entrance.  In  some  cases,  the  contact  surface  is 
distorted  seriously  and  boundary  layer  is  separated.  Then, 
an  overflow  appears  and  flow  in  the  integrated  duct  is 
congested. 
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ABSTRACT 

Aerodynamic  coefficients  of  the  NAL  experimental  airplane 
piggybacked  on  a  solid  rocket  booster  in  ascent  are  numerically 
evaluated  by  solving  the  Euler  equations  on  unstructured 
tetrahedral  grids.  The  airplane  and  the  rocket  booster  have 
various  small  parts  on  them,  such  as  a  Pitot  tube  on  the  airplane, 
pipe  covers  and  connecting  fringes  on  the  rocket  booster.  The 
effect  of  these  small  parts  on  the  aerodynamic  coefficients  of 
the  piggyback  configuration  during  the  transonic  to  supersonic 
accent  fright  is  investigated  in  detail.  The  computed  results 
show  good  agreements  with  wind  tunnel  results  in  lift  and  drag 
coefficients  for  the  supersonic  flow  regime.  In  the  transonic 
regime,  it  is  shown  that  the  small  parts  attached  on  the  rocket 
booster  generate  shock  waves  on  the  lower  surface  of  the 
airplane,  resulting  significant  changes  in  the  pressure 
distribution  on  the  wing.  The  results  indicate  that  the  detail 
representation  of  the  original  geometry  is  very  important  for 
accurate  evaluation  of  the  transonic  lift  coefficients.  A 
combination  of  CAD-based  modeling  and  the  efficient  surface 
meshing  scheme  allows  the  quick  modification  of  the 
configurations  to  identify  the  effects  of  each  small  component. 

1.  INTRODUCTION 

The  CAD  outputs  of  an  experimental  supersonic  airplane  and 
a  rocket  booster  are  shown  in  Fig.  1 .  The  fuselage  length  of  the 
airplane  is  11.5  m,  and  the  span  is  4.718  m.  The  models  were 
defined  by  CATIA  at  the  National  Aerospace  Laboratory  of 
Japan.  Detailed  parts,  such  as  a  Pitot  tube  on  the  airplane,  pipe 
covers  and  connecting  fringes  on  the  rocket  booster,  are 
represented  exactly  in  the  CAD  models,  as  shown  Fig.  1.  In 
order  to  compute  flows  around  such  a  complex  configuration,  a 
seamless  procedure  from  the  CAD  output  to  the  surface 
meshing  is  required  for  the  precise  surface  reconstruction  of  the 
original  CAD-defined  model  in  the  computational  space.  Here 
the  CATIA  is  used  to  build  the  models  and  to  modify  them  in 
order  them  to  fit  to  the  CFD.  The  CAD  is  also  used  to  remove 
some  small  parts  on  the  rocket  booster  for  the  investigation  of 
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their  effect  to  the  aerodynamic  coefficients. 

The  experimental  airplane  and  the  rocket  booster  were 
defined  independently  by  CAD.  Then,  they  were  superposed  as 
shown  in  Fig.  1.  Before  the  output,  two  regions  of  the 
configuration  were  modified  on  CATIA;  1)  static  pressure  holes 
in  Pitot  tube  ahead  of  airplane,  2)  very  little  gaps  at  the 
connecting  fringes  between  the  airplane  and  the  rocket  booster. 
These  holes  and  gaps  sometimes  cause  difficulties  in  generating 
the  grids  and  in  the  flow  computations.  Since  they  are  so  small 
that  their  influence  on  the  flow  field  will  be  negligible. 

To  generate  a  surface  grid,  the  stereolithography  (STL)  data 
was  generated  by  CATIA.  The  STL  data  format  is  designed  for 
the  rapid  prototyping  and  represents  a  surface  via  a  set  of 
triangular  faces.  This  file  contains  only  pure  geometric 
information  of  the  model  so  that  it  is  easily  manipulated. 
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The  Edge  Editor,  a  surface  meshing  software  developed  at 
Tohoku  University  [2],  was  used  to  generate  the  surface  grid 
with  STL  data  of  NAL  experimental  airplane.  The  flowchart  of 
the  surface  grid  generation  procedure  is  shown  in  Fig.  2.  After 
reading  the  geometry  data,  some  pre-processing  is  performed 
before  the  surface  meshing.  This  procedure  constructs 
information  of  geometrical  feature  lines  as  shown  in  Fig.  3  as 
well  as  a  background  grid  for  surface  meshing.  Then,  using  the 
feature  lines  as  the  initial  fronts,  the  advancing  front  algorithm 
is  applied  to  the  background  grid.  For  the  volume  grid 
generation,  the  method  also  generates  outer  and  symmetrical 
boundary  grids  as  well.  The  volume  grid  is  generated  by 
Delaunay  tetrahedral  meshing  [3].  Finally,  this  volume  grid 
contained  658,532  node  points  and  3,570,327  tetrahedral 
elements. 


Fig.  2  Flowchart  of  surface  grid  generation 


Fig.  3  Reconstruction  of  geometric  features 


2.  RESULT 

The  Euler  equations  were  calculated  using  the  unstructured 
grid  solver  [4].  The  computed  pressure  distribution  of  this 
airplane  with  the  rocket  booster  as  well  as  the  pressure  contours 
on  symmetrical  boundary  is  shown  in  Fig.  4.  The  free  stream 


Mach  number  is  1.05  and  an  angle  of  attack  is  zero.  Computed 
pressure  distribution  at  M«,=2.0  are  shown  in  Fig.  5.  The  Pitot 
tube  ahead  of  the  experimental  airplane  and  the  connecting 
fringes  between  airplane  and  rocket  booster  create  shock  waves. 
These  shock  waves  influence  on  the  pressure  distributions  on 
the  airplane  body  and  the  rocket  booster.  The  shock  wave  that 
generated  at  the  node  of  booster  reflects  on  the  lower  surface  of 
the  airplane. 


Fig.  4  Computed  pressure  contours  at  Af«,=  1.05 


Fig.  5  Computed  pressure  distribution  at  Afoo=2.0 


In  Fig.  6,  the  computed  lift  coefficients  (CL)  are  compared 
with  the  result  of  wind  tunnel  tests,  obtained  at  the  National 
Aerospace  Laboratory  of  Japan.  At  Mach  number  0.9  and  1.05, 
there  are  about  10%  differences  between  the  experimental  and 
the  computed  results.  This  discrepancy  is  mainly  due  to  the 
inability  of  the  Euler  computation  for  the  shock-boundary  layer 
interactions.  The  Navier-Stokes  computation  is  necessary  for 
the  transonic  regime.  In  the  supersonic  regime,  the  differences 
between  the  experiment  and  computation  are  less  than  6%.  The 
computed  results  show  good  agreements  with  wind  tunnel 
results  even  with  the  inviscid  flow  assumptions.  To  check  the 
grid  dependency,  the  result  obtained  by  a  fine  grid,  which 
contains  1,016,074  node  points,  was  also  shown  in  the  figure. 
There  is  not  much  difference  between  two  grids,  one  contains 
0.66  millions  nodes  and  another  has  1.02  millions  nodes  so  that 
the  grid  of  0.66  million  nodes  is  mostly  fine  enough  to 
accurately  simulate  this  flow  field. 
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Fig.  6  Lift  coefficients  of  wind  tunnel  test  and  CFD 

In  order  to  investigate  the  influences  of  the  Pitot  tube  and  the 
connecting  fringes,  a  clean  configuration  where  the  small 
components  were  removed  was  prepared  by  CAD.  The 
computed  pressure  contours  of  the  clean  configuration, 
corresponding  to  Fig.  4  of  the  fully  detailed  configuration,  are 
shown  in  Fig.  7.  The  free  stream  Mach  number  is  1 .05  and  an 
angle  of  attack  is  zero.  By  comparing  the  computed  pressure 
contours  of  Fig.  7  for  the  clean  configuration  with  those  shown 
in  Fig.  4  for  the  detailed  configuration,  it  is  apparent  that  the 
shock  wave  formations  are  quite  different  in  two  results. 


Fig.  7  Computed  pressure  contours  of  smooth 
configuration  at  M^l.OS^Odeg 


The  lift  coefficients  (CL)  and  the  drag  coefficients  (CD)  of  the 
clean  configuration  were  also  compared  with  the  detail 
configuration,  as  shown  in  Fig.  8  and  Fig.  9.  The  difference  of 
the  lift  coefficients  between  two  results  is  about  50%  in  the 
transonic  flow  regime.  Although  the  removed  parts  in  the  clean 
configuration  are  very  small  compared  with  the  fuselages  and 
the  wings,  but  its  effects  on  the  lift  coefficient  is  quite  large. 
This  reason  is  that  a  shock  wave  is  generated  upstream  of  rear 
connecting  fringe  and  it  significantly  alters  the  pressure 
distribution  on  lower  surface  of  main  wing.  Actually,  Fig.  10 
clearly  shows  a  shock  wave  at  lower  surface  of  the  main  wing 
of  the  detail  configuration.  Pressure  coefficient  distributions 
which  compares  the  detail  configuration  with  the  clean  one 
around  the  main  wing  at  section  ®  and  ®  are  shown  in 
Fig.  11.  Pressure  distribution  is  substantially  changed  by  the 
shock  wave  occurred  at  the  lower  surface  by  the  projections. 
This  causes  great  difference  of  CL  in  Fig.  8. 


Mach  number 


Fig.  8  Lift  coefficient  both  detail  and  clean  configurations 
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Mach  number 

Fig.  9  Drag  coefficient  both  detail  and  clean 
configurations 


(a)  Detail  configuration 


(b)  Clean  configuration 

Fig.  10  Pressure  contours  on  lower  surface  of 
experimental  airplane  and  upper  surface  of  booster  at 


1.05 
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(b)  Section© 

Fig.  11  Cp  distribution  at  main  wing  at  M^l.05 
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3.  CONCLUSION 

Aerodynamic  coefficients  of  the  NAL  experimental  airplane 
piggybacked  on  a  solid  rocket  booster  in  ascent  were 
numerically  evaluated  by  solving  the  Euler  equations,  and 
compared  with  the  wind  tunnel  results.  The  configuration  was 
defined  by  CATIA,  and  the  surface  grid  was  generated 
directory  on  the  CATIA  defined  surface  using  the  STL  output. 
The  computed  results  show  good  agreements  with  wind  tunnel 
results  in  lift  and  drag  coefficients  for  the  supersonic  flow 
regime.  The  clean  configuration,  where  small  attachments  were 
removed,  was  also  calculated  to  investigate  the  effects  of  those 
small  parts  on  the  aerodynamic  performance.  The  computed 
results  showed  significant  change  in  the  transonic  lift 
coefficients.  Small  parts  attached  at  the  rocket  booster  generate 
shock  waves  on  the  lower  surface  of  the  airplane,  resulting 
significant  changes  in  pressure  distribution  on  the  wing.  A 
combination  of  CAD-based  modeling  and  the  efficient  surface 
meshing  scheme  allows  the  quick  modification  of  the 
configurations  to  identify  the  effects  of  each  small  components. 
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ABSTRACT 

This  paper  presents  the  process  of  target  pressure 
specification  for  airfoil  design  with  utilizing  the  Takanashi 
inverse  design  method  The  target  pressure  distribution  is 
constructed  by  using  an  empirical  estimation  approach.  It  is 
done  automatically  based  on  geometrical  and  flow  constraint.  To 
obtain  better  results  in  achieving  the  constraints,  the  target 
pressure  distribution  is  modified  iteratively  during  the  design 
cycle. 

The  combination  of  the  automated  target  pressure 
specification  and  Takanashi’s  inverse  design  method  works 
successfully  to  design  a  thick  airfoil  in  transonic  flow. 

1.  Introduction 

The  problem  of  airfoil  design  has  been  existed  since  man 
started  thinking  about  ‘flying’  until  the  present  time.  The  design 
starts  with  required  aerodynamic  performances  such  as  lift, 
drag  and  pitching  moment  at  a  certain  flow  condition.  The 
airfoil  design  problem  is  solved  by  applying  the  direct  method  or 
the  inverse  method.  In  the  direct  method  the  airfoil  design 
engineer  work  directly  on  the  airfoil  geometry.  The  geometry  is 
modified  and  calculated  and/or  tested  to  obtain  the 
aerodynamics  performance.  The  process  is  repeated  until  the 
desired  results  are  obtained. 

Inverse  design  method  has  been  used  widely  in  many 
different  areas.  One  area  that  extensively  utilizes  the  inverse 
design  method  is  the  airfoil  design.  Several  inverse  design 
methods  are  available.  The  main  problem  of  utilizing  the 
inverse  design  method  to  design  an  airfoil  is  the  construction  of 
the  target  pressure  distribution.  Not  only  the  target  pressure 
should  be  achievable  but  the  target  should  also  include  some 
geometric  constraint  such  as  thickness  and  leading  edge  radius. 

In  the  inverse  approach  the  solution  process  begins  with 
designing  a  target  pressure  distribution  based  on  the  required 
aerodynamic  performances.  Figure  1  shows  the  general 
illustration  of  the  inverse  design  process.  One  of  the  existing 
inverse  algorithms  is  developed  by  Takanashi  [l],  which  uses 
integrated  transonic  small  perturbation  equation  to  find  the 
geometry  correction  corresponding  to  the  difference  between  the 
target  pressure  distribution  and  the  estimated  pressure 
distribution  of  a  given  airfoil.  The  resulting  equation  is  the 
mathematical  model  of  the  relation  between  the  aerodynamic 
geometry  and  pressure  distribution. 

In  general  the  inverse  design  process  consist  of  two 
processes,  which  are  independent  to  each  other.  One  is  the 
analysis  process,  which  consists  of  grid  generation  and  flow 
calculation,  and  the  other  is  the  design  process  itself  The  flow 
simulation  is  the  direct  design  in  essence  and  any  flow 
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simulation  can  be  utilized.  With  this  arrangement  the  existing 
flow  analysis  can  be  utilized.  When  a  new  more  powerful  flow 
analysis  becomes  available  then  only  the  flow  analysis  part 
needs  to  be  upgraded.  It  is  also  possibility  to  utilize  wind  tunnel 
as  the  flow  analysis.  The  design  part  consists  of  the  solution  of 
the  inverse  problem  and  the  smoothing  algorithms  as  required. 

The  pressure  difference  between  the  initial  and  the  target 
forms  an  input  of  the  inversely  formulated  transonic  small 
perturbation  equation.  The  solution  of  the  equation  provides  the 
geometry  correction  riz  ,  which  is  used  to  modify  the  initial 
geometry  to  form  a  new  geometry.  The  flow  solution  of  the  new 
shape  may  be  obtained  by  applying  the  NavierStokes  equations. 
If  the  design  requirements  are  not  satisfied,  the  design  cycle  is 
repeated  with  the  new  geometry  as  the  new  initial  geometry. 
The  process  is  repeated  until  the  pressure  different  is  converged 
to  certain  criteria. 


Figure  1.  Schematic  diagram  of  the  inverse  design  process 


The  most  common  problem  of  utilizing  the  inverse  design 
method  as  a  design  tool  is  the  specification  of  the  target 
pressure.  The  generation  of  the  target  pressure  distribution  is 
based  on  the  required  aerodynamic  performance.  However 
other  discipline  in  aircraft  design  may  pose  additional 
requirements  that  are  usually  translated  into  geometry 
constraints  such  as  the  maximum  thickness  or  local  thickness. 

In  this  paper  the  constrained  target  pressure  specification 
described  in  reference  [2]  is  applied  to  Takanashi’s  inverse 
design.  Only  for  the  maximum  thickness  is  considered  here.  An 
airfoil  of  18%  thickness  to  chord  will  be  designed  by  using  this 
technique.  Such  thick  airfoil  is  needed  in  Blended  Wing  Body 
(BWB)  airplane  design.  The  BWB  configuration  requires  thick 
airfoil  in  the  inboard  wing  where  the  passenger’s  cabin  is 
located. 
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2.  Target  pressure  generation 


(3) 


The  target  pressure  can  be  generated  to  realize  the 
required  aerodynamic  performance  such  as  lift,  drag  and 
pitching  moment.  Here  the  lift  and  pitching  moment  coefficient 
can  be  estimated  by  simply  integrating  the  pressure 
distribution.  On  other  hand  drag  cannot  be  estimated  precisely 
by  a  direct  integration  of  the  pressure  distribution.  At  the 
present  time  only  wave  drag  will  be  considered  and  it  will  be 
discussed  briefly  later  in  this  section.  The  requirements  from 
other  discipline  are  usually  converted  into  thickness 
requirements.  An  example  is  a  thickness  requirement  for 
structural  strength  or  a  space  requirement  to  carry  enough  fuel. 

To  translate  the  geometric  constraint  into  pressure 
distribution,  a  method  has  been  developed  by  Campbell  [2].  To 
manipulate  the  pressure  distribution  during  the  design  process, 
the  pressure  distribution  is  divided  into  several  regions  bounded 
by  several  control  points.  The  location  of  the  control  points  and 
their  pressure  levels  are  obtained  by  using  two  approaches, 
empirical  estimation  approach  and  control  point  fitting 
approach .  To  obtain  better  results  in  achieving  the  constraints, 
the  target  pressure  distribution  is  modified  iteratively  during 
the  design  cycle. 

Empirical  Estimation  Approach 


(^>1  \pper  ~~  Cp,o  (CL  +  ) 


0.015 


When  the  control  point  locations  of  the  lower  and  upper  surface 
do  not  coincide,  a  straight  line  is  used  to  connect  those  two 
points. 

Point  2  and  3 


The  chordwise  locations  of  point  2  are  used  to  achieve  the 
required  leading  edge  radius  constraints.  The  initial  locations 
are  defined  by  the  following  equations- 


=°-5;/c 

(X2  )lowir  =  (X2  Xpper  ~0'02 


(4) 

(5) 


For  the  same  pressure  level,  blunter  airfoil  can  be  achieved  by 
shifting  the  control  point  farther  forward. 

The  initial  level  pressure  of  point  2  and  3  are  obtained  based  on 
lift  and  thickness  requirement 


Cp2  or  Cp,3  -  Cp,t  — 


pj 


(6) 


The  empirical  estimation  approach  is  used  to  design  the 
initial  target  pressure  distribution  based  on  empirically  derived 
equations  with  a  global  flow  condition  and  geometric  constraints 
as  independent  variables.  Here  the  pressure  distribution  on 
each  surface  is  divided  in  several  region  bounded  by  seven 
control  points  as  shown  in  figure  2.  The  detail  pressure 
distribution  between  the  control  points  can  be  generated  by 
analytical  function.  To  reduce  any  slope  discontinuity  the 
pressure  distribution  near  the  control  points  are  smoothed. 


where  C  ,  is  the  contribution  from  a  thickness  requirement 
given  by  • 

At/c  ,  where  A  is  set  to  -3.3  (7) 

and  the  contribution  from  a  lift  requirement  Cpl  is  given  by: 


Figure  2.  Control  points  to  be  used  to  generate  target  pressure 

The  method  to  estimate  the  location  of  the  control  points  is 
summarized  below. 

Point  1 


(x,)w=0.0l(Ci  +  4C„X/l-^ 

(i) 

(CJw=C,*“1  +  0-27M» 

(2) 

(*>  L,.=° 

Cpi  =  -0.5ct 

In  equation  (6),  the  positive  and  negative  sign  are  used  for 
upper  and  lower  surface  respectively. 

The  third  control  point  on  each  surface  initially  is  located  at 
afO.4.  However  when  shock  is  presence  this  point  is  moved  to 

=M;  (9) 

The  pressure  coefficient  at  point  3  is  obtained  based  on  drag 
constraint,  which  is  the  wave  drag.  The  wave  drag  can  be 
estimated  by  using  the  relation 

cd,.  =  4(K-04  (10) 

where  the  coefficient  Ai  is  given  by  : 

,  0.04 

1  =  ('M15 

Based  on  the  wave  drag  constraint,  the  maximum 
allowable  shock  Mach  number  CM)  can  be  determined  by  using 
equation  (10)  and  then  it  is  converted  to  the  minimum  allowable 
pressure  coefficient  imposed  at  point  3. 

Point  4  and  5 

For  a  subcritical  flow  point  4  is  coincident  with  point  3.  For 
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supercritical  flow  the  pressure  coefficient  is  computed  by  using 
RanMne-Hugoniot  equation.  Base  on  the  observation  of  of  the 
results  of  the  NavierStokes  solver  [3]  used  in  this  study,  the 
chordwise  location  of  point  4  is  set  at 

x4  =  1.045M* 

The  chordwise  location  of  point  5  is  located  at  0.01c  aft  of 
point  4.  The  pressure  coefficient  is  computed  using  equation  (6) 
with  the  restriction  that  the  value  cannot  be  more  negative  than 
the  sonic  pressure  coefficient. 

Point  6  and  7 

Control  point  7  is  located  at  the  trailing  edge  with  the 
pressure  coefficient  is  set  at 

CpJ=2t!c 


number.  The  shock  wave  is  considered  to  be  present  when 
dCp  I  dx>  5  hi  region  of  supersonic  flow.  Control  point  5  is  set 

at  *=0.4  or  at  the  analysis  point  past  point  4,  whichever  further 
aft.  Control  point  6  is  located  at  *=0.85. 

The  pressure  coefficients  at  the  control  points  are  initially 
taken  from  the  corresponding  location  of  the  original  pressure 
distribution.  These  values  are  then  moved  to  meet  the 
constraint.  The  estimation  of  the  new  values  uses  the  same 
method  as  in  the  empirical  technique.  The  detail  target 
pressure  is  specified  by  simply  retaining  the  shape  of  the 
original  airfoil  distribution. 

Although  in  most  cases  the  initial  control  points  can  be 
generated  automatically,  in  some  cases  manual  adjustments 
may  still  be  required.  In  addition  the  initial  pressure 
distribution  may  need  to  be  adjusted  before  it  is  used  in  the 
control  point  fitting  approach.  For  example  point  6  of  the  lower 
surface  may  need  to  be  shifted  to  coincide  with  the  maximum 
cove  pressure  on  a  supercritical  airfoil. 


The  control  point  6  are  obtained  with  different  method 
depend  on  the  pitching  moment  requirement.  The  chordwise 
location  for  both  upper  and  lower  surface  are  initially  located  at 
*=0.9.  If  the  required  Cm  is  less  than  -0.1  then  the  upper  surface 
point  is  moved  to  midway  between  point  5  and  point  7.  The 
pressure  coefficient  is  obtained  by  using  equation  (6).  The 
thickness  part  is  given  by  the  relation : 


“  Cp,t  +  ip p.7  Cp  l ) 


where  is  the  average  of  the  locations  of  the  upper  and 
lower  control  points,  Cp  t  is  the  value  from  equation  (7).  The 
lift  component  at  point  6  is  obtained  by  the  following  equation  - 


CpJt6 


-CPJ 


*7~  *6 
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where  Cp  l  is  obtained  from  equation  (8). 

This  target  pressure  distribution  may  not  meet  the  entire 
requirement.  For  example  the  required  pitching  moment 
coefficient  may  not  be  satisfied  since  this  parameter  is  not  used 
to  determine  the  pressure  level.  Furthermore  the  lift  coefficient 
may  not  meet  the  requirement.  In  Such  case  the  pressure  level 
at  point  2  and  6  should  be  adjusted  to  meet  the  constraints. 

Control  Point  Fitting  Approach 

An  alternative  approach  to  generate  the  target  pressure  is 
the  control  point  fitting  approach.  This  method  is  especially 
useful  when  the  objective  is  to  modify  the  existing  airfoil  to  meet 
the  constraint.  In  this  method  the  control  point  position  are 
obtained  based  on  the  pressure  distribution  of  the  original 
airfoil. 

Control  point  1  corresponding  to  the  leading  edge  of  the 
airfoil  or  to  the  stagnation  point  if  it  does  not  occur  at  the 
leading  edge.  Control  point  2  corresponding  to  the  end  of  the 
initial  rapid  acceleration  defined  as  the  point  where 
dCp  /  dx>-10  or  where  *>0.1  whichever  comes  first. 

Control  point  3  and  4  are  arbitrarily  located  at  *=0.3  unless 
shock  is  detected.  When  shock  is  detected  the  location  of  point  3 
is  moved  to  the  beginning  of  adverse  pressure  gradient  and 
point  4  is  moved  to  the  first  point  with  subsonic  local  Mach 


Automated  Target  pressure  specification 

In  order  to  meet  the  constraint  more  closely  during  the 
design  process  the  target  pressure  distribution  is  modified 
based  on  the  intermediate  result  as  suggested  in  reference  2. 
Figure  3  shows  the  schematic  diagram  of  this  process.  The 
pressure  distribution  is  modified  automatically,  for  example 
every  5  design  cycle. 

This  method  modified  the  pressure  level  as  in  the  empirical 
estimation  approach.  The  main  different  is  that  when  modifying 
the  target  pressure,  perturbation  form  of  the  equations  is  used 
instead  of  absolute  relationships  developed  for  target  pressure 
generation.  For  example,  the  relationship  between  maximum 
airfoil  thickness  and  the  average  pressure  level  at  control  point 
given  in  equation  (7)  becomes  • 

4*t/c) 


where  At  I  c  is  the  different  between  the  desired  thickness 
ratio  and  the  current  thickness  ratio. 


Figure  3.  Schematic  inverse  design  process  with  automated 
target  pressure  specification 

3.  Design  Results 
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The  goal  of  this  study  is  to  investigate  the  use  of  the  target 


pressure  specification  method  described  in  above  section  to 
design  a  thick  airfoil.  The  final  target  is  to  design  an  airfoil  with 
thickness  ratio  of  18%.  In  this  paper  two  cases  are  presented, 
the  first  is  the  design  of  a  12%  thickness  airfoil  and  the  second  is 
that  of  18%  thickness  airfoil. 

The  flowfield  solution  is  obtained  by  using  the 
NavierStokes  equations.  The  NavierStokes  equations  were 
solved  using  a  C  type  mesh  contains  161x93  grid  points.  The 
boundary  layer  on  the  airfoil  was  assumed  to  be  fully  turbulent 
and  the  Baldwin-Lomax  turbulence  model  was  used.  The 
NavierStokes  solver  [3]  adopted  the  LU-SGS  method  for  the 
time  integration  and  the  right  hand  side  was  solved  by  3rd 
order  upwind  scheme. 

Case  1 

The  objective  is  to  design  an  airfoil  with  a  maximum 
thickness  ratio  of  12%.  The  aerodynamic  constraints  include  a 
lift  coefficient  of  0.6,  a  pitching  moment  coefficient  greater  than 
-0.15  and  wave  drag  coefficient  less  than  0.0005.  The  flow 
condition  is  at  a  free  stream  Mach  number  of  0.75,  an  angle  of 
attack  at  0  deg.,  and  a  Reynolds  number  of  10xl06. 

The  initial  target  pressure  distribution  is  generated  by 
utilizing  the  empirical  estimation  approach.  After  the  design 
location  of  the  shock  wave  is  captured  during  the  iteration,  the 
control  point  fitting  approach  is  employed.  At  this  stage  the 
target  pressure  is  regenerated  based  on  the  intermediate 
pressure  distribution.  After  the  control  points  are  obtained  then 
the  shape  of  the  pressure  distribution  is  used  to  regenerate  the 
target  pressure  distribution  between  the  control  points. 

From  this  stage  after  every  five  cycle  the  target  pressure  is 
modified  to  obtain  a  closer  match  to  the  constraints.  The  design 
result  is  a  maximum  thickness  ratio  of  12%,  a  lift  coefficient  of 
0.6,  a  total  drag  coefficient  of  0.0127  and  a  pitching  moment 
coefficient  of  -0.1455.  These  results  satisfy  the  specified 
constraints  successfully. 

Figure  4  shows  the  design  result.  The  final  target  pressure 
is  achieved  except  in  the  shock  wave  area. 


Figure  4.  Design  Airfoil  shape  and  corresponding  pressure 
distribution  for  case  1 

Case  2 

The  objective  of  case  2  is  to  design  a  thicker  airfoil.  The 
desired  maximum  thickness  ratio  is  18%  with  aerodynamic 
constraints  include  a  lift  coefficient  of  0.4,  a  pitching  moment 
coefficient  greater  than  -0.11.  The  flow  condition  is  set  at  a  free 
stream  Mach  number  of  0.74,  an  angle  of  attack  at  0  deg.,  and  a 
Reynolds  number  of  10xl06.  NACA  0012  is  used  as  the  initial 
geometry. 


In  this  case  the  initial  target  pressure  distribution  is 
specified  by  utilizing  the  control  point  fitting  approach.  The 
initial  airfoil  is  taken  from  NASA  supercritical  airfoil  [4],  NASA 
SC(2)-0518.  Although  this  airfoil  originally  has  a  blunt  trailing 
edge,  for  the  brevity  the  airfoil  is  modified  to  have  a  sharp 
trailing  edge.  At  the  flow  condition  its  aerodynamic  properties 
are  a  lift  coefficient  of  0.38,  a  total  drag  coefficient  of  0.0191  and 
a  pitching  moment  coefficient  of -0.1134. 

After  the  target  shock  wave  location  is  captured,  the 
process  is  continued  by  utilizing  the  automated  target 
generation.  At  the  final  design,  the  properties  of  design  airfoil 
are  a  lift  coefficient  of  0.401,  a  total  drag  coefficient  of  0.0148 
and  a  pitching  moment  coefficient  of  -0.1089.  The  maximum 
thickness  ratio  is  18%.  These  properties  indeed  meet  with  both 
the  flow  and  geometric  constraints. 

Figure  5  shows  the  design  result.  The  design  airfoil  has 
more  thickness  in  the  aft  portion  and  in  leading  edge  area. 
Although  in  general  the  target  pressure  is  achieved  there  is  still 
small  discrepancy  in  the  shock  area. 


Figure  5.  Designed  Airfoil  shape  and  corresponding  pressure 
distribution  for  case  2 


4.  Conclusion 

The  target  pressure  specification  method  presented  in 
reference  [2]  forms  a  very  useful  tool  both  to  design  an  initial 
target  pressure  and  to  modify  the  existing  one.  The  combination 
of  the  automated  target  pressure  specification  and  Takanashi’s 
inverse  design  method  works  successfully  to  design  a  thick 
airfoil  in  transonic  flow.  The  drawback  of  the  present  approach 
is  the  slow  convergence  in  supercritical  flow.  It  requires  more 
design  iterations  to  capture  the  target  shock  location. 
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ABSTRACT 

This  paper  discusses  the  Vorticity  Confinement  method 
coupled  with  adaptive  grid  refinement  method  around  vortex  core 
on  unstructured  grid.  The  resulting  method  is  applied  to  the 
numerical  simulations  of  a  wing  tip  vortex  around  a  stationary 
NACA0012  wing  to  evaluate  the  capability  of  the  present  method. 
It  has  been  shown  that  the  adaptive  refinement  method  and  the 
vorticity  confinement  can  keep  the  vorticity  away  from  the 
numerical  diffusion.  The  results  obtained  in  this  study  show  the 
possibility  of  accurate  simulations  of  vortical  flows  by  using 
unstructured  grids  and  the  vorticity  confinement  although  the 
method  has  some  problems  about  the  dependency  of  the 
confinement  parameter. 

1.  INTRODUCTION 

Following  recent  development  of  CFD,  demand  for  the 
accurate  numerical  simulations  of  flows  at  off-designed 
conditions  with  separations  and  vortices  is  growing.  Analysis  of 
such  flow  fields  is  very  important  in  engineering.  For  example, 
the  BVI  (Blade- Vortex  Interaction)  problems  and  vibratory 
loading  problems  due  to  vortices  impingement  on  helicopter 
rotor  and  aircraft  fuselages  must  be  solved  for  the  improvement 
of  the  performance  and  safety.  To  deal  with  the  congestion  at 
airports  accompanied  with  the  rapid  growth  of  the  aviation,  the 
strength  of  the  wing-tip  vortices  during  the  take-off  and  landing 
must  be  estimated  precisely. 

However,  the  accuracy  of  CFD  about  the  vortical  flows  is  still 
not  good  enough.  Although  the  grid  near  the  body  surface  is  very 
fine  for  the  resolution  of  the  boundary  layer  in  the  Navier-Stokes 
computations,  the  grid  becomes  rapidly  coarser  as  it  becomes  far 
away  from  the  body  surface.  There,  the  vortices  are  highly 
diffused  due  to  the  discretization.  One  way  to  minimize 
numerical  dissipation  of  the  vortices  is  to  employ  a  highly  dense 
grid.  However,  accurate  numerical  simulations  of  flows  around 
3-D  complex  bodies  with  large-scale  separations  and  vortices  are 
difficult  within  the  realistic  number  of  grid  points.  Instead,  the 
adaptive  grid  method  may  be  a  promising  approach  to  reduce  the 
discretization  error.  We  proposed  an  effective  and  efficient 
adaptive  grid  refinement  method  for  the  improvement  of  grid 
resolution  around  a  vortex  center  using  the  vortex  center 
identification  method.  The  resulting  method  was  applied  to  the 
flows  around  a  delta  wing  and  showed  significant  improvements 
of  resolution  of  the  leading-edge  separation  vortices  [1]. 
However,  further  improvements  will  be  needed  to  model  the 
vortex  rather  than  to  refine  the  grid. 

“Vorticity  Confinement”  has  been  proposed  to  reduce  the 
diffusive  property  of  the  vortical  flow  simulations  [2-4].  In  the 
method,  the  source  term  added  to  the  Navier-Stokes  equations 
works  as  it  convects  the  discretization  error  back  into  the  vortex 
center  and  thus  confine  the  vortex.  The  method  is  applied  to 
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incompressible  flows,  for  example,  flows  around  helicopter 
rotors  with  fuselage,  and  shows  reasonable  improvements  [3]. 
However,  the  method  is  still  needed  to  be  tuned  for  the 
confinement  parameter  at  a  particular  grid.  In  addition,  Vorticity 
Confinement  has  been  used  on  Cartesian  grids  or  structured 
surface  conforming  grids,  not  on  unstructured  grids.  Unstructured 
grids  will  be  more  suitable  for  the  numerical  simulation  around 
3-D  highly  complex  bodies. 

The  objective  of  this  paper  is  to  develop  the  Vorticity 
Confinement  method  coupled  with  the  unstructured  grid  method. 
The  resulting  method  is  applied  to  the  numerical  simulations  of  a 
wing  tip  vortex  around  a  stationary  NACA0012  wing  to  evaluate 
the  capability  of  the  present  method. 


2.  VORTICITY  CONFINEMENT 


The  general  formulation  of  the  Vorticity  Confinement  for 
unsteady  incompressible  flows  can  be  expressed  as  follows  [2]: 

V?  =  0  (I) 

d,q=-(qS7)q  +  v(p/p)+fN2q-es  (2) 

where  q  is  the  velocity  vector,  p  pressure,  p  density.  £  is  a 
numerical  coefficient  which  controls  the  size  of  the  convecting 
vortical  regions.  The  simple  expression  of  the  Confinement  term 
is 


where 


t y  is  the  vorticity  vector. 

Recently,  this  Vorticity  Confinement  method  has  been 
extended  to  compressible  flows.  In  such  attempts,  there  is  a  way 
to  consider  the  Confinement  as  a  body  force  which  may  be  added 
to  the  integral  momentum  equation.  The  rate  of  the  work  done  by 
the  force  is  then  added  to  the  energy  conservation  law  [4].  The 
integral  conservation  laws  for  mass,  momentum  and  energy  with 
Confinement  term  may  be  written  as 


s  =  nxco 

(3) 

n  =  Vn/\Vn\ 

(4) 

co  =  Vxq 

(5) 

H®l 

(6) 

4  [QrfF+  j(F(Q)  -G(Q))  •  ndS  =  [&/F 


(7) 


where  Q  =  [p,pu,pv,pw,e]J  is  the  vector  of  conservative 
variables;  p  is  the  density;  u  ,  v  ,  w  are  the  velocity 
components  in  the  x  ,  y  ,  z  directions;  and  e  is  the  total 
energy.  The  vectors  F(Q)  and  G(Q)  represent  the  in  vise  id 
and  viscous  flux  vectors  and  n  is  the  outward  normal  of  dtl 
which  is  the  boundary  of  the  control  volume  Q  .  S  is  the 
confinement  term  and  can  be  written  as 
7  0 

Ph  ■' 

Ph  J 

Ph'i 

\ 

where  fA  is  a  body  force  per  unit  mass.  Now,  this  body  force 


(8) 


-  773  - 


for  the  Confinement  of  the  compressible  flows  is  defined  as 

ib=-ehxco  (9) 

where  is  a  Confinement  parameter  and  h  is  defined  in  Eq. 

(4) . 

Although  Vorticity  Confinement  is  extended  to  model  a 
boundary  layer,  the  confinement  is  limited  to  the  wake  regions 
here.  The  hybrid  unstructured  grid  comprised  of  tetrahedral, 
prisms,  and  pyramids  generated  by  the  method  described  in  Ref 

[5]  is  used  to  compute  the  boundary  layer  near  the  body  surface 
accurately  and  efficiently  and  the  confinement  is  limited  to  the 
wake  regions.  The  prismatic  semi-structured  grid  is  generated 
around  viscous  boundary  surfaces  and  covers  viscous  regions 
while  the  tetrahedral  grid  covers  the  rest  of  the  computational 
domain.  Pyramid  grid  is  used  for  the  junction  at  prismatic  and 
tetrahedral  grids. 

3.  FLOW  SOLVER 

The  equations  (7)  are  solved  by  a  finite  volume  cell-vertex 
scheme,  where  the  control  volume  at  mesh  /  is  a 
non-overlapped  dual  cell.  With  this  control  volume  boundary,  Eq. 
(7)  can  be  written  in  an  algebraic  form  as  follows, 

ft = -fE as'ji,(QJ ’ Q, )i + s-  (10) 

a  L  j(i)  m 

where  &srj  is  a  segment  area  of  the  control  volume  boundary 
associated  with  the  edge  connecting  points  i  and  j  .  The  term 
h  is  an  inviscid  numerical  flux  vector  normal  to  the  control 
volume  boundary,  and  q±  are  values  on  both  sides  of  the 

control  volume  boundary.  The  subscript  of  summation,  j(i), 
refers  to  all  node  points  connected  to  node  i . 

The  Harten-Lax-van  Leer-Einfeldt-Wada  (HLLEW)  Riemann 
solver  [6]  is  used  for  the  numerical  flux  computations. 
Second-order  spatial  accuracy  is  realized  by  a  liner 
reconstruction  of  the  primitive  variables  q  =  [p,u,v,w,p]T 
inside  the  control  volume,  viz., 

q(*,y,z)  =  q/+4'iVq,(r-ri)  (11) 

where  r  is  a  vector  pointing  to  point  (*,y,z);  and  i  is  the 
node  number.  The  gradients  associated  with  the  control  volume 
centroids  are  volume-averaged  gradients  computed  using  the 
value  in  the  surrounding  grid  cells.  A  limiter,  T  ,  is  used  to  make 
the  scheme  monotone.  Here  Venkatakrishnan’s  limiter  [7]  is  used 
because  of  its  superior  convergence  properties. 

To  compute  viscous  stress  and  the  heat  flux  terms  in  G(Q) , 
spatial  derivatives  of  the  primitive  variables  at  each  control 
volume  face  are  evaluated  directly  at  the  edges. 

A  one-equation  turbulence  model  by  Goldberg-Ramakrishnan 
(G-R)[8]  was  implemented  to  treat  turbulent  flows.  This  model 
does  not  involve  wall  distance  explicitly  so  that  it  is  of  great 
benefit  to  unstructured  grid  method. 

The  lower-upper-symmetric  Gauss-Seidel  (LU-SGS)  implicit 
method,  originally  developed  for  structured  grid  is  applied  in 
order  to  compute  the  high  Reynolds  number  flows  efficiently. 
The  LU-SGS  method  on  unstructured  grid  can  be  derived  by 
splitting  node  points  j(i)  into  two  groups,  j  e  L(i)  ,  and 
j  eU (/)  for  the  first  summation  in  LHS  of  Eq.  (10).  With 
AQ  =  AQn+1  -  AQ” ,  the  final  form  of  the  LU-SGS  method  for 
the  unstructured  grid  becomes  the  following  two  sweeps: 

Forward  sweep: 

AQ*  =  D-'[R,  -0.5  ^ASyiAh)  -  pAAQ))]  (12a) 
yeZ(0 

Backward  sweep: 

AQy  =  AQ*  -  0.5D-1  ]T  ASV  ( Ah  ^  AQ  j )  (12b) 

Jem 


where  Ah  =  h(Q  + AQ)-h(Q) ,  and 

D  =  (^  +  0-5lJ.(0^P,)I.  03) 

(H) 

The  term  D  is  diagonalized  by  the  Jameson-Turkel 
approximation  [9]  of  the  Jacobian  as  A1  =  0.5(A  +  px I) ,  where 
pA  is  a  spectral  radius  of  Jacobian  A  . 

The  lower/upper  splitting  of  Eq.  (12)  for  the  unstructured  grid 
is  done  by  a  grid  reordering  technique  [10]  that  was  developed  to 
improve  the  convergence  and  the  vectorization. 

4.  RESULTS 

The  geometry  used  in  the  present  study  is  a  NACA0012 
rectangular  wing  of  aspect  ratio  of  3.  The  axial  direction 
coincides  with  the  wing  chord  direction.  The  outer  boundary  is  a 
sphere  whose  radius  is  15-root  chord  length.  Solutions  were 
obtained  at  a  freestream  Mach  number,  M^O.12.  The  Reynolds 
number  based  on  the  root  chord  is  0.9x1 06  at  angle  of  attack  of 
10.0°. 

First,  computation  was  performed  on  the  grid  shown  in  Fig.  1. 
The  total  number  of  the  grid  points  is  614,095.  Computed 
vorticity  contours  are  shown  in  Fig.  2.  In  this  case,  the  wing  tip 
vortex  disappeared  rapidly  because  the  grid  away  from  the  body 
surface  becomes  coarser. 

Then  the  grid  shown  in  Fig.  3,  which  has  approximately 
homogeneous  grid  density  in  the  wake  region,  was  constructed 
by  the  division  of  the  original  grid.  The  total  number  of  the  grid 
points  is  701,037.  The  vorticity  contours  obtained  on  this  grid 
was  shown  in  Fig.  4.  Compared  with  the  results  on  the  initial 
coarse  grid,  the  vorticity  remains  in  some  degree.  However,  the 
vortex  is  still  diffused. 


(a)  Wake  region  (b)  Close-up  view 


Fig.  1 .  Computational  grid  at  95%  semi-span  (Coarse  grid) 
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Fig.  2.  Vorticity  contours  at  the  coarse  grid 


Fig.  3.  Computational  grid  at  95%  semi-span  (Fine  grid) 
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Fig.  4.  Vorticity  contours  at  the  fine  grid 

Adaptive  grid  refinement  method  using  the  vortex  center  for 
the  concentration  of  the  grid  points  around  the  vortex  core  to 
decrease  the  diffusion  of  the  vorticity  is  applied  to  the  fine  grid. 
The  grid  is  refined  twice  and  the  resulting  number  of  grid  points 
is  815,262.  The  results  are  shown  in  Figs.  5-7.  The  results  show 
the  improvement  about  the  vorticity  magnitude  by  the  adaptive 
grid  refinement.  More  grid  refinement  may  improve  the  results, 
but  from  the  limitation  of  the  computational  resources,  the 
physical  model  to  keep  the  vortices  from  diffusion  may  be 
required. 


Fig.  6.  Vorticity  contours  at  the  adaptive  grid  refined  twice 


Distance  From  Trailing  Edge 

Fig.  7.  The  variation  of  the  maximum  vorticity  magnitude 
around  vortex  center 


Fig.  8.  The  vorticity  contours  with  vorticity  confinement  on  the 
coarse  grid  are  shown  in  Fig.  9.  In  the  case  of  the  coarse  grid,  the 
wing  tip  vortex  highly  diffused  in  spite  of  the  vorticity 
confinement  although  a  minor  improvement  can  be  seen  over  the 
initial  result.  While,  the  results  on  fine  grid  shown  in  Fig.  10 
show  more  improvement  although  the  overall  level  of  the 
vorticity  magnitude  is  still  low.  However,  larger  values  of  the 
confinement  parameter  £  lead  to  extra  effects  as  shown  in  Fig. 
10.  Then  the  results  on  the  adapted  grid  refined  twice  are  shown 
in  Fig.  11.  It  is  apparent  that  the  vorticity  was  confined  and  the 
method  successfully  decreased  the  numerical  diffusion  of  the 
vorticity  by  the  coupling  of  the  adaptive  grid  refinement  method 
and  the  vorticity  confinement.  The  vorticity  contours  on  a  cut 
view  at  x/c=5  are  shown  in  Fig.  12.  In  these  figures,  it  can  be 
seen  that  the  vortex  core  position  is  not  affected  by  the 
confinement  and  the  vorticity  is  concentrated  to  the  vortex  core. 
However,  the  effect  highly  depends  on  the  value  of  the 
confinement  constant  coefficient,  £  and  grid  density.  Moderate 
£  improves  the  results,  while  the  large  £  works  extra 
correction.  From  these  results,  it  can  be  seen  that  optimal  £ 
which  is  different  by  the  place  and  grid  may  be  required. 


Distance  From  Trailing  Edge 


(a)  Coarse  grid 


Distance  From  Trailing  Edge 


(b)  Fine  grid 

1  4  . .  . . 


Distance  From  Trailing  Edge 


(c)  Adapted  grid  refined  twice 

Fig.  8.  The  variation  of  the  maximum  vorticity  magnitude  around 
vortex  center  with  vorticity  confinement 
(EPS  :  vorticity  confinement  parameter  £ ) 


Finally,  the  results  using  vorticity  confinement  are  shown  in 
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0.000 


£■=0.1 


Fig.  9.  Vorticity  contours  at  the  coarse  grid  with  vorticity 
confinement 


(a)  £=0.01 


(a)  Without  confinement  (b)  With  confinement  £=0.02 
Fig.  12.  Vorticity  contours  in  the  cross  flow  plane  at  x/c=5.0  of 
the  adaptive  grid  refined  twice 


5.  CONCLUSION 

The  Vorticity  Confinement  method  coupled  with  adaptive  grid 
refinement  method  around  vortex  core  was  applied  to  the 
numerical  simulations  of  the  wing  tip  vortices  on  the 
unstructured  grid.  It  has  been  shown  that  the  adaptive  refinement 
method  and  the  vorticity  confinement  can  keep  the  vorticity  away 
from  the  numerical  diffusion.  The  results  obtained  in  this  study 
show  the  possibility  of  accurate  simulations  of  vortical  flows  by 
using  unstructured  grids  and  the  vorticity  confinement.  However, 
the  results  highly  depend  on  the  value  of  the  confinement 
constant  coefficient,  £.  Further  study  will  be  needed  for  the 
vortex  confinement. 


(b)  £=0.05 

Fig.  10.  Vorticity  contours  at  the  fine  grid  with  vorticity 
confinement 


£=0.02 


Fig.  11.  Vorticity  contours  at  the  adaptive  grid  refined  twice  with 
vorticity  confinement 
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ABSTRACT 

Experimental  investigations  on  the  vortical  flows  past 
spin-stabilized  cambered  flying  disks  are  carried  out  in 
a  low-speed  wind  tunnel.  Using  flow  visualization  tech¬ 
niques,  detailed  flow  characteristics  depicting  the  trail¬ 
ing  vortices,  boundary  layer  separation  and  wake  struc¬ 
ture  are  obtained.  Effects  of  disk  geometry,  attack  angle 
and  disk  rotation  on  trailing  vortices  are  studied.  Re¬ 
sults  indicate  that  the  effect  of  rotation  on  the  vortex 
wake  is  negligible  at  high  angles  of  attack,  but  the  effect 
of  the  rotation  and  disk  geometry  can  be  observed  as  a 
downwash  enhancement  at  low  lifting  condition.  In  par¬ 
ticular,  the  rotation  influences  boundary  layer  transition 
and  separation  on  smooth  upper  surface.  Trailing  vor¬ 
tex  formation  and  wake  unsteadiness  are  found  to  de¬ 
pend  on  the  edge  and  other  cross  sectional  geometry. 

1.  INTRODUCTION 

A  disk  flying  at  a  moderate  angle  of  attack  may  be 
regarded  as  a  conventional  wing  with  a  small  aspect  ra¬ 
tio.  While  its  lift  slope  is  lower  than  with  a  higher  as¬ 
pect  ratio  wing,  a  disk-wing  can  produce  a  monotoni- 
cally  increasing  lift  coefficient  at  extremely  high  angle 
of  attack.  An  aircraft  with  a  circular  wing  was  devel¬ 
oped  in  the  past,  as  in  the  XF5U  or  more  recently  for 
“Micro  Air  Vehicles.”  However,  not  enough  informa¬ 
tion  is  available  as  to  the  boundary  layer  behavior,  wake 
structure  or  trailing- vortex  formation  process. 

Other  applications  of  a  flying  disk  are  related  to  sports 
aerodynamics  and  are  accompanied  by  spin  stabiliza¬ 
tion.  Ganslen1  obtained  lift  and  drag  coefficients  for  the 
discus.  Soong2  and  Frohlich3  analyzed  the  flight  trajec¬ 
tories  by  integrating  the  translational  and  rotational  equa¬ 
tions  of  motions  with  given  aerodynamic  data  on  the  lift 
and  drag. 

Cambered  disks  have  been  popular  as  a  commercial 
product.  There  have  been  some  smoke  flow  visualiza¬ 
tion  studies  at  low  speeds45  and  force  measurements6 
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on  a  recreational  flying  disk.  While  the  lift  measure¬ 
ments  did  not  show  clear  effect  of  the  disk  rotation,  the 
low  speed  smoke  visualization  indicated  asymmetric  tip 
vortices  with  disk  rotation.  Present  authors  have  initi¬ 
ated  experimental  work  to  survey  the  flowfield  over  and 
behind  the  flying  disk.  In  their  previous  work  recently 
presented7,  it  is  shown  that  the  rotation  suppresses  trail¬ 
ing  boundary  layer  separation  over  a  disk  model  at  low 
angles  of  attack,  by  keeping  laminar  boundary  layer  on 
receding  side  and  triggering  early  transition  on  advanc¬ 
ing  side,  and  both  flows  lead  to  increasing  downwash. 
In  this  study,  a  more  detailed  investigation  on  the  flow 
field,  particularly  focusing  on  effect  of  various  disk  ge¬ 
ometries,  is  carried  out.  Our  goal  is  to  clarify  the  mecha¬ 
nism  of  lift  generation  and  formation  of  the  trailing  vor¬ 
tices  from  spinning  surface  as  well  as  the  resultant  curved 
trajectory  of  rotating  flying  disk  from  a  point  of  view  of 
flight  dynamics.  The  present  study  may  help  provide 
interpretation  regarding  this  commonly  seen  flying  ob¬ 
ject.  Furthermore,  this  basic  study  aims  to  provide  in¬ 
sight  into  possible  engineering  applications  to  practical 
flight  vehicles. 

2.  EXPERIMENT 

Commercially  available  flying  disks  and  a  flat  disk 
were  used  in  the  experiment.  The  cross  sections  of  the 
models  are  shown  in  Fig.  1.  Unlike  a  discus  used  for 
athletic  competitions,  these  recreational  disks  are  cam¬ 
bered  with  a  rim  for  finger  grip.  The  diameter  of  the 
disks,  free  stream  velocity  and  Reynolds  numbers  based 
on  the  diameter  are  also  indicated.  The  flat  disk  model 
used  for  comparison  (Fig.  5(e))  is  5  mm  thick  and  the 
edge  is  rounded  with  2.5  mm  radius. 

The  models  are  mounted  at  the  center  on  a  thin  rod. 
A  DC  motor  at  the  base  provides  the  desired  rotational 
speed  in  either  direction.  The  non-dimensional  rotation 
speed  Q  is  the  ratio  of  the  edge  velocity  normalized  by 
the  free  stream  velocity.  Clockwise  rotation  viewed  from 
the  top  is  defined  as  the  positive  Q.  The  open  test  sec¬ 
tions  are  used  where  the  width  of  the  octagonal  nozzle 
exit  measures  0.81  m.  Most  of  the  measurements  are 
made  with  the  free  stream  velocity  8  m/s.  The  nominal 
test  speed  and  disk  angle  of  attack  are  selected  based  on 
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(a)  Model  A  (D=0.210m, ,  Re=l.lxl05) 


< - > 

(b)  Model  B  (D=0.210m,  Re=l.lxl05) 


(c)  Model  C  (D=0.248m,  Re=1.3xl05) 


t > 

(d)  Model  D  (D=0.242m,  Re=1.3xl05) 


(e)  Flat  disk  (D=0.120m,  Re=8.0xl04) 

Fig.  1  Cross  sections  of  the  flying  disks 
(a-d)  U=8.0m/s,  (e)  U=10.0m/s 

throw  tests  and  ease  of  experimentation. 

Flow  visualizations  are  conducted  with  a  smoke  wire 
technique  illuminated  by  a  laser  sheet.  The  flow  mo¬ 
tions  are  recorded  on  a  SONY  TRV-900  3CCD  digital 
camcorder.  Cartesian  coordinate  system  is  employed, 
where  the  origin  is  located  at  the  top  center  of  the  disk 
with  x-axis  in  the  free  stream  direction,  y  and  z  in  the 
vertical  and  z  in  the  transverse  directions,  respectively. 

3.  RESULTS  AND  DISCUSSION 

The  overall  flow  fields  past  models  A,  B  and  C  at  the 
angle  of  attack,  a=15°  and  the  non-dimensional  rota¬ 
tion  speed,  Q=0.8  are  shown  in  Fig.  2  (a),  (b)  and  (c), 
respectively.  Further  results  including  PIV  measure¬ 
ments  on  model  A  have  been  reported  in  detail  in  Ref. 
7.  Smoke  wire  is  placed  horizontally  upstream  of  the 
model.  The  height  of  the  wire  was  adjusted  so  that  smoke 
lines  reach  the  stagnation  point  at  the  leading  edge  in 
each  case  during  the  present  experiment. 

Model  C  has  a  sharp  lip  on  the  upper  surface,  causing 
the  shear  layer  to  separate  over  the  upper  surface.  In 
Fig.  2(c),  smoke  lines  showing  inside  edges  of  vortex 
paths  seem  to  remain  more  in  the  free  stream  direction 
compared  to  those  over  model  A  and  B  (see  Fig.  2(a) 
and  (b).)  In  case  of  model  C,  trailing  vortices  appear  to 
be  less  influenced  by  the  rotating  disk  surface  due  to 
separation  at  the  leading  edge  (see  Fig.  1(c)).  In  Fig. 
2(b),  periodic  structure  in  the  wake,  either  with  shear 
layer  instability  or  vortex  shedding,  can  be  seen  starting 
from  just  behind  of  the  trailing  edge  between  paths  of 
the  trailing  vortices.  The  periodic  structure  behind  this 
model  was  seen  better  with  rotation  rather  than  without 
(not  shown).  This  may  be  due  to  the  more  blunt,  rounded 


(c)  Model  C 


Fig.  2  Top  views,  a=15°,  Q=0.8 


(a)  x/D=1.0  (b)  x/D=5.4 

Fig.  3  Vortex  roll-up  (model  A),  a=15°,  Q=0.8 

trailing  edge.  The  wake  of  the  model  D  was  substan¬ 
tially  more  irregular  than  other  cases.  The  difference  in 
the  wake  appearance  behind  different  models  is  yet  to 
be  clarified.  Furthermore,  one  must  take  into  account 
the  phenomenon  within  the  circular  cavity  on  pressure 
side  or  just  appearance  of  smoke  due  to  small  change  of 
smoke  paths  by  the  rotation  as  observed  in  previous 
work7. 

Figures  3  show  the  rolled-up  vortex  pair  behind 
model  A  at  downstream  stations  (x/D=1.0  and  5.4)  illu¬ 
minated  by  a  laser  sheet  normal  to  the  flow.  Length  scales 
are  taken  arbitrarily  in  the  figures.  A  difference  in  bright¬ 
ness  between  two  vortex  cores  in  Fig.  3(b)  is  caused  by 
small  change  of  smoke  path  due  to  rotation  instead  of 
asymmetry  of  vortex  strength  itself7. 
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(a)  Model  B 


(b)  Model  C 


Fig.  5  Top  view  (model  A),  a=0°,  Q=0.8 


Fig.  4  Vortex  roll-up,  a=15°,  Q=0.8,  x/D=1.0 

Figures  4  show  the  rolled-up  vortex  pair  behind 
models  B  and  C  at  x/D=1.0.  The  trailing  vortices  and 
horizontal  wake  shear  layer  as  well  as  arched  dotted 
smoke  lines  behind  model  C  are  different  from  those 
behind  model  A  (Fig.  3(a))  and  model  B  (Fig.  4(a).)  For 
example,  the  trailing  vortices  are  further  apart,  and  less 
interaction  with  the  wake  shear  layer  is  seen.  The  arched 
smoke  lines  in  Fig.  4(b)  reach  the  shear  layer  almost 
vertically  consistent  with  the  sharp  boundary  between 
trailing  vortices  and  the  flow  behind  the  trailing  edge  in 
Fig.  2(c).  Further  downstream  (not  shown),  difference 
of  vortex  wakes  among  the  models  became  smaller.  (To 
be  exact,  comparison  should  have  been  made  keeping 
the  lift  coefficient  constant,  rather  than  the  geometric 
angles  of  attack.)  No  asymmetry  of  vortex  wake  due  to 
the  rotation  was  recognized  in  the  conditions. 

As  reported  earlier  on  the  model  A7,  the  effect  of  disk 
rotation  at  high  angle  of  attack  is  found  to  be  small  for 
other  models,  and  the  effect  of  modified  boundary  layer 
on  the  trailing  vortices  is  also  expected  to  be  stronger  at 
more  moderate  attack  angle.  Therefore,  the  angle  of  at¬ 
tack  is  set  to  a=0°.  Visualizations  in  earlier  works4,5 
were  also  carried  out  at  a=0°.  Figure  5  shows  a  top 
view  of  model  A  with  a=0°  and  with  rotation.  Com¬ 
parison  with  that  without  rotation  (not  shown)  revealed 
that  the  flow  appears  to  separate  from  the  upper  surface 
near  the  trailing  edge  without  rotation,  but  separation  is 
suppressed  with  rotation.  The  behavior  of  the  bound¬ 
ary  layer  is  further  investigated.  As  seen  in  the  stream- 
wise  cross  section  in  Fig.  6(a),  the  boundary  layer  re¬ 
mains  laminar  without  rotation  and  separates  near  the 
trailing  edge.  On  the  advancing  side,  in  Fig.  6(b),  the 
boundary  layer  goes  through  transition  and  the  separa¬ 
tion  is  suppressed.  On  the  other  hand,  boundary  layer 
on  the  receding  side  in  Fig.  6(c)  is  laminar  and  yet  re¬ 
mains  attached  up  to  the  trailing  edge.  Due  to  the  sup¬ 
pression  of  the  separation,  flow  follows  the  disk  surface 
and  the  downwash  is  increased.  Asymmetric  transition 
of  the  flow  is  caused  by  the  different  velocity  gradient 
between  the  advancing  and  receding  sides.  The  effect  of 
the  rotation  is  shown  in  Figs.  7  and  8.  Because  of  the 
unsteady  shear  layer,  end  view  images  are  ensemble-av¬ 
eraged  in  order  to  make  trend  obvious  in  Figs.  7.  Asym¬ 
metry  due  to  the  rotation  is  not  observed  from  the  figures. 

Figure  9  shows  top  view  of  model  B  with  a=0°  under 
rotation.  In  the  figure,  smoke  is  more  concentrated  on 
the  receding  side  and  diffused  on  the  advancing  side. 
The  effect  of  rotation  influencing  on  asymmetry  is  ob¬ 
served  in  Figs.  10.  A  lump  of  smoke  near  the  center 


(a)  Without  rotation 


(b)  Advancing  side 


(c)  Receding  side 


Fig.  6  Boundary  layer  (model  A);  cross  sectional  side 
views,  a=0°,  z/D=0.33 


(a)  Q=0  (b)  Q=0.8 

Fig.  7  Averaged  end  views  (model  A),  a=0°, 
x/D=1.0 


(a)  Q=0  (b)  Q  =0.8 

Fig.  8  End  views  (model  A),  a=0°,  x/D=5.4 

region  of  the  shear  layer  deflects  slightly  toward  advanc¬ 
ing  side.  The  effect  of  the  rotation  is  also  seen  further 
downstream  as  shown  in  Fig.  11  though  the  flow  are 
both  nearly  symmetric. 

Figure  12  shows  top  view  of  model  C  with  a=0°  and 
with  rotation.  In  the  figure,  added  circulation  in  the 
horizontal  plane  is  recognizable,  i.e.  the  flow  on  the  re¬ 
ceding  side  (upper  side  in  the  figure)  deflects  toward 


Fig.  9  Top  view  (model  B),  a=0°,  Q=0.8 


(a)  Q=0.8  (b)  Q=-0.8 

Fig.  10  Averaged  end  views  (model  B),  a=0°, 
x/D=1.0 


(a)  Q=0  (b)  Q=0.8 

Fig.  11  End  views  (model  B),  a=0°,  x/D=5.7 


advancing  side,  as  in  so-called  Magnus  effect.  Figures 
13  show  the  end  views  at  x/D=1.0  and  4.8.  In  spite  of 
the  effect  of  the  rotation  mentioned  above,  no  other  signs 
of  asymmetry  are  observed  in  the  wake.  The  smoke 
pattern  showing  downwash  in  Fig.  13(b)  is  similar  to 
those  of  the  other  models  with  rotation  (  see  Fig.  8(b) 
and  Fig.  11(b)).  In  the  throw  tests,  the  flight  behavior  of 
the  disk  model  C  was  found  to  be  stable  and  somewhat 
insensitive  to  the  throw  conditions,  likely  due  to  fixed 
separation  lines  independent  of  the  boundary  layer  flow. 

Model  D  is  perhaps  of  most  popular  design.  Figure 
14(a)  shows  the  flow  behind  model  D  with  moderate 
attack  angle,  a=5°  and  with  rotation.  The  position  of 
the  shear  layer  on  the  receding  side  seems  lower  than 
that  on  the  advancing  side  with  rotation,  but  ensemble 
averaged  image  (not  shown)  did  not  reveal  any  differ¬ 
ence  of  positions  of  trailing  vortices. 

Figure  14(b)  shows  end  view  of  flat  disk  model  at 
a=10°  with  rotation.  No  effect  of  rotation  is  observed 
from  the  visualizations.  The  topology  of  the  flow  on  the 
flat  disk  model  without  rotation8  was  investigated  in  de¬ 
tail  using  oil  dots  flow  method  on  a  highly  polished  disk 
surface.  The  results  will  be  discussed  at  conference. 

As  for  the  flight  dynamics  of  the  rotating  cambered 
disk,  important  factors  would  be  the  moments  due  to 
possible  asymmetric  lift  distribution  and  gyroscopic  ef¬ 
fect  induced  by  the  forward  center  of  pressure.  A  nu¬ 
merical  simulation  of  the  flow  around  flying  disk  has 
been  initiated. 


Fig.  12  Top  view  (model  C),  a=0°,  Q=0.8 


(a)  x/D=1.0  (b)  x/D=4.8 

Fig.  13  End  views  (model  C),  a=0°,  Q=0.8 


(a)  Model  D:  a=5°,  Q=0.8,  (b)  Model  E:  Re=8.0xl04, 

x/D=1.0  a=10°,  Q=0.75,  x/D=1.5 

Fig.  14  End  views  behind  model  D  and  E 


4.  CONCLUSION 

Detailed  flow  visualization  study  was  conducted  to 
clarify  the  effect  of  geometries  and  rotation  of  flying 
disks.  Various  regions  of  the  flow  field  such  as  the 
boundary  layer  above  the  rotating  disk,  the  wake  trail¬ 
ing  vortex  roll-up  and  surface  flow  were  investigated 
and  some  mechanisms  of  enhancement  of  trailing  vorti¬ 
ces  were  discussed. 
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1 .  Abstract 

The  Blended- Wing-Body  is  a  conceptual  aircraft  design  with 
rear-mounted,  over-wing  engines.  Two  types  of  installations  have 
been  considered  for  this  aircraft:  partially  buried  engines  with 
boundary  layer  ingesting  inlets  and  the  more  conventional  podded 
engines  with  pylons.  For  both  designs,  the  tight  coupling  between 
the  aircraft  aerodynamics  and  the  propulsion  system  poses  a  diffi¬ 
cult  design  integration  problem.  This  paper  presents  a  design 
method  that  approaches  the  problem  using  multidisciplinary  opti¬ 
mization.  A  Navier-Stokes  flow  solver,  an  engine  analysis  method, 
and  a  nonlinear  optimizer  are  combined  into  a  design  tool  that  cor¬ 
rectly  addresses  the  tight  coupling  of  the  problem.  Results  from 
optimization  runs  on  the  podded  installation  are  presented. 

2.  List  of  Symbols 

a  aircraft  angle  of  attack 

CD  drag  coefficient 

CL  lift  coefficient 

CM  pitching  moment  coefficient 

rir  inlet  pressure  recovery 

m  air  flow  rate 

rha  required  engine  air  flow  rate 

ma  predicted  engine  air  flow  rate 

rhf  fuel  burn  rate 

mff  air  flow  rate  through  fan-face 

P{  total  pressure 

P,  freestream  total  pressure 

T  required  engine  thrust 

X  geometric  design  variables 

3.  Background 

Boundary  layer  ingestion  (BLI)  by  a  propulsion  system  is  a 
design  concept  that  can  improve  propulsive  efficiency.  Ingesting 
the  low  momentum  flow  in  the  boundary  layer  reduces  the  ram 
drag.  This  concept  is  currently  being  considered  for  the  Blended- 
Wing-Body  (BWB),  a  large  passenger  transport  configuration 
(Figure  l)  currently  being  developed  by  Boeing,  NASA,  and  sev¬ 
eral  universities  including  Stanford.  The  BWB  airframe  and  pro¬ 
pulsion  system  are  more  tightly  coupled  than  the  same  systems  on 
a  conventional  aircraft.  Hence,  conventional  design  methods  are 
unable  to  properly  integrate  these  systems  and  fail  to  fully  exploit 
the  advantages  of  BLI.  This  lack  of  an  effective  propulsion  inte¬ 
gration  method  has  been  the  primary  motivation  for  a  current 
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Figure  1:  BWB  conceptual  design. 


research  project  at  Stanford.  Aerodynamic  and  propulsion  system 
analysis  methods  are  coupled  with  a  nonlinear  optimizer  creating  a 
more  effective  tool  for  designing  an  inlet/airframe  configuration 
that  incorporates  the  BLI  concept. 

Podding  the  engines  and  installing  then  on  over-wing  pylons  is 
the  other  type  of  installation  being  considered  for  the  BWB  design. 
For  comparison  and  to  determine  the  benefits  (if  any)  of  BLI,  the 
design  tool  can  be  applied  to  the  podded  engine  design  as  well. 
The  problem  is  essentially  the  same  since  the  coupling  between  the 
aerodynamic  and  propulsion  systems  still  exists.  The  podded 
engine  design  also  presents  a  less  complex  test  for  the  inlet  design 
tool  due  to  the  lack  of  separated  flow  usually  present  in  a  boundary 
layer  ingesting  inlet. 

4.  Method 

The  method  described  here  has  already  been  presented  in  Ref¬ 
erences  1  and  2.  However,  for  completeness  the  method  is  again 
described  in  this  section.  Note  that  although  the  motivation  for  the 
development  of  this  inlet  design  method  are  the  BLI  inlets  on  the 
BWB,  this  method  can  be  effectively  applied  to  a  more  conven¬ 
tional  podded  engine  design.  The  examples  presented  in  the  results 
section  are  in  fact  on  a  podded  nacelle  design. 

A  BLI  inlet  exhibits  a  strong  coupling  between  the  airframe 
aerodynamics  and  the  propulsion  system.  The  more  low-momen¬ 
tum  flow  the  inlet  ingests,  the  lower  the  aerodynamic  drag  on  the 
airframe  and  the  lower  the  thrust  requirement  on  the  propulsion 
system.  On  the  other  hand,  ingesting  this  boundary  layer  flow  also 
reduces  the  inlet  pressure  recovery  which  reduces  propulsive  effi¬ 
ciency.  An  effective  design  method  must  be  able  to  address  this 
trade-off  between  aerodynamic  and  propulsive  efficiencies  and 
hence  must  be  multidisciplinary  in  approach.  The  design  method 
developed  for  this  work  addresses  this  coupling  by  integrating 
three  basic  tools:  an  aerodynamics  analysis  method,  a  propulsion 
system  simulator,  and  a  nonlinear  optimizer.  Brief  descriptions  of 
these  tools  and  the  integration  techniques  follow. 

The  aerodynamics  method  currently  being  used  is  an  advanced 
Navier-Stokes  method.  CFL3D^  is  a  cell-centered,  finite  volume 
code  developed  at  NASA-Langley.  It  uses  a  third-order,  upwind- 
biased  spatial  discretization  for  the  convective  and  pressure  terms 
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and  a  central-difference  scheme  for  the  shear  stress  and  heat 
transfer  terms.  An  implicit  scheme  is  used  for  time-advance¬ 
ment.  The  code  is  extremely  versatile  with  its  large  selection  of 
turbulence  models  and  ability  to  handle  multiblock,  patched, 
embedded,  and  overlapping  grids.  This  versatility  along  with  its 
popularity  and  validated  accuracy  were  the  primary  reasons  for 
selecting  this  code  for  the  design  tool.  The  turbulence  model  that 
was  used  for  all  computations  discussed  in  this  paper  is  the  one- 
equation  Spalart-Allmaras4  model.  This  model  was  chosen  for 
its  simplicity  and  its  applicability  to  the  multiblock  grids  neces¬ 
sary  to  analyze  a  complex  configuration  such  as  the  BWB  with 
nacelles  installed.  For  the  inlet  design  tool,  CFL3D  provides 
predictions  of  aerodynamic  forces  (lift,  drag,  and  moment)  along 
with  the  necessary  fan  face  properties  (predicted  air  flow  rate  and 
inlet  pressure  recovery). 

The  propulsion  system  simulator  is  an  engine  analysis  code 
developed  at  NASA-Lewis.  The  NEPP5  code  allows  for  ID, 
steady-state,  thermodynamic  analysis  of  gas  turbine  engines. 
The  design  specifications  of  each  engine  component  (such  as  the 
fan,  turbine,  burner,  and  inlet)  are  specified  by  the  user  allowing 
design  and  off-design  analyses  of  the  engine.  The  NEPP  code 
was  chosen  for  its  speed,  ability  to  handle  off-design  conditions, 
and  wide  usage  in  industry  and  government  research.  For  the 
inlet  design  tool,  the  engine  simulator  takes  the  required  thrust 
and  inlet  pressure  recovery  provided  by  the  aerodynamics  analy¬ 
sis  and  computes  the  fuel  bum  rate  and  the  required  inlet  air  flow 
rate. 

The  BWB  engines  studied  in  this  work  are  advanced  ducted 
propellers  (ADP).  While  the  bypass  ratio  (BPR)  of  the  engine 
has  not  been  finalized,  the  range  of  bypass  ratios  being  studied  is 
wide;  BPR’s  as  large  as  22  have  been  considered.  However,  for 
the  work  presented  here,  the  bypass  ratio  (and  actually  the  whole 
engine  design)  was  held  constant  at  12.  Varying  the  engine 
design  would  require  including  weight  in  the  optimization  prob¬ 
lem  and  weight  must  be  assumed  constant  for  the  method  of  this 
paper  to  produce  reasonable  results. 

NPSOL6  is  a  gradient-based,  constrained,  nonlinear  opti¬ 
mizer  developed  at  Stanford  University.  An  advanced  quasi- 
Newton  algorithm  is  implemented  where  each  major  iteration 
involves  the  solution  of  a  quadratic  subproblem  based  on  the  cur¬ 
rent  objective  function  value,  gradient,  and  Hessian  approxima¬ 
tion.  Constraints  can  be  linear  or  nonlinear.  The  NPSOL 
optimizer  was  chosen  for  its  robust  ability  to  handle  nonlinear 
problems. 

These  three  tools  have  been  integrated  into  a  multidisci¬ 
plinary  design  tool.  The  basic  architecture  of  this  design  tool  is 
depicted  in  Figure  2.  Taking  computed  information  from  the 
aerodynamics  and  propulsion  analyses,  the  optimizer  uses  a  set 


Figure  2:  Inlet  design  tool  architecture. 


of  user-specified  design  variables  to  minimize  an  objective  func¬ 
tion.  For  all  the  work  discussed  in  this  paper,  this  objective  func¬ 
tion  is  the  engine  fuel  burn  rate.  The  set  of  design  variables 
usually  includes  geometric  variables  to  modify  the  inlet/airframe 
shape,  the  angle  of  attack  to  control  the  total  lift  of  the  airframe, 
and  an  inlet  back  pressure  level  to  ensure  air  flow  compatibility 
between  the  engine  analysis  and  the  flow  solver. 

This  air  flow  compatibility  between  the  engine  analysis  and 
the  flow  solver  is  critical  to  the  design  methodology.  The  inlet 
air  flow  rate  predicted  by  the  flow  solver  must  be  the  same  as  the 
required  air  flow  rate  that  is  computed  by  the  engine  analysis  to 
make  the  problem  consistent.  This  compatibility  constraint  can 
be  satisfied  by  using  the  predicted  air  flow  rate  as  a  design  vari¬ 
able.  The  flow  solver  can  use  this  predicted  air  flow  rate  as  an 
input  and  modify  the  corresponding  boundary  condition  to  attain 
this  rate.  As  it  minimizes  the  objective  function,  the  optimizer 
modifies  the  value  of  the  predicted  air  flow  rate  to  ensure  that  it  is 
equal  to  the  required  air  flow  rate  computed  by  the  engine  analy¬ 
sis  code.  However,  in  practice  the  design  variable  used  for  this 
compatibility  constraint  is  not  the  predicted  air  flow  rate  but 
rather  a  back  pressure  level. 

The  boundary  condition  used  in  the  flow  solver  to  control  the 
air  flow  rate  through  the  inlet  is  the  standard  “engine-outflow” 
type.  At  the  boundary,  the  static  pressure  is  specified  and  the  val¬ 
ues  of  the  other  flow  variables  are  extrapolated  from  inside  the 
flowfield.  In  order  to  obtain  a  specific  flow  rate,  this  back  pres¬ 
sure  must  be  determined  iteratively  which  is  extremely  ineffi¬ 
cient  computationally.  By  using  the  back  pressure  value  itself  as 
the  design  variable,  this  iterative  process  is  eliminated  and  the 
optimizer  has  direct  control  of  the  boundary  condition.  As 
before,  the  back  pressure  is  modified  to  ensure  the  air  flow  com¬ 
patibility  constraint  is  satisfied  as  the  objective  function  is  mini¬ 
mized. 

As  shown  in  Figure  2,  the  design  variables  are  passed  from 
the  optimizer  to  the  flow  solver.  After  modifying  the  inlet/air¬ 
frame  shape  and  the  computational  grid  accordingly,  the  flow 
solver  computes  values  for  required  aircraft  thrust  and  inlet  pres¬ 
sure  recovery.  These  values  are  passed  to  the  engine  simulator 
where  the  fuel  bum  rate  and  required  air  flow  rate  are  computed. 
These  values  are  then  in  turn  passed  back  to  the  optimizer.  The 
lift  and  moment  coefficients  along  with  the  predicted  air  flow  rate 
are  also  passed  back  to  the  optimizer.  The  optimizer  uses  these 
computed  values  to  determine  a  new  set  of  design  variables  by 
trying  to  minimize  the  objective  function  and  satisfy  the  con¬ 
straints.  The  process  repeats  until  an  optimal  solution  is  found. 

Several  nonlinear  constraints  are  necessary  to  complete  the 
problem.  First  of  all,  the  lift  of  the  aircraft  is  constrained  be 
equal  to  the  cruise  lift  coefficient.  To  trim  the  aircraft,  a  pitching 
moment  constraint  must  also  be  introduced.  As  discussed  earlier, 
the  air  flow  compatibility  constraint  is  necessary.  Geometric 
constraints  on  the  wing  and  nacelle  (such  as  those  necessary  due 
to  the  aircraft  structural  design)  manifest  themselves  as  a  set  of 
linear  constraints  on  the  geometric  design  variables  used  in  the 
problem. 

Force  Computation 

Normally  the  force  computation  process  with  a  CFD  method 
is  straightforward:  integrate  the  pressure  and  skin  friction  forces 
on  all  solid  walls.  However,  for  the  case  with  an  engine,  the  cor¬ 
rect  method  is  not  so  clear.  Accurately  analyzing  the  flow  within 
the  engine  is  obviously  not  an  option  due  to  its  complexity  and 
therefore  the  engine  must  modeled.  The  typical  way  of  modeling 
the  engine  is  to  introduce  a  flow  exit-plane  in  the  inlet  and  a  flow 
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Figure  3:  Control  volume  used  to  compute  forces  on  an 
airframe/inlet  configuration. 


entrance-plane  at  the  engine  exhaust  region.  This  engine  model¬ 
ing  is  represented  in  Figure  3.  Special  boundary  conditions  are 
applied  at  the  engine  entrance  and  exit  to  control  the  properties 
of  the  flow  through  these  planes.  Computing  forces  on  this  con¬ 
figuration  is  not  straightforward  due  to  the  fact  that  some  flow 
exits  the  computational  domain  at  the  fan  face  and  some  flow 
enters  at  the  engine  exit  plane;  but  it  is  still  possible.  Consider 
the  control  volume  shown  in  Figure  3  which  includes  all  the  solid 
surfaces  and  the  engine  fan-face  and  exhaust  planes.  To  compute 
the  total  force  acting  on  this  control  volume,  the  pressure,  shear 
forces,  and  momentum  flux  at  the  control  volume  boundaries 
must  be  integrated.  Note  that  the  momentum  flux  through  the 
solid  walls  is  zero  and  the  shear  forces  (which  are  parallel  to  the 
control  volume  boundary)  on  the  fan-face  and  engine  exhaust 
planes  are  negligible. 

For  steady,  unaccelerated  cruise  flight,  the  integration  of 
these  forces  on  this  control  volume  should  be  zero.  However,  in 
the  inlet  design  method,  the  engine  simulator  must  be  supplied 
with  a  gross  thrust  to  balance  the  drag  and  thrust  in  the  design 
problem.  To  compute  the  gross  thrust  of  the  engine  using  the 
CFD  method,  the  force  due  to  the  flow  entering  the  computa¬ 
tional  domain  at  the  engine  exit  plane  must  be  determined.  This 
means  the  momentum  flux  and  pressure  must  be  integrated  on 
this  boundary  face.  Since  the  total  force  integration  is  zero,  the 
force  acting  on  all  solid  surfaces  and  the  fan  face  is  equal  (except 
in  sign)  to  the  gross  thrust  and  is  the  total  drag  (including  any 
ram  drag)  of  the  aircraft.  Therefore,  the  gross  thrust  requirement 
of  the  engine  can  also  be  computed  by  integrating  the  pressure 
and  skin  friction  on  all  solid  surfaces  and  the  pressure  and 
momentum  on  the  fan-face. 

Computation  of  Fan-face  Total  Pressure  Recovery 

The  method  of  computing  pressure  recovery  is  an  issue  of 
much  debate.  The  propulsion  analysis  method  requires  a  single 
value  that  represents  the  total  pressure  losses  at  the  fan  face. 
Since  the  total  pressure  can  vary  over  the  fan-face  area,  the  only 
solution  is  some  sort  of  integrated  quantity.  When  the  total  pres¬ 
sure  distribution  is  not  constant  over  the  fan  face,  the  correct  inte¬ 
gration  scheme  is  not  obvious.  Many  methods  exist  including 
area  integration,  mass  flow  integration,  momentum  integration, 
and  even  various  forms  of  energy  integration.  All  these  methods 
can  give  very  different  results  for  a  fan  face  with  a  widely  vary¬ 
ing  total  pressure  distribution,  like  that  found  in  a  BLI  inlet  for 
example.  The  method  chosen  for  this  inlet  design  method  is 
based  on  the  work  by  Livesey7.  This  integration  method  com¬ 
putes  pressure  recovery  by  assuming  a  constant  entropy  flux  and 
weighting  the  integration  appropriately: 
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Note  that  momentum  is  not  conserved  with  this  method. 
While  other  methods  which  do  conserve  momentum  exist,  these 
methods  either  do  not  conserve  other  important  properties  (such 


Figure  4:  Three-view  of  baseline  podded  BWB  design. 


as  mass  flow  rate)  or  involve  some  sort  of  conservative  mixing 
process  which  reduces  the  total  energy  of  the  flow.  While  it  is 
still  unclear  whether  the  method  of  Equation  1  is  the  correct 
method  (if  there  even  is  a  correct  method),  Livesey  provides 
some  argument  for  selecting  this  method.  This  integrated  quan¬ 
tity  is  therefore  the  value  of  pressure  recovery  that  is  sent  to  the 
engine  simulator  in  the  inlet  design  method.  Note  that  the  issue 
of  a  widely  varying  total  pressure  distribution  is  not  as  much  of  a 
problem  for  the  podded  nacelle  case  since  the  air  ingested  is  pre¬ 
dominantly  uniform.  However,  the  integration  method  of 
Equation  1  is  included  in  the  method  so  that  future  BLI  inlet 
optimization  work  can  be  performed. 

5.  The  Design  Problem 

Ultimately,  the  inlet  design  method  will  be  applied  to  both 
the  podded  nacelle  and  BLI  inlet  designs  of  the  BWB.  At  the 
time  of  publication  of  this  paper,  only  the  podded  design  problem 
was  successfully  completed.  The  BLI  inlet  design  is  underway 
but  no  results  are  available.  The  results  from  the  podded  nacelle 
design  are  presented  here  showing  that  the  inlet  design  method  is 
also  applicable  to  a  more  conventional  type  of  inlet  design. 

Configuration  Definition 

As  detailed  in  Reference  8,  the  original  BWB  design  had  BLI 
inlets.  However  to  determine  the  true  advantages  of  the  BLI 
installation,  a  podded  installation  must  also  be  studied  as  a  base¬ 
line  for  comparison.  Using  the  baseline  wing  of  Reference  8,  a 
podded  configuration  was  identified.  The  inlet  design  method 
was  then  applied  to  this  configuration.  Since  no  flow  separation 
is  present  in  the  inlets  of  the  podded  design,  this  provided  a  less 
challenging  test  problem  for  the  method  before  the  more  chal¬ 
lenging  BLI  inlet  design  is  attempted. 

The  baseline  podded  configuration  is  shown  in  Figure  4  in  3- 
view  format.  The  pylons  were  designed  to  have  a  reasonable 
thickness  and  are  symmetric.  The  engines  are  canted  at  5°  angle 
of  attack  from  the  wing  reference  plane  and  have  no  cant  in  the 
yaw  direction.  The  thickness  and  in  particular  the  radius  of  cur¬ 
vature  of  the  inlets  were  selected  using  conventional  design 
methods. 

Some  views  of  the  computational  grid  used  for  the  optimiza¬ 
tion  work  on  this  configuration  are  given  in  Figure  5.  The  com¬ 
putational  grid  was  created  by  removing  a  block  of  a  baseline 
wing  grid  and  inserting  nacelle  grids.  The  interfaces  between  the 
wing  and  nacelle  grids  are  not  point-match  and  therefore  the 
patching  algorithm  included  in  CFL3D  was  used  for  boundary 
conditions.  The  total  number  of  points  in  this  grid  is  just  over 
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Figure  5:  Views  of  computational  grid  used  for  BWB  podded 
inlet  installation. 


476,000.  Obviously  this  is  a  very  coarse  grid  for  such  a  complex 
configuration.  But  to  keep  computation  times  reasonably  low, 
optimization  was  performed  on  this  grid. 

Objective  Function  and  Constraints 

The  objective  function  for  this  optimization  case  is  the  fuel- 
burn  rate.  This  objective  will  allow  the  inlet  design  method  to 
optimally  integrate  the  propulsion  system  and  the  airframe  inas¬ 
much  as  the  design  variables  will  permit.  The  aircraft  weight  is 
assumed  constant.  The  lift  and  air  flow  compatibility  constraints 
are  necessarily  enforced  in  this  problem.  Of  course,  in  this  case, 
there  are  two  air  flow  compatibility  constraints  since  there  are 
two  engines.  Also  included  in  this  case  is  a  constraint  which 
makes  certain  the  pitching  moment  does  not  become  lower  than  - 
0.17,  based  on  the  pitching  moment  of  the  baseline  wing  alone 
design.  Ideally  this  pitching  moment  should  be  0.0  meaning  the 
aircraft  is  properly  trimmed.  However,  the  baseline  wing  design 
used  in  this  example  has  a  high  node-down  pitching  moment 
which  could  not  be  corrected  without  major  redesign  work. 
Therefore  instead  of  trimming  the  aircraft  which  would  result  in 
a  large  drag  penalty,  the  pitching  moment  constraint  makes  cer¬ 
tain  the  pitching  moment  does  not  get  any  worse  in  the  inlet  inte¬ 
gration  process.  Also,  constraints  on  the  nacelle  thickness  and 
inlet  leading  edge  radius  were  not  necessary  since  no  thickness 
design  variables  were  included  in  this  problem. 


Variable 

Type 

Location 

1 

angle  of  attack 

entire  aircraft 

2 

inlet  back  pressure 

centerline  engine  fan- 
face 

3 

inlet  back  pressure 

outboard  engine(s) 
fan-face 

4 

linear  wing  twist 

outboard  wing  section 

5 

inlet  length 

centerline  nacelle 

6-7 

inlet/nacelle  cam¬ 
ber 

centerline  nacelle 

8 

pylon  height 

centerline 

nacelle/pylon 

9 

nacelle  pitch 

centerline  nacelle 

10 

inlet  length 

outboard  nacelle 

11-14 

inlet/nacelle  cam¬ 
ber 

outboard  nacelle 

15 

pylon  height 

outboard 

nacelle/pylon 

16 

nacelle  pitch 

outboard  nacelle 

17 

nacelle  yaw 

outboard 

nacelle/pylon 

IS 

pylon  camber 

outboard  pylon 

Table  I:  Design  variables  used  in  podded  BWB  optimization. 


Design  Variables 

Ideally,  a  large  number  of  design  variables  (~30-50)  would 
be  used  to  optimize  complex  geometry  like  the  podded  BWB. 
However,  to  make  computation  times  manageable  in  a  research 
atmosphere,  only  18  were  selected  and  are  listed  in  Table  I.  The 
angle  of  attack  and  inlet  back  pressure  variables  are  necessary  to 
help  enforce  the  lift  and  air  flow  compatibility  constraints.  A 
wing  twist  variable  (washout)  was  also  added  to  help  enforce  the 
pitching  moment  constraint.  The  variable  adds  a  linear  twist 
variation  to  the  outboard  section  of  the  wing  which  is  effective  in 
controlling  the  pitching  moment  of  a  swept  wing.  Only  the  out¬ 
board  wing  twist  is  affected  so  that  the  cabin  section  is  not 
warped. 

The  remaining  variables  control  the  shape  and  orientation  of 
the  nacelles  themselves.  These  include  the  inlet  length,  inlet 
camber  (which  controls  the  inlet  area  distribution  and  outer 
shape  of  the  nacelle),  the  nacelle  pitch  and  yaw,  the  pylon  height, 
and  the  pylon  camber.  Note  that  no  thickness  variables  were 
included.  Since  the  baseline  nacelles  were  designed  to  have  the 
minimum  thickness  and  inlet  lip  radius,  thickness  variables  were 
deemed  mostly  ineffective  for  this  case.  This  may  not  be  entirely 
true  since  thickness  variables  would  allow  for  the  control  of  inlet 
area  distribution  and  the  outer  nacelle  contours,  which  are  impor¬ 
tant  for  controlling  the  shock  strength  and  location  on  the  nacelle 
outer  surface.  However,  computation  time  limits  forced  the 
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omission  of  these  variables. 

To  demonstrate  the  geometric  changes  induced  by  the  geo¬ 
metric  design  variables  (4-18),  each  variable  was  perturbed  sepa¬ 
rately  and  the  resulting  geometries  shown  in  Figure  6.  The 
perturbations  are  slightly  exaggerated  for  clarity.  The  inlet 
length  variables  simply  scale  the  nacelle  length.  It  simply  moves 
the  inlet  leading  edge  forward  or  backward  and  stretches  or  com¬ 
presses  the  nacelle  surface  accordingly.  The  camber  variables 
are  based  on  cosine  functions  that  range  over  a  specified  circum¬ 
ferential  angle.  The  magnitude  of  the  perturbation  peaks  at  the 
center  of  the  range  and  fades  to  zero  at  the  edges  of  the  range. 
The  pylon  height  variable  scales  the  pylon  so  that  the  sweep  of 
the  pylon  remains  constant.  The  nacelle  pitch  and  yaw  variables 
pivot  the  entire  nacelle  around  a  specified  point.  The  pylon  cam¬ 
ber  variable  applies  a  sine  function  to  the  camber  of  the  outboard 
pylon. 

Results  and  Discussion 

Two  cases  were  completed  on  the  BWB  podded  design.  The 
first  case,  which  included  only  the  first  three  design  variables, 
was  completed  to  provide  a  true  baseline  value  and  to  analyze  the 
cruise  performance  of  the  baseline  geometry.  The  second  case 
includes  all  the  variables  and  provides  the  optimal  configuration 
shape  (limited  by  the  design  space  spanned  by  the  design  vari¬ 
ables).  These  two  cases  are  presented  here  and  compared. 

Analysis  of  Baseline  Podded  BWB  Design 

Only  the  first  three  design  variables  (angle  of  attack  and  two 
back  pressures)  are  included  in  this  case.  Likewise,  only  the  lift 
and  air  flow  compatibility  constraints  are  included  in  this  prob¬ 
lem.  This  optimization  is  performed  to  determine  the  perfor¬ 
mance  of  the  baseline  podded  BWB  configuration  at  cruise 
conditions  which  will  provide  a  baseline  for  comparison  once  the 
optimization  with  all  design  variables  is  completed.  The  con¬ 
straints  were  satisfied  very  quickly  (3  design  steps).  More  results 
from  this  baseline  run  are  presented  in  the  comparison  figures  in 
the  next  section.  The  performance  of  this  baseline  configuration 
is  summarized  in  Table  II. 

Optimization  of  Podded  Baseline  BWB  Design 

The  18  design  variables  of  Table  I  were  used  to  minimize  the 
fuel-bum  rate  of  the  baseline  podded  BWB  configuration  subject 
to  the  lift,  moment,  and  air  flow  compatibility  constraints.  The 
final  results  are  compared  to  the  baseline  results  of  Section  in 
Table  II.  The  optimization  history  is  given  in  Figure  9. With  the 
18  design  variables,  the  inlet  design  method  was  able  to  reduce 
the  fuel-bum  rate  by  almost  10%.  This  performance  improve¬ 
ment  was  entirely  due  to  the  reduction  in  drag  of  over  23  counts 
since  the  pressure  recovery  of  both  inlets  actually  increased. 

A  comparison  of  the  baseline  and  optimized  geometries  is 
given  in  Figure  7.  The  major  difference  is  the  height  of  the  cen¬ 
terline  pylon.  The  optimizer  has  moved  the  nacelles  as  far  apart 
as  possible  with  the  selected  design  variables  to  relieve  the 
shocks  that  form  in  the  channel.  The  reduction  of  shock  strength 
is  better  illustrated  the  pressure  contour  plots  in  Figure  8.  The 
channel  between  nacelles  is  clearly  a  major  source  of  drag  and 
therefore  the  optimizer  did  what  it  could  to  improve  the  flowfield 
in  this  region.  Since  the  spanwise  location  of  the  nacelles  was 
held  fixed  due  to  engine-out  performance  constraints,  the  best  the 
optimizer  could  do  was  raise  the  centerline  nacelle  as  high  as 
possible  and  still  not  violate  the  moment  constraint.  The  center- 
line  nacelle  was  raised  higher  than  the  outboard  nacelles  because 
then  only  one  pylon’s  wetted  area  would  increase  where  if  the 
outboard  nacelles  were  raised  higher,  two  pylons’  wetted  areas 


Figure  6:  Effects  of  perturbed  design  variables  on  podded 
BWB  geometry. 


would  increase.  Of  course,  the  structural  weight  of  the  pylon 
may  be  the  true  limiting  factor  in  the  pylon  height,  but  since 
structural  analysis  was  included  in  the  method  at  this  point,  the 
pylon  weight  penalty  was  not  addressed. 

The  pressure  contours  (Figure  8)  also  show  that  the  pressure 
gradients  in  the  vicinity  of  the  inlets  have  been  reduced.  The 
nacelle  yaw,  pitch,  and  inlet  camber  have  been  tailored  to  allow 
the  flow  to  be  ingested  cleanly  and  therefore  with  minimal  drag 
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penalties.  The  yaw  of  the  outboard  nacelles  has  also  been 
increased  to  further  alleviate  the  shock  strengths  in  the  channel. 
This  could  cause  problems  in  the  engine-out  flight  condition 


Optimized 

Figure  7:  Comparison  of  baseline  and  optimized  podded  BWB 
configurations. 


Figure  8:  Pressure  contours  on  the  baseline  and  optimized 
podded  BWB  configurations. 


Performance  Parameter 

Baseline 

Optimized 

Fuel  Bum  Rate  (lb/hr) 

32467 

29336 

Lift  Coefficient 

0.5000 

0.5000 

Pitching  Moment  Coeffi¬ 
cient 

-0.1676 

-0.1700 

Drag  Coefficient 

0.03074 

0.02842 

Centerline  Engine  Mass 
Flow  Error 

0.0000 

0.0000 

Centerline  Engine  Inlet 
Pressure  Recovery 

0.9963 

0.9920 

Outboard  Engine  Mass 
Flow  Error 

0.0000 

0.0000 

Outboard  Engine  Inlet 
Pressure  Recovery 

0.9957 

0.9926 

Table  II:  Performance  comparison  of  baseline  and  optimized 
podded  BWB  configuration. 


since  the  moment  are  of  the  outboard  nacelle  has  been  increased. 
Further  design  work  may  have  to  include  a  yaw  constraint  to 
address  this. 

6.  Conclusions 

An  inlet  design  method  has  been  developed  by  integrating  a 
Navier-Stokes  flow  solver,  an  engine  simulator,  and  a  nonlinear 
optimizer.  This  multidisciplinary  design  method  correctly 
addresses  the  coupling  between  the  propulsion  system  and  the 
airframe.  The  method  was  applied  to  a  podded  nacelle  BWB 
configuration  but  is  also  appropriate  for  a  BLI  inlet  design.  The 
method  proved  to  be  effective  for  the  podded  case  in  improving 
the  design  by  significantly  reducing  the  selected  objective  func¬ 
tion  and  still  satisfying  all  necessary  constraints.  The  complex 
variable  method  for  computing  the  necessary  gradients  proved  to 
be  very  successful  and  efficient  for  practical  use.  The  method 
has  successfully  identified  the  baseline  spacing  between  the 
nacelles  is  a  major  source  of  drag. 

7.  Future  Work 

The  next  step  is  to  apply  this  method  to  a  BLI  configuration 
like  that  shown  in  Figure  1.  This  should  prove  to  be  a  more  chal¬ 
lenging  problem  because  of  the  almost  certain  presence  of  sepa¬ 
ration  in  the  inlets.  However,  if  successful,  the  method  should 
reduce  this  separation  since  it  is  a  source  of  poor  pressure  recov¬ 
ery  and  drag.  One  other  constraint  which  must  be  included  in  the 
BLI  case  is  a  distortion  constraint.  Engine  companies  require 
that  inlets  provide  at  most  a  specified  level  of  distortion  and  BLI 
inlets  are  notorious  for  violating  this  limit.  By  including  distor¬ 
tion  as  a  constraint  in  the  optimization  problem,  the  inlet  design 
method  should  be  able  to  reduce  if  not  eliminate  the  violation  of 
this  distortion  limit. 
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Abstract 

Present  work  deals  with  a  study  on  the  deployment  of  a 
cantilever  beam  with  translation  and  rotational  motions,  which 
is  restricted  in  a  plane.  The  equations  of  motion  are  derived 
with  respect  to  non-Cartesian  coordinate  system.  In  the 
formulation  of  equations,  geometrically  non-linear  effect  and 
shear  deformations  are  included.  An  assumed  mode  method  is 
applied,  and  numerical  convergence  characteristics  are  studied, 
also.  Types  of  motion  are  classified  as  ‘slow’  or  ‘fast’ 
deployment  and  rotation  of  beam.  In  addition,  the  effect  of 
translational  motion  of  a  body  is  studied,  and  the  dynamic 
characteristics  for  the  behavior  of  the  beam  are  investigated. 

Introduction 

Spacecraft  or  satellites  are  composed  of  various  flexible  sub¬ 
structures  to  be  deployed  in  space.  In  addition,  new  type  of 
materials  has  been  developed  to  allow  the  weight  reduction, 
and  the  large  deformation  should  be  included  in  modeling  and 
analysis  of  the  structures.  It  is  exemplified  as  antenna, 
stabilizing  boom,  solar  array,  large  truss-type  structures,  and  so 
on.  Flexible  space  structures  can  be  modeled  by  the  beams, 
plates  and  shells.  Especially,  large  space  structures  can  be 
analyzed  as  the  combination  of  beams,  and  they  should  be 
considered  that  the  large  deformation  including  the  effect  of 
rigid-body  motions  due  to  translation  and  rotation  of  the  body. 
Simo  and  Vu  Quoc[l,2]  considered  the  geometrically  non¬ 
linear  effect  in  the  formulation  of  equations  for  beam 
undergoing  large  overall  motions.  These  works  were  performed 
by  Kane  and  Ryan[3],  Haering  et  al.[4,5].  They  considered 
large  overall  motion  of  support  with  the  centrifugal  effect  as 
well  as  the  translational  motion.  Ryan [6]  proposed  to  extend 
previous  research  works  for  the  satellite  in  three-dimensional 
space  without  any  restriction  for  the  motion  of  main  body. 

Research  works  for  the  dynamic  analysis  of  beam  with 
varying  length  can  be  summarized  as  follows.  Tabarrok  et  al. 

[7]  tried  to  obtain  an  analytical  solution  for  the  deflection  of 
axially  moving  beam  with  a  constant  speed.  Downer  and  Park 

[8]  suggested  a  finite  element  model  for  the  analysis  of  beam  in 
deployment.  In  this  work,  dynamics  of  axially  moving  highly 
flexible  beam  were  deeply  investigated.  The  number  of  finite 
elements  nodes  remained  fixed,  and  the  finite  element  length 
was  allowed  to  vary.  Yuh  and  Young  [9]  considered  a  rotational 
motion  of  axially  moving  beam.  Assumed  mode  method  was 
used  to  obtain  the  numerical  results,  and  the  results  were 
compared  with  the  experimental  data.  Yiiksel  and  Gurgoze  flO], 
Giirgoze  and  Yiiksel  [11]  investigated  the  rotational  motion  of 


Deployment 

the  robot  arm,  and  tried  to  model  the  robot  arm  as  the  axially 
moving  beam.  In  addition,  deflection  of  the  robot  arm  was 
studied  with  the  inclusion  of  concentrated  mass  at  the  tip.  It 
was  also  studied  that  the  effect  of  axially  moving  velocity  of 
the  beam.  Stylianou  and  Tabarrok[12,13]  solved  an  axially 
moving  beam  problem  by  using  the  finite  element  method  in 
which  the  elements  were  functions  of  time.  Fung  et  al.[14] 
derived  the  governing  equations  and  boundary  conditions  for 
an  axially  moving  beam  with  a  tip  mass.  It  was  indicated  that 
rigid-body  motion  and  flexible  vibration  were  non-linearly 
coupled.  On  the  other  hand,  Huang  et  al.  [15]  studied  the 
dynamic  stability  of  a  cantilever  beam  attached  to  a 
translational  /  rotational  base  in  two  dimensional  space. 

In  the  present  study,  the  deployment  of  beam  is  to  be 
analyzed.  The  main  body  is  assumed  to  have  a  perfect  rigidity, 
and  the  beam  can  be  moved  in  a  plane  with  translation  and 
rotation.  In  addition,  the  beam  is  assumed  to  include  the 
stretching  effect  as  well  as  the  geometrically  non-linear  effect. 
Non-Cartesian  curvilinear  coordinate  systems  are  used  in  the 
formulation  of  the  equations  of  motion.  An  assumed  mode 
method  is  used  in  the  numerical  analysis  ,  and  convergence 
study  for  the  results  are  performed  for  typical  examples. 

Equations  of  Motion 


.v 


Fig.  1  Deployment  of  a  Beam  in  2  -  Dimensional  Space 

Fig.  1  shows  a  schematic  diagram  for  a  deployment  of 
flexible  beam  from  a  rigid  body  A.  The  beam  is  defined  in  the 
Newtonian  reference  frame  N,  and  unit  vectors  a,  and  a2  are 
attached  to  a  body  A.  In  the  present  study,  non-Cartesian 
coordinate  x  is  used  to  indicate  the  location  of  the  material 
point,  and  s  denotes  the  arc-length  of  stretch  of  the  material 
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point  at  x.  We  will  consider  the  geometrically  non-linear 
effects  as  well  as  shear  deformations.  Unit  vectors  a,  and  a2  are 
defined  at  the  arbitrary  point  of  the  beam.  Additionally,  a 
denotes  the  deployment  of  beam,  u,  and  u2  indicate  the 
orthogonal  component  in  the  direction  of  a,  and  a2.  For  the 
convenience  in  the  formulation  of  the  equations  of  motion  for 
the  deployment,  the  cross  sectional  geometric  properties  are 
assumed  to  be  symmetry  with  respect  to  width  b  of  the  beam. 

Inertial  velocity  of  the  point  o,  and  angular  velocity  of  A  in 
N  is  given  by, 


Nv°  =  v,a,  +  v2a2 


(1-a) 


v-'-f 

2  ~a  EA  2  J~a  El  2J~a  GA 


(8) 


where  P,  M  and  V  denote  an  axial  force  in  the  direction  of  s, 
bending  moment  and  a  shear  force  at  an  arbitrary  point  x.  In 
addition,  L  ,  E  ,  G  ,  A  and  K  denote  the  initial  length,  Young’s 
elastic  constant,  shear  modulus,  cross-sectional  area  of  the 
beam  and  shear  correction  factor,  respectively. 

In  Eqn  8,  P,  M  and  V  can  be  expressed  in  terms  of  s  ,  u2 
and  0X  as  can  be  found  in  Ref.  [3], 

Generalized  inertia  forced*)  can  be  expressed  as, 


and 

N©°  =  cm3  (1-b) 

Position  vector  Pop  of  beam  under  the  deployment  is. 


F;  -  \L_a  N  vf  -N  a Ppdx~jL_a  N®'*  ■  (Na®  +N  to*8  xN  o®)/3dc  (9) 

where  /3  ,  p  and  dB  denote  the  moment  of  inertia,  mass  per 
unit  length  and  cross-section  of  the  beam. 


Pop  =  (x+«+Mj)a,+M2a2  (2) 

For  the  geometric  relation  between  the  arc-length  of  stretch 
s  and  Cartesian  variable  x  with  the  deployment  a  can  be  written 
as1161, 

x  +  s+or  =f  [(1  +uiJ^da  (3) 

J-a 

where  (  ),a  denotes  the  partial  derivertive  with  respect 

to  a . 


We  choose  a  set  of  functions  to  represent  the  modes  for  the 
cantilever  beam  with  deployment  as  in  Ref. [10,1 1], 

=  Z  &\j(x,t)qj(t)  (10-a) 

7=1 

w2(-M)  =  Z^2  j(x,t)qj(t)  (10-b) 

y-i 

0\(x,t)  =  Z  ®3j(x>t)q j(t)  (10-c) 

7=1 


Applying  the  binomial  expansion  of  the  integrand  of  Eqn  4, 
then 

s  =  u\+Ux_au\,ada+  H.O.T  (4) 

where  H.O.T.  denotes  the  higher-order  terms  which  is  to  be 
omitted. 


where  d>ty(x,  t)  (/=l,2,3^'=l,...,p)  denotes  the  mode  shapes  of 
the  beam. 

We  can  obtain  the  approximate  equations  of  motion  by 
applying  these  assumed  modes  in  the  Eqn  6,  . 

Mq  +  Gq  +  Kq  =  F  (H) 


Differentiate  Eqn  4  with  respect  to  /, 

+  J-a“2’<r“2><7fifcr  <5) 

Now  we  express  the  equations  of  motion  in  terms  of 
generalized  active  forced)  and  generalized  inertia  forced*) 
as  follows1'71. 

Ft  +  F*  =  0  (/=  1,...,«)  (6) 

where  n  denotes  the  number  of  degrees  of  freedom. 

Generalized  active  force(F,)  can  be  written  in  terms  of  the 
potential  energy  U, 

Fj  -  -  dUIdqj  O'  =  1 , . . .  n)  (7) 

where  q,  denotes  the  generalized  coordinates. 

In  this  work,  we  will  investigate  the  dynamic  behavior  of 
beam  with  varying  length  a  and  with  the  translation  and 
rotational  motion  as  in  Fig.  1 .  The  potential  energy  U  of  the 
beam  can  be  expressed  as, 


where  M,  G  and  K  represent  mass  matrix,  gyroscopic  matrix 
and  stiffness  matrix.  Vectors  q  and  F  denote  displacements  and 
force  vectors,  respectively. 

Numerical  Results  and  Discussions 

As  a  numerical  example,  we  consider  the  deployment  of 
isotropic  beam  with  rectangular  cross-section.  Material 
properties  are  chosen  as  in  reference  [10,1 1]: 

L=1.4  m,/3=  1.563x10  13  m4,  A  =0.00075m 2,  K  =  0.8509, 

E  =  7*1010  N/m2,  p  -  2700kg/m3,  G=2.6xlO'°N/m2 

Translation  and  rotational  motion  of  rigid  body  A  with  a 
deployment  of  a  beam  is  assumed  to  be  given  by  Eqn  12.a  - 
12.d  as  in  reference  [10,11]. 


ait)  =  a0  + 

(12  a) 

co(t)  =  Q){)  +  Cddit) 

(12.b) 

V|(0  =  V|O  +  V„^(0 

(12.c) 

+ 

II 

(12. d) 
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where  (jit )  means  [f-(7727r)sin(27T//7)]/r  and  0  <t<  T.  Eqn  12. a 
defines  the  deployment  a  ,and  Eqn  12.b  shows  the  rotational 
motion  of  beam.  Eqn  12.c  and  12.d  indicate  the  a,  and  a2 
component  of  velocity,  respectively. 

Runge-Kutta  method  of  analysis  is  applied  to  solve  the 
Eqn  11.  We  choose  a  time  interval  0  to  0.5  seconds,  and  divide 
it  into  a  sufficiently  small  step  to  achieve  converged  numerical 
results.  Table  1  shows  the  numerical  data  for  the  beam  with 
deployment  and  rotational  motion.  In  addition,  we  assume  that 
v,0  and  v20  are  equal  to  0,  but  v„  and  v2/  are  equal  to  7t.  Case 
Da  shows  the  relatively  slow  speed  of  deployment  as  compared 
with  the  case  Db.  And,  the  case  Ra  has  the  relatively  slow 
speed  of  rotation  with  respect  to  Rb. 


Table  1  Motions 


Motion 

Case 

a0(m) 

a,(m) 

co„(rad/s) 

co,  (rad/s) 

Deployment 

Da 

Db 

0.7 

0.7 

0.35 

0.7 

0 

0 

0 

0 

Rotation 

Ra 

0 

0 

0 

n/4 

Rb 

0 

0 

0 
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We  consider  the  cases  with  the  combination  of  deployments 
(Da  or  Db)  with  rotation  of  a  beam  (Ra  or  Rb).  Initial  condition 
for  the  tip  deflection  of  beam  is  chosen  as  0.01  m.  Fig.2  shows 
tip  deflection  of  beam  as  a  result  of  deployment  Da  with 
simultaneous  motion  of  rotation  Ra  without  the  translational 
motion  of  a  body.  Results  indicate  that  the  tip  deflection  and 
the  period  of  vibration  is  increased  due  to  the  deployment  of 
the  beam. 


-0  01 


\/  1  ! 

i  I 


Fig.2  Deflection  of  Beam  without  Translational  Motion 
(  Da  and  Ra  ) 

Fig.3  shows  tip  deflection  of  beam  as  it  is  moved  with  the 
velocity  n  under  the  motion  Da  and  Ra.  For  the  translational 
motion  of  a  body  given  as  n,  the  tip  deflection  has  no 
significant  difference  as  compared  with  Fig.2. 

Now,  we  study  the  relatively  fast  deployment  and  slow 
rotation  of  a  beam.  In  Table  1, these  are  Db  and  Ra  case.  Fig.4 
shows  the  tip  deflection  of  beam  without  translational  motion 
of  a  main  body,  and  is  almost  equal  to  Fig. 5  for  the  tip 
deflection  with  the  translational  motion  of  a  body. 

Fig.6  considers  the  results  for  the  relatively  fast  deployment 
and  three  cases  of  rotations.  In  this  analysis,  translational 
motion  of  the  main  body  is  included  also.  Coriolis  centrifugal 
force  effect  is  increased  due  to  the  increase  in  the  speed  of 
rotation,  and  the  un-symmetry  of  the  response  are  shown  to  be 
appeared. 
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Fig.3  Deflection  of  Beam  with  Translational  Motion 
(  Da  and  Ra ) 
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Fig.4  Deflection  of  Beam  without  Translational  Motion 
(  Db  and  Ra  ) 
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Fig.  5  Deflection  of  Beam  with  Translational  Motion 
(  Db  and  Ra  ) 
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Fig.6  Deflection  of  Beam  with  Translational  Motion 
(Db  and  Rb) 

Conclusions 

In  this  study,  we  use  the  non-Cartesian  coordinate  system  to 
describe  the  dynamics  of  beam.  Translational  motion  of  the 
main  body  is  included  or  not,  and  the  deployment  with 
rotational  motion  of  a  beam  is  studied,  in  detail.  The  results 
can  be  summarized  as  follows.  Coriolis  centrifugal  force  effect 
due  to  the  rotational  motion  of  a  beam  results  in  the 
increase  of  the  un-symmetry  of  the  vibration  pattern. 
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ABSTRACT 

An  effective  filter  structure  is  suggested  for  filtering  of  target 
glint  in  a  radar-guided  surface  to  air  missile  system.  The 
proposed  filter  has  decoupled  range  and  angle  channels  so  that 
it  has  a  sound  mathematical  basis  as  well  as  computational 
efficiency  as  applied  to  the  IMM  algorithm.  The  proposed 
algorithm  in  conjunction  with  CLOS  guidance  is  tested  by  a 
series  of  simulation  runs  and  it  is  shown  to  improve  system 
performance  in  a  target  glint  environment  by  preventing  high 
frequency  control  surface  fluctuations. 

I.  INTRODUCTION 

Glint  is  generated  by  changes  in  the  target  aspect  angle 
relative  to  the  radar  beam,  and  it  produces  target  angle 
fluctuations  that  render  degraded  guidance  performance.  The 
effect  of  glint  may  be  negligible  when  tracking  a  small  target  at 
a  long  distance,  however  the  effect  may  be  dominant  when 
tracking  a  relatively  large  target  at  a  short  distance.  Radar- 
guided  surface  to  air  missile  systems  employing  CLOS 
(Command  to  Line  of  Sight)  guidance  are  also  subject  to  target 
glint.  Since  the  CLOS  guidance  requires  multiplication  of 
missile  range  to  target  angle  in  the  error  compensation 
command,  the  effect  of  the  target  glint  on  guidance 
performance  becomes  severe  as  the  missile  gets  close  to  the 
target  at  the  final  engagement  phase.  The  guidance  commands 
generated  by  the  guidance  law  become  fluctuating  with  high 
frequency  and  large  amplitude  due  to  the  glint  noise.  The 
responses  of  the  fast  responding  actuators  on  board  the  missile 
to  the  guidance  commands  cause  high  frequency  control  surface 
fluctuations  which  not  only  increase  air  drag  but  also  consume 
actuating  resources  and  thus  result  in  degraded  system 
performance. 

Several  results  have  been  published  for  glint  noise  modeling. 
Among  them.  [1]  suggests  that  glint  noise  is  a  mixture  of  a 
Gaussian  noise  and  heavy-tailed  Laplacian  outliers.  The 
occurrence  probabilities  of  two  noises  are  different.  The 
interacting  multiple  model  (IMM)  algorithm[2]  with  two 
extended  Kalman  filters  (EKFs)  is  proposed  for  glint  noise 
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filtering  in  target  tracking  with  a  radar[3].  In  the  mode 
probability  update  process  of  the  IMM,  [3]  utilizes 
pseudomeasurements  obtained  by  converting  the  original 
nonlinear  measurements  into  linear  measurements.  However,  it 
is  known  that  the  mode  probability  update  of  [3]  lacks 
justification  due  to  the  assumptions  that  the  converted 
measurement  noises  are  uncorrelated  and  the  state  variables  and 
the  measurement  noises  are  independent.  A  modified  version  of 
the  channel-decoupled  filter  of  [4]  is  used  in  the  IMM 
algorithm  for  glint  noise  filtering  of  an  active  homing  missile 
system  in  [5].  System  dynamics  of  range  and  angle  channels  are 
linearized  with  the  state  estimates  of  the  other  channel. 
Measurements  are  linear  and  corrupted  by  the  original 
measurement  noises  in  this  model  so  that  the  unjustified 
assumptions  of  [3]  are  not  needed  in  the  mode  probability 
calculation. 

In  this  paper,  the  target  glint  filtering  used  in  [5]  is  applied  to 
CLOS  guidance  performance  improvement  for  a  radar-guided 
surface  to  air  missile  system.  Guidance  performance  with  the 
proposed  filter  structure  is  compared  with  conventional  filter 
structures. 

II.  SYSTEM  DESCRIPTIONS 
A.  CLOS  Guidance  Loop 

Consider  a  missile-target  geometry  depicted  in  Fig.  I  where 
the  target  with  velocity  Vr  and  the  missile  with  velocity  Vm 
are  tracked  simultaneously  by  a  differential  tracking  radar  and 
the  missile  is  guided  by  the  CLOS  guidance  law[6]. 


Y 


Fig.  1.  Missile-target  geometry  for  CLOS  guidance 
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The  tracking  radar  measures  the  noise-corrupted  angular 
difference  between  the  target  and  the  missile.  The 
measurements  are  fed  through  a  noise  filter  to  reduce  noise 
contribution.  A  static  filter  is  used  in  conventional  CLOS 
guidance.  The  CLOS  guidance  law  consists  of  the  error  angle 
compensation  command  to  locate  the  missile  on  the  center  of 
the  ground  tracker  LOS  and  the  feedforward  command  to 
generate  the  required  lateral  acceleration  under  the  assumption 
that  the  missile  stays  on  the  ground  tracker  LOS.  A  schematic 
diagram  of  the  CLOS  guidance  loop  is  shown  in  Fig.  2.  The 
error  compensation  command  is  generated  by  a  stabilizing 
controller  which  consists  of  phase  lead  and  lag  networks. 


Fig.  2.  CLOS  Guidance  Loop 


B.  Glint  Model 


The  radar  measurements  contain  target  glint  and  radar  thermal 
noises.  Effect  of  the  thermal  noise  on  the  CLOS  guidance  is  not 
significant  compared  with  target  glint  effect.  It  is  proposed  in 
[1]  that  the  heavy-tailed  behavior  of  the  glint  noise  is  more 
suitably  modeled  as  the  mixture  of  a  Gaussian  noise  with  high 
occurrence  probability  and  a  Laplacian  noise  with  low 
occurrence  probability.  The  probability  density  function  of  the 
glint  noise  can  be  written  as 


f(u)  =  (1  -e)  fK(u)  +  s  f({u)  (1) 


where  s  is  the  occurrence  probability  of  the  Laplacian  noise 
and  the  subscripts  of  the  function  / ,  g  and  /  stand  for 
Gaussian  and  Laplacian,  respectively,  i.e.. 
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Laplacian  parameter  77  is  related  to  the  Laplacian  noise 
variance  of  as  2  ;;2  =of  .  Spiky  character  of  the  glint  could  be 
properly  modeled  with  the  Laplacian  parameter  and  the 
occurrence  probability.  The  IMM  algorithm  using  two  EKFs  is 
proposed  in  [3]  to  filter  the  glint  noise  with  the  above 
characteristics. 


C.  Proposed  Filter  Structure 


A  modified  version  of  the  channel-decoupled  filter  of  [4]  is 
used  in  the  IMM  algorithm.  The  target  state  variables  defined  in 
the  polar  coordinates  can  be  constructed  from  r  and  6  of  Fig. 

1 .  The  state  vector  of  the  range'  channel  xr  is  composed  of 


r  ,  r  ,  and  Afr ,  target  acceleration  in  the  relative  range 
direction.  The  continuous  dynamics  employing  the  Singer 
model  for  target  acceleration  are  represented  as 
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where  (or  is  a  white  Gaussian  process  noise  with  zero-mean 
and  power  spectral  density  of  .  Note  that  is  the 
assumed  variance  of  the  target  acceleration  and  r  is  the 
correlation  time-constant  of  target  maneuver.  Similarly,  the 
angle  channel  dynamics  can  de  described  by 
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where  xg=(0,0,Ar)r,  ATq  represents  target  acceleration 
perpendicular  to  the  relative  range  direction,  and  a>e  is  a  white 
Gaussian  noise  with  zero-mean  and  power  spectral  density  of 

2Ttr\ 
at  • 

The  measurements  from  the  tracking  radar  are  noise-corrupted 
relative  range  and  angle  information  such  as 


and 


zr  -  H  xr  +  ur 


z0=H  X0  +  U0 


(5) 

(6) 


where  H  =  ( 1, 0, 0)  and  ur  and  U0  are  independent 
measurement  noises  and  each  noise  can  be  modeled  as  the 
mixture  of  a  Gaussian  noise  and  Laplacian  noise  satisfying  the 
probability  density  function  of  (1). 

For  glint  noise  filtering,  the  IMM  algorithm  [2]  is  applied  to 
each  channel  so  that  each  channel  requires  two  filters  based  on 
two  modes  of  operation:  one  with  a  Gaussian  measurement 
noise  ( M] )  and  the  other  with  a  Laplacian  measurement  noise 
(M2).  The  IMM  algorithm  proposed  in  [2]  consists  of  4  steps: 
interaction,  filtering,  mode  probability  update,  and  combination. 
The  detailed  IMM  algorithm  can  be  seen  in  [2]. 

Probability  of  =  2  at  t  =  k  can  be  obtained  from  the 

Bayesian  formula  as 

Pr(A//|Z*)  = 

2 

/<**  1  Mk-vzk-\)^’rJi  PlWLi  1  z*-i) 


]£/(**  I 1 1 z*- 1) 
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where  /ry/  is  the  transition  probability  from  Ml  at  t-k- 1  to 
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M  l  at  t  ~  k  .  The  probability  density  functions  of  the 
measurements  zr  of  (5)  and  -Q  of  (6)  conditioned  on  M] 
and  the  prior  observations  Z/c_ j  =  {z\,  Zk-])  needed  in 

the  mode  probability  update  process  can  be  obtained  as 


J(zg\M],Ze)j 


'  N(z,. ;  H  3Fj'\  H  PrmHr  +  a2  ' 
N(zg,H  x^\HP^Hr  +a2 


(8) 


where  the  subscript  k  and  k  - 1  indicating  the  time  step  are 
omitted,  and  a\'alo .are  variances  of  the  measurement  noises 
ur  and  vq  under  the  assumption  of  ,  respectively.  Note 
that  J(l)  and  H  P^H1  for  the  range  and  the  angle  channels 
represent  mean  and  variance  of  the  Gaussian  prior  under  M]  . 
The  convolution  of  the  Gaussian  prior  and  the  Laplacian 
measurement  noise  is  required  to  obtain  the  probability  density 
functions  of  the  measurements  zr  and  zq  based  on  A/2. 
After  some  work,  one  obtains  for  both  zr  and  ze  , 

f(z\M2,Z)  =  (9) 
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where  x \  and  a2  defined  as  Hx and  HP^H1 

representing  mean  and  variance  of  the  Gaussian  prior  calculated 
under  M  2  ,  and  G  is  the  standard  normal  distribution  function. 
The  above  result  can  be  used  for  the  both  range  and  angle 
channels  with  proper  parameters.  The  proposed  filter  uses  the 
original  measurements  which  are  linear  in  state  variables,  the 
mode  probability  update  algorithm  of  (7)  has  a  sound 
mathematical  basis  and  computational  efficiency  compared 
with  the  EKF  approach  of  [3].  The  EKF  approach  utilizes  the 
converted  pseudomeasurements  which  are  contaminated  by  the 
correlated  state  dependent  noises  so  that  the  mode  probability 
update  process  requires  the  unjustified  assumptions.  Moreover, 
it  requires  more  memories  and  computations  relative  to  the 
proposed  filter. 


III.  SIMULATION  RESULTS 


A  series  of  Monte  Carlo  simulation  runs  is  carried  out  to 
analyze  CLOS  guidance  performance  of  a  surface  to  air  missile 
system  in  a  target  glint  environment.  In  this  study,  performance 
of  the  IMM  algorithm  using  the  proposed  filter  structure  is 
compared  with  those  of  the  IMM  algorithm  using  two  EKFs 
[3.5]  and  a  single  conventional  filter. 

The  engagement  scenario  for  performance  evaluation  is 
established  according  to  Fig.  1.  The  initial  position  of  the  target 
assumed  to  fly  straight  with  a  constant  speed  VT  =35\m/s  is 
set  to  be  (l 2.000m.  4000m) .  The  radar  is  fixed  at  the  origin  of 
the  coordinate  system  and  the  missile  is  launched  from  the 
position  (10m.  0m)  with  the  initial  attitude  angle  of  23° .  The 
time  constant  of  the  missile  autopilot  in  Fig.  2  is  time  varying 
according  to  Mach  number.  Guidance  is  operating  at  40Hz. 

The  power  spectral  densities  of  the  process  noise  cor  and  coq 


of  (3)  and  (4)  are  calculated  with  Aj  =  i mis2  and  the  target 
maneuver  time  constant  r=5 (s) .  The  initial  probabilities  for 
and  M2  for  the  IMM  algorithm  are  0.8  and  0.2 
respectively,  while  the  mode  transition  probility  matrix  satisfies 

f  0.8  0.8] 


The  variances  of  the  Gaussian  measurement  noises  are 

=0 m)2  and  &lg  =(0.25 mradj1  ^  respectively  while  the 
variances  of  the  Laplacian  noises  are  25  times  larger  than  those 
of  the  Gaussian  noises. 

Fig.  3  shows  guidance  command  history  generated  by  using  a 
second-order  conventional  noise  filter  inside  the  CLOS 
guidance  loop  of  Fig.  2.  The  result  indicates  that  the  amplitude 
of  fluctuating  guidance  command  is  large  due  to  the  glint  noise. 
The  guidance  command  generated  by  using  the  IMM  algorithm 
with  the  proposed  filter  structure  is  depicted  in  Fig.  4.  It  shows 
that  the  effect  of  the  glint  noise  is  reduced  drastically  compared 
with  the  conventional  filter  case,  which  indicates  that 
unnecessary  guidance  command  has  been  removed  effectively. 
Since  surface  to  air  missiles  in  general  have  actuators  with  the 
bandwidth  of  40Hz  or  so  for  precision  CLOS  guidance,  the 
actuators  are  likely  to  respond  to  the  high  frequency  guidance 
command  and  generate  unnecessary  high  frequency  control 
surface  movement.  The  control  surface  movement  results  in 
consumption  of  electrical  power  or  gas  storage,  increase  of 
aerodynamic  drag  force,  and  adverse  effect  on  overall  system 
performance.  30  runs  of  Monte  Carlo  simulation  are  carried 
out  to  represent  such  effect.  Fig.  5  indicates  the  average  value 
of  time  integral  of  guidance  command  energy  of  the 
conventional  filter  case,  while  Fig.  6  is  for  the  proposed  filter 
case.  The  average  is  calculated  by  i-:[\gc  u)dt] .  It  can  be 
concluded  from  Figs.  5  and  6  that  the  proposed  filter  structure 
is  superior  in  energy  management  aspect  such  that  it  has  better 
system  performance.  It  turns  out  that  the  IMM  algorithm  with 
two  EKFs  has  similar  performance  to  the  proposed  filter 
structure  shown  in  Figs.  4  and  6  however,  the  computational 
requirements  are  heavier  than  the  proposed  filter  structure[3,5]. 
Table  1  is  a  summary  of  30  runs  of  Monte  Carlo  simulation 
carried  out  to  evaluate  the  guidance  performance  at  the  final 
engagement  phase.  The  results  indicate  that  the  IMM 
algorithms  have  similar  guidance  performance  with  prominent 
terminal  accuracy. 


TABLE  I 

Guidance  Performance  at  the  Final  Phase 


Filter  structure 

Miss  Distance 
(«) 

Variance 

(m2) 

Conventional  filter 

3.45 

15.21 

IMM  with  the  proposed  filter 

0.86 

0.16 

IMM  with  EKFs 

0.88 

0.12 
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Fig.  3.  Guidance  command  (conventional  filter) 
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Fig.  4.  Guidance  command  (proposed  filter) 
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Fig.  5.  Average  control  energy  (conventional  filter) 


An  effective  filter  structure  is  suggested  for  filtering  of  target 
glint  in  CLOS  engagements  of  a  radar-guided  surface  to  air 
missile  system.  Due  to  the  decoupled  range  and  angle  channels, 
the  proposed  filter  has  sound  mathematical  basis  and 
computational  efficiency  as  applied  to  the  IMM  algorithm. 
Monte  Carlo  simulation  in  a  target  glint  environment  indicates 
that  the  proposed  filter  generates  accurate  enough  guidance 
performance  at  the  final  engagement  phase  without  excessive 
consumption  of  power  resource  and  increase  of  aerodynamic 
drag  during  the  midcourse  compared  with  a  conventional  filter. 
Though  the  IMM  algorithm  with  the  EKFs  has  similar  guidance 
performance,  the  proposed  filter  structure  is  more  efficient  in 
computational  procedures. 
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ABSTRACT 

In  this  paper,  a  new  filter  structure  is  suggested  for 
estimating  radome  slope  in  active  homing  engagements  of  an 
anti-air  missile.  Incorporating  the  IMM  algorithm  with  a 
suboptimal  filter  to  estimate  radome  slope  and  target  states 
produces  an  estimation  scheme  that  reduces  the  radome 
induced  miss  distance  effectively.  The  proposed  filter  in 
conjunction  with  proportional  navigation  guidance  is  tested  by 
a  series  of  simulation  runs. 

1 .  INTRODUCTION 

In  this  paper,  a  study  is  carried  out  to  improve  the  miss 
distance  induced  by  radome  slope  when  tracking  targets  with 
microwave  seekers.  The  radome  slope  may  severely  affect  the 
tracking  accuracy  when  it  together  with  body  rates  are 
coupled  into  the  LOS(line  of  sight)  angular  rates  measured  by 
the  on-board  seeker.  Since  typical  homing  guidance  such  as 
proportional  navigation  guidance(PNG)  makes  direct  use  of  the 
target  LOS  angular  rates,  reduction  of  radome  induced  miss 
distance  has  attracted  many  researchers  in  the  field  to  improve 
guidance  performance.  Miss  distance  and  sensitivity  analyses 
for  the  radome  slope  were  investigated  in  [1]  for  various 
conditions  for  nonlinear  missile  systems.  Seeker  dynamic 
modeling  including  the  radome  slope  was  concisely  explained 
in  [2].  As  the  radome  error  can  neither  be  precisely  measured 
nor  predicted.  [3]  tried  to  solve  these  problems  with  designing  a 
multiple  model  adaptive  estimator[4].  [3]  assumed  that  the 
radome  slope  could  take  any  of  N  possible  discrete  values  in 
the  multiple  model  approach.  However,  it  is  found  that  the 
radome  slope  can  not  be  estimated  with  the  method  proposed  in 
[3]  unless  the  true  target  LOS  angle  is  known,  which  is 
impossible  in  actual  homing  engagements  rather  than 
laboratory  applications.  The  problem  arises  due  to  the  lack  of 
system  observability. 

A  new  approach  using  interacting  multiple  modeI(IMM)[5] 
is  proposed  in  this  paper.  In  the  proposed  algorithm  states  of 
filter  dynamics  are  composed  of  relative  position,  velocity  and 
target  acceleration,  unlike  those  of  [3]  where  seeker  dynamics 
was  used  in  the  filter  model  to  estimate  the  radome  slope.  It  is 
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conceived  that  target  information  measured  from  a  ground 
radar  such  as  a  multifunction  array  radar  is  sent  to  the  missile  at 
a  relatively  low  sampling  frequency  to  help  out  the 
observability  problem.  The  ground  radar  information  is  used 
only  in  the  mode  probability  update  of  the  IMM  algorithm. 

The  proposed  filter  algorithm  in  conjunction  with  PNG  is 
tested  for  effectiveness  by  a  series  of  Monte  Carlo  simulation 
runs. 

2.  SYSTEM  DESCRIPTIONS 

2.1  Seeker  Model 

Consider  the  missile-target  engagement  geometry 
depicted  in  Fig.  1,  where  the  target  is  tracked  by  an  active 
seeker  on  board  the  missile.  It  denotes  missile  attitude 
angle  as  Om  ,  seeker  gimbal  angle  as  6g  ,  and  target  LOS 
angle  as  X . 


Fig.  1  Missile-target  engagement 

The  radar  wave  is  refracted  by  the  radome  and  the  target 
appears  to  be  displaced  from  its  true  position  by  the 
refraction  angle  0R  .  The  refraction  angle  varies  with 
missile  gimbal  angle.  Guidance  command  Am<  using  PNG 
is  expressed  as 

Amr  =  N  VCX  (1) 

where  N  is  the  navigation  constant  and  Ve  is  the  closing 
velocity.  In  this  study,  it  is  assumed  that  the  transfer 
function  from  A  to  achieved  missile  lateral  acceleration 
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Am  is  second-order  characterized  by  the  natural  frequency 
and  the  damping  ratio.  The  relation  between  6m  and  the 
flight  path  angle  y  is  expressed  as 

9m  =  (1  +  A  s)y,  (2) 

where  A  is  the  time  constant  for  incidence  lag  of  which 
the  value  is  large  for  missiles  with  small  control  surfaces 
and  for  high  altitude  engagements.  Fig.  2  shows  a  block 
diagram  of  second-order  seeker  dynamics  including  the 
radome  slope  Ra  . 


Fig.  2  Block  diagram  of  seeker  dynamics 


2.2  Proposed  Filter  Structure 

In  this  study,  filter  states  are  composed  of  relative  position, 
velocity  and  target  acceleration,  and  the  Singer  model[6]  is 
used  for  unknown  target  maneuver  model.  The  proposed  filter 
can  estimate  both  radome  slope  and  state  variables  needed  in 
computing  guidance  commands.  The  filter  dynamic  model  is 
represented  as 

x{t)=A  x{t)  +  B  Am(t)  +  Dw(t ),  (3) 

*(0  =  (*(/). ^(0^(0, yU\Ar  (t),Ar  (t))1 ,  (4) 
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where  Am  is  the  missile  acceleration  vector,  the  process  noise 
w(t)  =  {wx,wv)r  is  a  white  gaussian  noise  vector  with  zero- 
mean  and  power  spectral  density  of  2  t(JAj  2  I2.  The 
measurements  from  the  active  seeker  at  time  t  =  k-At 
composed  of  the  noise-corrupted  missile-target  relative  range 
and  the  LOS  angle  can  be  expressed  as 


( 

ZR 

<Z9  Jk 


fx 


2 +/  +v 


tan -'Z-+Ra(0g-dm)+ve 


Jk 


(6) 


where  v/  and  v/  are  zero-mean  white  gaussian  noises  with 
variances  of  a /  and  cr#  ,  respectively.  The  superscript  's' 
denotes  that  the  quantity  of  the  measurements  is  from  the  on¬ 
board  seeker.  To  deal  with  the  nonlinear  measurement  equation, 
the  suboptimal  filter  of  [7]  is  used  in  this  paper.  A  filter  bank 
composed  of  several  suboptimal  filters  is  applied  to  the  IMM 
algorithm[5]  to  estimate  radome  slope  and  the  target  state 
variables.  The  interacting  step  of  the  /  th  suboptimal  filter 
based  on  the  i  th  mode  H'  assuming  that  the  magnitude  of 
radome  slope  is  Rj  satisfies 

Z  H-i 71  t]  Put-i 

*1- 1  =J±N - - -  (?) 

IX  Pf/-  ’ 

J= l 


pj  _  J- 1 
rk- 1  “ 


Z  ( A-i  +H-,  xU)*v  Ptf-i 


Z^yPrt-i 

X! 


(8) 


where  Pr/  j ,  j  =  1,2, is  the  mode  probability  of  the 
mode  Hj  at  t  =  (k-\)  At ,  and  ntj  is  the  transition 
probability[5]  from  the  mode  HJ  at  t  =  (k-\)- At  to  the 
mode  H'  at  t  -  k  •  At ,  and  Jcj_,  and  P'k_ ,  are  the  updated 
estimates  and  the  updated  covariance,  respectively.  The 
propagation  step  of  the  i  th  suboptimal  filter  is  expressed 
as 


xl  -0(At)xk_,  +  T(At)Am , 

^=<D(A0p;_,<i>(A07+a, 


(9) 
(10) 

where  <t>(A/)  and  T(A t)  are  the  state  transition  matrix  and 
the  input  matrix  obtained  from  the  continuous-time  dynamics 
of  (3)-(5)  with  the  sampling  interval  At .  x[  and  Pk‘  are  the 
predicted  estimates  and  the  predicted  covariance.  It  is  assumed 
that  the  range  measurement  is  not  affected  by  the  radome  slope 
in  (6).  The  unbiased  measurements  used  in  the  i  th  suboptimal 
filter  based  on  the  hypothesis  Ra  -  Rj  are  obtained  as 


zes-Rj(6g-em) 


tan 


V*2  +y2  +v/ 

-'y +(Ra-R‘)(6s-em)+v; 


(id 


The  updated  step  of  the  i  th  suboptimal  filter  is  expressed  as 


x[  =xl+Mr(xl)A (12) 
H  =(I-KltH)P‘(I-K'kH)r  +  KiRtK? ,  (13) 
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(24) 


K't  =  P‘Ht(HP'Ht  +  Rt‘  Y' ,  (14) 


where  H  =  (I2. 0,0).  Rk'  =  diag(<rR2 ,{xk'2  +  yf)  <r/2) , 

and  the  pseudomeasurement[7]  used  in  the  i  th  suboptimal 
filter  is  obtained  by  transforming  (1 1)  as 

Yk‘=(z/  cos  Z/,Z/  sinZ/)r .  (15) 


The  coordinate  transformation  matrices  m(x‘t)  and  M(x[)  in 
(12)  are  expressed  as 


m(x't )  = 


f  cost?,'  sin  8 1 ' 
-sin#/  cos#/^ 


M (x[ )  =  diag(m(x'k  \m(x[  )M4  )) 

( 

Oj  = tan 


(16) 

(17) 

(18) 


In  order  to  estimate  the  target  state,  the  total  probability 
theorem  is  used  to  combine  the  estimated  values,  x[  ’s, 
*  =1,2,  •••,  A/  from  the  suboptimal  filter  bank  such  as 


(19) 


It  is  shown  that  the  system  described  with  the  dynamic 
equation  of  (3)  and  the  measurement  equation  of  (6)  for  radome 
slope  estimation  is  not  observable  due  to  the  lack  of  system 
observability.  In  this  study,  this  observability  problem  is 
avoided  by  introducing  low  frequency  target  position 
information  from  a  ground  radar.  The  low  frequency  ground 
radar  information  is  used  only  in  the  mode  probability  update 
step  and  the  mode  probability  for  each  mode  calculated  with 
the  ground  information  is  kept  constant  in  the  other  steps  of  the 
IMM  algorithm  until  the  next  ground  information  is  available. 
This  implies  that  the  mode  probability  update  step  is  calculated 
with  low  frequency  ground  radar  information  and  the  other 
steps  are  still  processed  with  the  high  frequency  seeker 
information.  If  the  ground  information  zk  is  available  at 
t  =k-At .  the  mode  probability  for  the  mode  H'  is  updated 
from  the  Bayesian  formula  as 

Pr;  =  - J-N -  (20) 

IP'(2<S)Z^Pr/-i  , 

»>=!  n=l 


where  p'(-tK)  is  calculated  as 


P'  (-'/)  = 

2*  I V  r  exp(~I(i^  -  ^  )rm(x‘t)TSr'm(xl)(Y*  - Hx[ )j , 

(21) 

S'  =  HP'Hr  +  V .  =  diag(cxR*\(xl2  +K2)  ct/)  ,  (22) 

^ k  =(z/i '  cosz^, sin zdg )k  .  (23) 

Note  that  the  superscript  ’  g  ’  implies  that  the  quantity  is  from 
the  ground  radar.  The  estimated  radome  slope  and  its 
covariance  are  obtained  by  using  the  total  probability  theorem 
as 


K=TK  Pr; 

VlWTpr I-Rjj- 

1=1 

The  flow  chart  of  the  proposed  algorithm  is  depicted  in  Fig.  3. 


target  state  estimates 


Fig.  3  Flow  chart  of  the  proposed  algorithm 


3.  SIMULATION  RESULTS 

The  radome  slope  estimation  filter  and  the  PNG  of  the 
previous  section  are  placed  in  cascade  to  form  a  closed-loop  to 
carry  out  a  series  of  Monte  Carlo  simulation  runs  in  order  to 
analyze  performance  of  the  proposed  filter  in  the  terminal 
phase.  The  missile  used  in  this  planar  engagement  study  has  an 
speed  of  500m /sec,  and  the  target  has  a  constant  speed  of 
180 m/sec.  Initial  inertial  positions  of  the  missile  and  the 
target  are  set  to  be  (0.  m  ,  0.  m  )  and  (10000  m,  7000  m). 
Guidance  commands  are  limited  within  200m /sec2,  and 
guidance  and  filter  are  operating  at  40Hz  which  is  the  sampling 
frequency  of  a  missile  on-board  seeker,  and  mode  probability 
update  step  is  calculated  at  5Hz.  Guidance  and  filter  parameters 
used  in  this  study  are  listed  in  table  1,  and  the  time-varying 
radome  slope  is  assumed  to  satisfy 

R.  =  0.05sin(0.05/) .  (25) 

With  the  above  scenario  and  the  radome  slope  error,  a 
simulation  study  is  carried  out  for  the  active  homing 
engagement.  Fig.  4  shows  missile  and  target  trajectories 
generated  from  the  active  homing  guidance  utilizing  the  target 
state  estimates  of  the  single  suboptimal  filter  based  on  the 
assumption  of  no  radome  slope  error,  while  Fig.  5  shows  the 
results  with  the  proposed  target  state  estimation  method.  The 
result  of  radome  slope  estimation  is  shown  in  Fig.  6  for  which 
the  following  radome  slope  mode  set  is  used  :  {Ra'}  = 
{-0.05,  -0.025,  0,  0.025,  0.05} .  Table  2  is  a  summary  of  15 
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runs  of  Monte  Carlo  simulation  carried  out  to  evaluate  the 
performance  of  the  proposed  filter  structure  at  the  final 
engagement  phase.  It  can  be  seen  that  the  IMM  algorithm  with 
the  proposed  filter  structure  gives  superior  guidance 
performance  at  the  final  engagement  phase  over  the  single 
suboptimal  filter  in  the  presence  of  the  radome  slope. 


Table  1 .  Missile  and  filter  parameters 


PNG 

Au  =NVck  N  =  4 

autopilot  transfer 
function 

w2  wn2  =  \5rad/sec 

s2  +  2£wns  +  wn2  ,£  =  0.6 

pitch  dynamics 

0m=(\  +  A  s)X  A  =  10 

power  spectral 
density 

2 tga  \  r  =  15(sec),  aA}  =2(m/sec2) 

seeker 

T  =  0.106,  K  =  100 

noise 

a/  =  2(m)  ,  00'  =  0.002 (rad) 

0/  =  2{m)  ,  0/  =  0.002(rad) 

Fig.  6  radome  slope  estimation 


Table  2.  Results  of  Monte  Carlo  simulation  runs 


Iter  structure 
miss  distance^^--^_ 

single 

suboptimal  filter 

IMM  with 
suboptimal  filter 

mean 

30(m) 

0.8(m) 

variance 

11.6  (m2) 

0.09(m2) 

Fig.  4  Missile  and  target  trajectories  with  the  single  filter 
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Fig.  5  Missile  and  target  trajectories  with  the  proposed  filter 


4.  CONCLUSIONS 

An  effective  filter  structure  is  proposed  here  for  the  radome 
slope  estimation  in  active  homing  engagements  of  an  anti-air 
missile.  The  IMM  algorithm  with  suboptimal  filter  structure  is 
tested  by  a  series  of  Monte  Carlo  simulation  runs  along  with  a 
single  suboptimal  filter  to  evaluate  the  guidance  performance. 
The  results  indicate  that  the  proposed  algorithm  gives  superior 
guidance  performance  over  the  single  suboptimal  filter  at  the 
final  engagement  phase.  Target  information  measured  from  a 
ground  radar  such  as  a  multifunction  array  radar  is  sent  to  the 
missile  at  a  relatively  low  sampling  frequency  and  used  in  the 
mode  probability  update  step  only  to  help  out  the  observability 
problem  associated  with  the  radome  slope  estimation.  The 
results  show  that  miss  distance  is  drastically  decreased  with  the 
proposed  filter. 
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ABSTRACT 

Avoiding  collisions  between  the  Unmanned  Aerial 
Vehicles  (UAVs)  and  the  manned  aircraft  in  the  same  flight  space 
requires  accurate  information  on  the  relative  position  and  attitude 
between  the  vehicles.  An  innovative  Low  Probability  of 
Intercept  relative  positioning  technology  using  a  GPS  carrier 
phase  is  developed  to  carry  out  such  missions.  UAV 
determines  the  precise  relative  position  with  respective  to  the 
manned  aircraft  based  on  the  observable  extracted  from  the  direct 
GPS  and  GPS-like  signals  (which  is  of  Low  Probability  of 
Intercept)  transmitted  by  a  transponder  on  the  manned  aircraft. 
All  features  of  the  GPS  signal  are  maintained  on  the  transmitting 
GPS-like  signal,  such  as  the  C/A  code  modulation,  P  code 
modulation,  navigation  information  modulation,  etc.  To  improve 
accuracy,  a  faster  code  and  carrier  phase  frequency  (Ka-band 
frequency)  is  used  in  GPS-like  signal. 

1.  INTRODUCTION 

Unmanned  Aerial  Vehicles  (UAVs)  operate  as  terms  with 
manned  airborne  system  in  the  same  general  airspace  and  are 
required  to  perform  many  potential  missions,  such  as  surveillance, 
targeting,  complex  navigation,  vision  tasks,  etc.  and  must 
accommodate  input  from  multiple  sources  including 
person-in-the-loop  tasking.  Safety  of  the  manned  aircraft  and 
the  UAVs  is  of  paramount  importance  in  all  airspace 
environments.  Avoiding  collisions  between  the  UAVS  and  the 
manned  aircraft  in  the  same  flight  space  is  the  basic  necessity  for 
autonomous  operations.  Many  current  collision  avoidances  are 
active  systems  requiring  some  form  of  specialized  signal  output 
to  serve  as  part  of  warning  system  and  or  require  a  continuous 
line  of  sight  between  platforms.  Use  of  active  sensors  such  as 
radar  or  laser  ranges  are  not  desirable  due  to  their  significant 
power  requirements  and  the  difficulty  in  conducting  convert 
missions.  Therefore,  some  researcher  proposed  to  exploit  on 
board  passive  eletro-optical  (EO)  sensors  such  as  convention  TV 
camera  and  infrared  imaging  device  to  estimate  the  orientation, 
range  and  range  rate  relative  to  the  manned  aircraft  [1]. 
Unfortunately,  an  EO  sensor  does  not  have  all-weather  capability. 
Its  capability  is  affected  by  weather,  time  of  day,  etc. 

This  paper  is  to  investigate  the  feasible  systematic 
structure  for  the  precise  manned  aircraft-UAV  relative 
positioning  (MURP)  technology  using  a  GPS  carrier  phase,  in 
which  its  power  radicalization  is  of  Low  Probability  of  Intercept 
and  navigation  information  is  required  between  the  manned 
aircraft  and  the  UAV.  Of  course,  duo  to  the  data  link  required 
between  UAV  and  the  manned  aircraft,  GPS  is  not  passive.  GPS 
techniques  offer  some  promising  method  to  sense  the  relative 


positioning  between  spacecraft  [2,  3].  In  this  paper  the 
aircraft-UAVs  relative  positioning  configuration  performs 
autonomous  positioning  processing  on  UAVs,  and  determines  the 
precise  relative  position  with  respective  to  the  manned  aircraft, 
based  on  the  obsevables  extracted  from  the  direct  GPS  and 
GPS-like  signals  (which  is  of  Low  Probability  of  Intercept) 
transmitted  by  a  transponder  on  the  manned  aircraft.  An 
additional  GPS  antenna  located  on  the  manned  aircraft  receives 
the  visible  GPS  satellite  signals.  These  signals  are  transmitted 
through  a  transmitting  antenna  after  a  carrier  frequency  shift 
procedure.  All  features  of  the  GPS  signal  are  maintained  on  the 
transmitting  GPS-like  signal,  such  as  the  C/A  code  modulation,  P 
code  modulation,  navigation  information  modulation,  etc.  On  the 
UAVs,  a  corresponding  receiver  antenna  is  used  to  receive  the 
GPS-like  signals  from  the  manned  aircraft.  Then  an  inverse 
carrier  frequency  shift  is  made  on  the  UAVs  to  retrieve  the  signal 
transmitted  by  the  manned  aircraft.  The  retrieved  signal  carry  the 
manned  aircraft’s  position  and  velocity  information,  which  can 
be  solved  on  the  UAVs  (As  shown  in  Figure  1).  While  the  UAV 
receives  the  signals  directly  from  the  GPS  satellites,  the  UAV  can 
determine  its  position  and  velocity  based  on  these  direct 
measurements.  Furthermore,  carrier  phase  differential  processing 
can  be  executed  on  the  UAV  to  get  the  precise  relative  position 
between  the  manned  aircraft  and  UAV. 


Figure  1.  GPS  relative  positioning  between  manned 
aircraft  and  UAV. 

2.  DCP-GPS  FOR  RELATIVE  STATE 
DETERMINATION 

The  objective  of  this  section  is  to  establish  and  motivate  the 
data  processing  procedure  for  two  aircraft  using  differential 
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phase.  The  result  is  to  establish  communication  requirements  and 
data  processing  requirement  beyond  the  integer  resolution 
problem  independently  discussed  in  next  section. 

Assuming  the  GPS  signals  received  by  the  manned  aircraft 
are  transmitted  without  delay,  the  GPS-like  signal  received  by  the 
UAVs  can  be  represented  as  in  Figure  1 . 

pL=ri+dsm  (O 

where  pJsm  is  the  pseudorange  corresponding  to  the  j  th  GPS 

satellite  signal  reflecting  from  the  manned  aircraft;  r ^  is  the 
geometrical  distance  between  the  manned  aircraft  and  the  j  th 
GPS  satellite;  dsm  is  the  geometrical  distance  between  the 
manned  aircraft  and  the  UAV. 

In  equation  (1),  pJsm  can  be  derived  by  the  GPS 

receiver  on  the  UAV  after  a  GPS  signal  retrieving  procedure,  and 
the  GPS  satellite  position  can  be  determined  through  the 
extracted  ephemeris.  So  there  are  four  unknowns  in  equation 
(1),  the  3-dimensional  coordinates  (x,  y,  z)  of  the  manned  aircraft 

and  the  relative  distance  dsm  between  the  manned  aircraft  and 

the  UAV.  The  four  unknowns  can  be  computed  immediately 
assuming  visibility  to  four  satellites  observed  simultaneously  by 
the  GPS  antenna  on  the  manned  aircraft.  If  the  receiver  clock  bias 
is  introduced  in  equation  (1),  one  more  satellite  will  be  required 
for  real-time  positioning.  Equation  (1)  represents  the 
manned-UAV  relative  positioning  algorithm. 

Similarly,  the  velocity  of  the  manned  aircraft  and  the  relative 
velocity  between  the  manned  and  the  UAV  can  be  determined 
through  the  Doppler  shift  measurements.  Time  differentiation  of 
the  equation  (1)  gives  as 

p{m-=rL  +d,m  (2) 

r  sm  m  sm  v  ' 


antenna 


(b).  Master  subsystem 

Figure  2.  Prototype  manned  aircraft-UAVs  relative  Positiong 
system 

The  master  subsystem,  which  consists  of  the  GPS  antenna, 
the  Ka-band  transmit  system  and  the  Ka-band  transmit  antenna, 
is  to  receive  the  visible  GPS  satellite  signals,  shift  the  carrier 
frequency  up  to  the  Ka-band  and  retransmit  the  GPS  signal 

modulated  on  the  frequency  f0  .  The  GPS  signal  received  by  the 
antenna  is  given  by: 

s(d  =  i4C(i)Z)Ucos[(o)c  +  A  co)t  +  <J>0]  (3) 

where  A  is  the  signal  amplitude  in  V,  C(t)  is  the  PRN  code 
modulation  ( ±  ),  D(t)  is  the  50bps  data  modulation  ( ±  ), 
COc  is  the  carrier  phase  frequency  (  L}  or  Z2 )  in  rad/sec, 

A  CO  is  the  frequency  offset  in  rad/sec,  and  O0  is  the  nominal 
carrier  phase.  After  mixer  and  transmitter,  the  GPS  signal 
modulated  on  the  frequency  f0  can  be  represented  as 


where  pJsm  is  the  range  rate  corresponding  to  the  j  th  GPS 

satellite  signal  reflecting  from  the  manned  aircraft;  is  the 
range  rate  between  the  manned  aircraft  and  the  j  th  GPS  satellite; 
dsm  is  the  range  rate  between  the  manned  aircraft  and  the 
UAV. 

Two  subsystems  are  included  in  the  prototype  manned 
aircraft-UAV  relative  positioning  system.  One  is  the  master 
subsystem  that  will  be  located  on  the  manned  aircraft.  The  other 
is  the  slave  subsystem  that  will  be  carried  by  the  UAV,  as  shown 
in  Figure  2. 


(a)  slave  subsystem 


s(/)=  A  Am  C(/)Z)(/)cos[(<yc  +  co0  +  Aoj)t + <t>0]  (4) 

where  6)0  =  2%  fQ  and  Am  is  the  gain  of  the  transmit 

system.  By  comparing  equation  (3)  and  (4),  the  conclusion  is 
made  that  the  Ka-band  signal  given  by  (4)  encompasses  all 
messages  on  the  original  GPS  signal. 

The  slave  subsystem  consists  of  the  GPS  antenna,  the 
GPS  receiver,  the  Ka-band  receiver  system  and  the  MURP 
processing  unit.  The  GPS  antenna  and  the  GPS  receiver  are  used 
to  receive  directly  the  GPS  signals  and  extract  the  navigation 
messages  modulated  on  the  GPS  signals  and  the  raw  observable, 
such  as  the  code  pseudoranges,  carrier  phase  measurements  and 
Doppler  shifts, etc. 

The  Ka-band  antenna  and  the  receiver  are  aimed  to  retrieve 
the  GPS  signal  from  the  Ka-band  signal  given  by  (4).  A  GPS 
receiver  in  the  MURP  processing  unit  is  used  to  provide  the  raw 
observable  from  the  retrieved  GPS  signal.  In  the  MURP  unit,  the 
raw  measurements  from  the  direct  GPS  signal  and  the  retrieved 
GPS  signal  are  processed  by  the  MURP  algorithm  proposed  in 
this  paper  and  derive  the  navigation  messages  for  collision 
avoidance. 

The  mutual  relative  positioning  system  can  be  obtained  by 
combining  the  master  and  slave  subsystems  together  and  installed 
them  on  each  manned  aircraft  and  UAV  in  the  same  airspace.  In 
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this  way,  any  manned  aircraft  or  UAV  acts  as  master  and  slave 
subsystem.  In  the  case  of  a  manned  aircraft  and  a  UAV,  each 
aircraft  would  need  to  carry  three  comer-located  GPS  receiver 
antennas,  two  Ka-band  receiver  antennas  and  two  transmitter 
antennas  mounted  on  opposing  comers  (Figure  3).  The 
configuration  of  the  Ka-band  transmitter  and  receiver  antennas 
would  provide  full  sky  coverage  in  all  directions,  assuming 
hemispherical  fields  of  view  for  each  antenna.  The  three  GPS 
antenna  mounted  on  a  face  of  the  aircraft  provides  two 
independent  GPS  interferometer  to  determine  the  aircraft’s 
3-dimensional  attitude. 


GPS  antenna 


Ka-band  transmit  antenna 


Figure  3.  Configuration  with  a  total  of  seven  antennas. 


3.  INTEGER  AMBIGUITY  SEARCH 
ALGORITHMS 

This  section  outlines  two  schemes  for  determining  the 
initial  carrier  phase  integer  ambiguity.  The  first  scheme  was 
developed  by  Farrell  [4].  This  scheme  has  already  shown  success 
in  determining  relative  positions  to  less  than  2  centimeters  using 
a  static  base  station  and  a  rover.  The  second  scheme  is  based  on 
the  multiple  model  kalman  filter  (MMKF)  [5]. 

The  Farrell  scheme  uses  hypothesis  testing  and  least  squares 
techniques  to  determine  the  initial  integer  ambiguity.  The  scheme 
is  computationally  efficient  and  easy  to  implement.  The  process 
can  be  broken  into  four  steps. 

The  first  step  in  this  algorithm  is  the  formulation  of  the 
single  difference  measurements.  The  code  and  phase 
measurements  from  satellite  i  at  receiver  A  are  subtracted  from 
the  measurements  from  the  same  satellite  at  receiver  B.  The  result 
is  a  new  measurement  that  eliminates  the  common  mode  errors, 
such  as  selective  availability,  and  therefore  has  reduced  noise 
characteristics.  The  single  difference  code  equation  is  given  by 

Ap‘  =  A ,r‘  +  £-  A f  +  AMP'  +  A  77'  (5) 


The  single  difference  carrier  phase  equation  is  likewise 
given  by: 

/ 

A^U  +  AV^  =  ArJ — ^AIl  +mpl  +AJ31  (6) 

A 

where  p  is  the  measured  pseudorange  from  GPS  receiver  in 
meter;  f2  is  the  frequency  of  Lx  signal;  fx  is  the  frequency 

of  L2  signal;  Ia  is  the  Ionospheric  error;  MP  is  the  C/A 
code  multipath  error;  Tj  is  the  zero  mean,  Gaussian  random 

noise;  0  is  the  measured  carrier  phase  of  GPS  receiver;  N  is 
the  integer  number  of  wavelengths  from  satellite  to  the  receiver, 
considered  a  constant;  mp  is  the  carrier  phase  multipath;  /?  is 
the  zero  mean,  Gaussian  random  noise. 

The  second  step  in  this  algorithm  is  to  combine  Lx  and 

L2  measurements  from  both  code  and  carrier  phase  in  order  to 
determine  the  best  initial  estimate  of  the  integer  ambiguity.  Te 
recombination  of  the  measurements  makes  use  of  wide  lane  and 
narrow  lane  techniques.  Wide  lane  and  narrow  lane  are  simply  a 

linear  combination  of  the  Lx  and  L2  carrier  frequencies. 
The  wide  lane  measurement  wavelength  is  determined  for 
subtracting  the  Lx  frequency  from  the  L2  frequency.  The 
narrow  lane  wavelength  is  determined  from  adding  the  Lx 

frequency  to  the  L2  frequency. 

The  initial  integer  ambiguity  is  found  by  subtracting  the 
wide  lane  carrier  phase  measurement  from  the  narrow  lane  code 
measurement.  To  form  the  wide  lane  carrier  phase  measurement, 

multiply  both  the  Lx  and  L2  single  difference  carrier 

measurement  found  in  (6)  by  Aw  and  subtract  one  from  the 
other  to  get: 

(a^-a^K+^-aa^K 

(7) 

-  Ar  +  AI'  +  Afp 

where 

A4  =4t(A»ri,  +«,)-TL(AmpL  +#,) 

A  A2 

In  a  similar  fashion,  multiply  both  Lx  and  L2  single  difference 
code  measurements  found  in  (5)  by  Xn  and  subtract  one  from 
the  other  to  produce  the  narrow  lane  code  measurement: 


r  a p[  ^ 


V 

where 


A 


J 


\  -  A r  +  AI‘  +  Ay‘c 


(8) 


A  r‘c  =  t(a MP'  +  A  tj1  )+  A(a MP'2  +  ArfLi ) 


4 
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subtracting  (7)  from  (8)  and  rearranging,  produces 


V 


+ 


(9) 


.  =(A^ii-AA^i2K  +  Ar;  +  Ar' 

At  this  point,  the  true  range  and  ionosphere  error  has  been 
eliminated.  Only  one  unkown  is  left,  the  integer  ambiguity.  In 
addition,  the  dominant  code  multipath  error  is  attenuated 
resulting  in  a  total  error  variance  for  this  measurement  of  one 
meter.  Smoothing  for  a  short  period  of  time  will  produce  an 


initial  estimate  of  the  integer  ambiguity  defined  as  NQ  .  The 


unknown  integer  ambiguity  is  also  a  wide  lane  integer  that 
narrows  the  search  space  from  +/- 3  integer  on  each  satellite  only 
slightly  more  than  the  variance  of  measurement.  The  total  integer 
search  space  for  processing  data  from  four  satellites  is  4  raised  to 
the  7th  power,  or  2401 .  This  search  space  is  too  large  for  a 
residual  processor  to  monitor  all  the  possible  integers.  Therefore 
a  hypothesis  search  scheme  is  implemented  to  reduce  the  search 
space. 

The  third  step  is  the  hypothesis  test  algorithm  of  [4].  Two  key 
features  of  this  algorithm  produce  rapid  reductions  in  the 
hypothesis  search  space.  First,  the  single  difference  carrier  phase 
measurements  are  divided  into  primary  and  secondary 
measurements.  The  primary  set  consists  of  the  four  measurements 
providing  the  best  GDOP.  The  secondary  set  must  consist  of  at 
least  two  more  measurements.  For  a  given  hypothesis  on  primary 
set,  the  primary  measurements  are  used  to  produce  an  estimate  of 
the  current  state.  This  state  is  then  used  to  form  a  resulting 
estimate  on  the  integer  ambiguity  of  the  secondary  set.  If  this 
ambiguity  is  outside  the  hypothesis  search  space  for  those 
measurements,  or  the  residual  formed  does  not  meet  the 
Chi-Square  test,  the  initial  hypothesis  in  immediately  rejected. 

The  second  feature  of  the  search  scheme  artificially  sets  the 
initial  integer  hypothesis  on  he  first  primary  measurement  to  zero. 
The  direct  result  is  that  all  of  the  other  integers  and  the  clock  bias 
estimate  of  the  state  are  bias  by  the  unknown  integer.  Indirectly, 
the  hypothesis  search  space  for  four  satellites  is  reduced  from  4 
to  7th  power  to  3  to  7th  power  because  the  scheme  no  longer 
needs  to  search  the  first  integer.  The  initial  integer  may  be 
recovered  through  smoothing  the  clock  bias  after  the  integer 
ambiguity  (bias  by  the  initial  integer)  is  determined. 

In  the  fourth  step  after  the  search  space  has  been  reduced,  a 
residual  processor  processes  the  measurements  for  each 
remaining  hypothesis  over  time.  The  residual  error  is  given  by: 


e(k)  =  A.(A0{k)+No  +  NH)-WAx{k)  (10) 


where  N H  represents  the  current  hypothesis.  The  residual  with 

the  correct  hypothesis  will  tend  toward  zero  with  time.  If  none  of 
the  residuals  converge  in  a  set  period  of  time,  the  entire  process 
is  re-initialized  starting  with  the  determination  of  a  new  initial 

N0  from  equation  (9).  As  stated  previously,  this  algorithm  is  a 
nonlinear  search  algorithm. 

Another  algorithm  is  the  multiple  model  adaptive  kalman 
filter.  The  MMKF  is  based  on  the  kalman  filter  where  its 
hypothesized  parameters  are  modified  at  each  update  stage  as  an 
expected  value  in  which  the  probabilities  used  in  the  expected 


value  are  the  probabilities  of  each  hypothesis,  conditioned  on  the 
residual  history.  In  the  integer  resolution  problem  the 
hypothesized  integer  are  added  to  the  estimated  state  vectors.  The 
complication  in  implementing  the  MMKF  is  that  the  probabilities 
of  each  hypothesis,  conditioned  on  the  residual  history  and 
having  a  given  probability  of  transition,  must  be  generated.  For 
the  integer  resolution  problem  that  means  about  343  of  these 
probabilities  are  generated  and  represents  a  substantial 
computation  burden.  The  structure  of  the  MMKF  is  given  in  [5]. 

An  important  aspect  of  reducing  the  computational  burden  is 
that  the  initial  set  of  hypothesis  can  be  made  sparse  so  that  the 
number  of  probabilities  to  be  generated  can  be  substantially 
reduced.  It  is  shown  that  if  certain  conditions  are  satisfied  and 
if  the  true  hypothesis  is  not  in  a  sparse  set,  then  the  probability  of 
a  hypothesis  will  converge  to  the  hypothesis  in  the  sparse  set 
closest  to  the  true  hypothesis  within  a  given  information  metric. 
This  means  that  once  convergence  to  a  hypothesis  in  the  set  is 
obtained,  the  set  of  hypothesis  can  be  made  finer  in  the  vicinity 
of  converged  hypothesis.  This  process  continues  until  there  are 
no  hypotheses  not  included  in  the  set  in  the  region  of  interest. 

A  nice  feature  of  this  structure  is  that  once  convergence  to  the 
true  hypothesis  has  been  obtained,  the  probability  generation 
should  remain  operable  for  a  small  set  about  the  current 
hypothesis  to  monitor  possible  cycle  slips.  The  probability 
generator  remains  sensitive  to  hypothesis  changes  since  the 
probability  of  transition  from  one  hypothesis  to  another  is 

assumed. 


4.  CONCLUSIONS 

This  paper  presents  an  innovative  application  of  GPS 
technology  for  UAV  collision  avoidance.  Two  methods  are 
suggested  for  solving  the  integer  ambiguity  problem.  The  Farwell 
method  uses  hypothesis  testing  combined  with  least  squares 
processing  to  determine  the  initial  integer  values.  A  second 
method  uses  the  MMKF  to  estimate  the  integers.  In  order  to  test 
these  algorithms,  a  computer  architecture  based  on  the  PC  bus 
and  commercial,  off-the  shelf  components  will  be  constructed. 

Future  work  will  also  expand  the  GPS  to  combine 
differential  carrier  phase  GPS  and  an  INS  system  for  relative 
positioning  application  in  UAV  collision  avoidance. 
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Abstract 

The  Bell/Agusta  Aerospace  Company  BA609  civil 
tiltrotor  aircraft  is  being  developed  as  a  private  corporate 
joint  venture.  This  precedent-setting  program  is  expected 
to  be  the  first  powered-lift  category  VTOL  aircraft  to  be 
certified  for  civilian  and  commercial  operation.  This  pa¬ 
per  deals  initially  with  the  product  definition  phase.  A 
new  precedent  will  also  be  set  by  the  certification  of  the 
BA609,  and  the  paper  describes  the  evolution  process  to 
develop  a  basis  for  certification.  The  main  body  of  the 
paper  contains  an  overview  description  of  the  design  with 
commentary  about  specific  design  issues  that  shaped  the 
configuration.  (Many  of  the  details  here-in  are  extracted 
and  revised  from  an  earlier  paper,  Ref.  13).  This  discus¬ 
sion  concludes  with  an  overview  of  expected  BA609  ve¬ 
hicle  weight  and  performance  capability  addressing  the 
specifics  of  typical  missions  in  offshore,  corporate,  and 
search-and-rescue  mission  scenarios.  Elements  of  sup- 
portability  are  included,  and  the  paper  concludes  with  a 
comment  stating  target  BA609  program  milestones, 
summary  and  conclusions. 

Introduction 

Over  sixty  years  of  painstaking  research  and  development 
has  resulted  in  the  capability  to  bring  the  BA609  civil 
tiltrotor  to  the  commercial  marketplace.  In  the  75th  Wil¬ 
bur  and  Orville  Wright  Lecture  given  by  Dr.  Hans  Mark 
(Ref.  1)  and  subsequently  in  an  article  (Ref.  2),  a  descrip¬ 
tion  of  that  development  is  provided.  The  first  tiltrotor 
design  studies,  called  the  Baynes  Heliplane,  were  con¬ 
ducted  in  Great  Britain  in  1937.  A  German  development 
was  started  during  the  Second  World  War,  the  Focke- 
Wulf  Achgelis  FA  269,  but  this  design  was  never  built  as 
a  flying  aircraft. 

The  first  flying  tiltrotor  was  the  Model  1-G  Converti- 
plane  built  by  Bob  Lichten  at  Transcendental  Aircraft 
Company  of  Pennsylvania.  Two  aircraft  were  built  and 
flown;  unfortunately,  one  of  them  crashed  and  the  finan¬ 
cial  resources  of  the  small  company  were  insufficient  to 
survive  it.  Bob  Lichten  went  to  work  for  Bell  and  was  a 
prime  mover  in  the  XV-3  (Ref.  2),  built  by  Bell  under 
contract  to  NASA  and  the  U.S.  Air  Force.  This  aircraft 
enjoyed  a  number  of  successes,  the  most  notable  of  which 
was  the  first  in-flight  complete  conversion  from  helicop¬ 


ter  flight  to  airplane  flight.  The  Bell  XV-3  performed  100 
successful  in-flight  conversions  during  flight  tests  in  the 
late  1950's.  The  flight  research  and  subsequent  full-scale 
wind  tunnel  work  in  the  NASA  Ames  40-ft  x  80-ft  wind 
tunnel  performed  with  this  aircraft  unearthed  a  stability 
problem  that  became  known  as  “whirl  flutter.” 

This  complex  dynamic  phenomenon  occurs  when  the 
forces  and  moments  resulting  from  deflection  of  the  rotor 
elastic  modes  and  from  rotor  flapping  couple  with  the 
wing  elastic  modes  in  such  a  way  that  the  resulting  wing 
dynamic  deflections  aggravate  the  rotor  problem.  This 
phenomenon  occurs  at  high  speed. 

The  whirl  flutter  problem  delayed  tiltrotor  development 
about  twenty  years,  until  the  problem  and  solution  was 
understood.  During  this  time,  a  great  deal  of  analytical 
development  and  dynamic  wind  tunnel  testing  was  done 
to  understand  and  predict,  and  thus  design  around,  the 
problem.  Structural  dynamics  engineers  at  Bell,  Boeing, 
and  NASA  all  developed  analytical  codes  that  gave  simi¬ 
lar  results  and  were  shown  to  have  a  reasonable  degree  of 
correlation  with  model  test  results.  What  was  needed  was 
a  flying  aircraft  to  demonstrate  that  the  problem  was  truly 
understood  and  a  safe  tiltrotor  could  be  designed. 


Fig.  1.  The  V-22  Osprey  and  XV-15  tiltrotor  aircraft 


NASA  and  the  U.S.  Army  (and  later  the  U.S.  Navy), 
joined  forces  to  create  a  program  that  produced  the 
XV-15  Tiltrotor  Research  aircraft  (Fig.l&2).  Bell  Heli¬ 
copter  won  this  program  in  open  competition  in  1972,  and 
development  began  in  earnest.  The  success  of  this  vehi¬ 
cle  is  well  documented  (e.g.,  Refs.  3  to  9). 
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Fig.  2.  The  Bell  XV-15  tiltrotor  aircraft. 

In  1981,  the  XV-15  was  shown  at  the  Paris  Air  show,  and 
grabbed  the  attention  of  John  Lehman,  who,  at  the  time, 
was  Secretary  of  the  Navy.  The  ability  of  the  tiltrotor 
concept  to  allow  a  marine  force  to  launch  an  attack  onto 
the  beach  at  much  greater  distances,  thus  protecting  capi¬ 
tal  ships  from  land-based  missiles,  was  the  principle  upon 
which  the  JVX  program  (later  to  become  the  Osprey)  was 
started.  The  V-22  Tiltrotor  program  suffered  many  po¬ 
litical  setbacks,  but  the  Congress  and  U.S.  Military  Ser¬ 
vices  commitment  to  tiltrotor  technology  allowed  this 
remarkable  aircraft  (Fig.  1)  to  enter  into  initial  production 
in  1997.  MV-22  deliveries  have  begun  to  the  U.S.  Marine 
Corps  and  will  begin  with  the  US  Air  Force  soon. 

Yet  another  lesser-known  tiltrotor  aircraft  was  built  and 
flown  in  1995.  The  Bell  Eagle  Eye  (Ref.  10)  is  an  un¬ 
manned  air  vehicle  that  was  built  to  provide  a  true  ship¬ 
board-compatible  surveillance  capability  that  could  oper¬ 
ate  without  taking  up  the  valuable  runway  deck  of  a  car¬ 
rier  and  that  could  be  launched  without  assistance. 

It  is  apparent  that  the  BA609  (Fig.3)  is  no  overnight 
breakthrough.  It  rests  on  a  long  development  during 
which  many  technical  challenges  were  found  and  over¬ 
come,  and  a  great  deal  of  corporate  knowledge  was  stored, 
waiting  for  the  time  to  be  ripe  for  the  exploitation  of  this 
investment  in  technology  in  the  civil  transport  market.  In 
November  1998,  the  Bell/Agusta  Aerospace  Company 
was  formally  announced.  The  BA609  tiltrotor  program 
was  officially  launched  and  the  task  of  designing,  build¬ 
ing  and  certifying  the  world’s  first  civil  tiltrotor  was  un¬ 
derway. 

Certification 

One  of  the  immediate  questions  that  arose  when  we  ap¬ 
plied  to  the  FAA  for  a  certification  basis  was  “What  stan¬ 
dards  should  be  used?”  Clearly  the  Part  29  helicopter 
standards  were  insufficient  by  themselves,  and  so  were 
the  Part  25  airplane  standards.  It  was  also  equally  clear 


that  in  most  cases,  the  language  of  either  Part  25  or  Part 
29  was  in  fact  applicable  and  only  a  few  incidental  issues 
would  require  new  definitions.  In  order  to  facilitate  the 
process,  the  FAA  recommended  that  we  certify  under  Part 
21.17  (b),  “Special  Condition  Aircraft,”  and  that  wher¬ 
ever  possible,  we  should  incorporate  the  existing  Part  29 
and  Part  25  language,  since  the  supporting  material  in  the 
advisory  circulars  already  exists,  and  the  means  of  com¬ 
pliance  are  well  understood  by  both  ourselves  and  the 
regulatory  agencies.  For  the  most  part,  the  structural  and 
equipment  paragraphs  are  taken  from  Part  29  ,  however,  it 
is  in  the  operating  paragraphs  that  a  division  occurs. 
When  the  aircraft  is  operating  as  a  helicopter  in  hover  or 
low  speed  flight,  the  rules  from  Part  29  have  been 
adopted.  In  airplane  flight,  the  Part  25  rules  are  used.  An 
iterative  process  with  the  FAA  has  produced  a 


Fig.  3.  The  Bell/Agusta  BA609  civil  tiltrotor  aircraft. 

certification  basis  that  is  acceptable  to  the  FAA  and  is 
accepted  as  reasonable  by  the  design  team.  Other  coun¬ 
tries  will  follow  the  initial  U.S.  Certification  include  Italy, 
Canada,  Australia,  France,  Germany,  U.K.,  and  Japan.  In 
fact  customers  have  been  found  in  more  than  18  countries 
so  far,  and  others  are  pending. 

Market  Driven  Aircraft  Definition 

In  the  initial  stages  of  the  pre-design  of  the  BA609  tiltro¬ 
tor  (then  known  only  by  its  Bell  design  number,  D600),  a 
series  of  high-level  design  requirements  could  be  imme¬ 
diately  identified.  These  were  determined  by  extensive 
market  research  and  customer  interviews.  This  process 
was  undertaken  in  an  effort  to  be  certain 
"...we  build  the  RIGHT  aircraft...”.  First,  the  aircraft 
must  be  able  to  operate  within  the  existing  infrastructure, 
both  on  the  ground  and  in  the  airspace.  Second,  the  chal¬ 
lenge  was  to  develop  a  product  with  the  required  per¬ 
formance  and  life  cycle  cost  parameters  desired  by  the 
market ,  within  the  available  corporate  resources. 

After  a  brief  study  of  the  infrastructure  constraints  in 
terms  of  rig  sizes,  hangar  sizes,  heliport  constraints  and 
the  size  of  medium-class  helicopters  operating  in  this 
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environment,  we  concluded  that  the  overall  tip-to-tip  di¬ 
mension  of  the  aircraft  should  be  approximately  60  ft 
(18.3  m)  or  less.  The  marketing  team  conducted  a  num¬ 
ber  of  market  surveys  and  concluded  that  we  should  con¬ 
centrate  on  a  nine-passenger  vehicle  as  the  smallest  and 
least  expensive,  yet  capable  vehicle.  This  size  is  nearly 
equal  to  the  highest  productivity  levels  being  flown 
around  the  world  today.  It  also  became  clear  from  the 
surveys,  we  should  assume  that  each  passenger  and  bag¬ 
gage  weighed  220  lb  (100  kg),  since  in  many  of  the  po¬ 
tential  applications  (e.g.,  offshore  oil,  corporate,  civil 
government  utility),  this  was  more  often  the  case  than  the 
lower  values  permitted  by  regulation.  These  require¬ 
ments  thus  produced  a  need  for  a  1,980  lb  (900  kg)  pay- 
load  with  mission  radii  operating  as  far  out  as  250  nmi 
(463  km).  This  range  requirement  was  established  by  a 
survey  of  current  and  projected  offshore  shuttle  require¬ 
ments,  as  new  deeper-water  drilling  technology  becomes 
available. 

Other  mission  applications  for  corporate,  search-and- 
rescue  (SAR),  and  emergency  medical  service  (EMS) 
roles  were  also  studied.  The  Design  Mission  profiles  are 
shown  for  the  offshore  oil,  corporate  Search  and  Rescue 
scenarios. 

The  BA609  design  missions  are  shown  in  Figs.  4  and  5. 
Design  studies  of  the  corporate  and  search-and-rescue 


Corporate  mission 


(SAR)  missions  defined  details  of  the  cabin  size,  layout, 
and  baggage  compartment  volume. 

In  a  hostile  environment,  so  often  encountered  in  offshore 
operations,  it  is  clear  that  a  requirement  exists  to  be  able 
to  withstand  an  engine  failure  at  any  point  in  the  mission, 
and  to  flyaway  or  land  safely.  This  requirement  was  stud¬ 
ied  in  the  simulator  for  aircraft  with  various  power-to- 
weight  ratios;  power  margins  were  established;  including 
the  engine  spoolup  time,  and  vehicle  dynamics  modeled 
as  realistically  as  possible.  This  requirement  sized  the 
rotor  for  the  aircraft  for  available  powerplant  capability  at 
a  30-second  rating. 

The  passenger  compartment  was  a  compromise  between 
the  conflicting  needs  of  a  low-weight  configuration  and 
the  desire  to  provide  a  spacious  and  comfortable  cabin. 

In  terms  of  cross  section,  the  BA609  is  just  a  shade  bigger 
than  popular  civil  fixed  wing  aircraft  (such  as  the  Cessna 
Citation  or  the  King  Air),  and  Bell’s  own  Model  430  heli¬ 
copter.  In  terms  of  cabin  length,  it  is  not  quite  as  long  as 
a  King  Air,  but  significantly  longer  than  the  helicopter 
competition  fielded  by  Sikorsky  or  Eurocopter. 

The  remaining  definition  of  the  aircraft  came  from  the 
fuel  required  for  the  offshore  250  nmi  radius  mission  (380 
km)  with  IFR  reserves,  which  defined  the  minimum  in¬ 
ternal  wing  volume.  The  design  team  requirement  to 
clear  the  fuselage  with  the  rotor  at  a  clearance  of  18 
inches  (45.72  cm)  and  provide  a  wing  loading  that  would 
provide  an  acceptable  low  stall  speed  in  airplane  mode 
sized  the  wing,  given  the  rotor  size  from  the  available 
power  and  projected  aircraft  weight.  We  selected  the 
Pratt  &  Whitney  PT6-6A  engine  for  three  fundamental 
reasons:  reliability,  available  power,  and  economics.  The 
PT6  family  of  engines  has  a  demonstrated  track  record  of 
only  three  flight  shutdowns  per  million  flight  hours.  All 
the  known  engines  in  the  size  class,  and  some  bigger, 
were  evaluated;  but  no  other  engine  could  meet  our  needs 
in  terms  of  reliability,  weight,  and  cost.  The  Pratt  & 
Whitney  PT6  series  was  also  the  most  preferred  by  the 
customer  surveys. 


Fig.5.  Corporate  and  SAR  missions. 
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The  final  trade  studies  of  various  wing  loading  and  rotor 
disc  loading  (all  flying  the  same  missions),  led  engineers 
to  conclude  that  the  26  ft  (7.92  m)  diameter  rotor  with  a 
wing  span  of  33.8  ft  (10.3  m),  and  a  design  gross  weight 
of  16,800  lb  (7,260  kg)  was  the  right  combination.  The 
BA609  sizing  solution  is  very  close  in  overall  size  to  the 
XV-15.  In  a  sense,  this  fell  in  line  with  our  initial  stated 
strategy  to  reduce  technical  risk  to  a  minimum  by  using 
tried  and  proven  ideas.  In  the  XV-15,  we  had  a  ready¬ 
made  data  base  against  which  to  check  our  design  pa¬ 
rameters,  loads  predictions,  etc. 

Getting  Down  To  Details 

Once  the  overall  geometry  was  established  and  initial 
performance  and  maneuvering  capability  estimates  were 
done,  the  design  loads  were  established  by  analyzing  in¬ 
dividual  cases  of  “worst  case”  events.  The  design  team 
(including  members  from  engineering,  manufacturing, 
marketing,  and  customer  support)  was  ready  to  start  the 
task  of  detailed  layout  and  detail  design  within  the  new 
certification  basis  requirements. 

Fuselage 

The  forward  pressure  bulkhead  is  just  forward  of  the 
cockpit  and  serves  also  as  a  mounting  point  for  the  nose 
wheel.  The  bay  immediately  above  the  wheel  well  is 
where  most  of  the  avionics  equipment  is  located.  The 
bulkhead  forward  provides  for  a  location  of  a  weather 
radar.  The  forward  structure  and  transparencies  are  de¬ 
signed  to  withstand  a  4-lb  (1.8-kg)  bird  strike  while  trav¬ 
eling  at  cruise  speeds  and  altitudes  below  8,000  ft 
(2,438  m).  The  transparency  design  problem  is  more  dif¬ 
ficult  than  usual,  because  of  the  high-speed  requirement 
normally  associated  with  a  fixed-wing  airplane  and  the 
large  transparencies  to  provide  adequate  pilot  visibility 
for  vertical  landing  in  confined  areas.  In  addition,  an 
operating  pressure  differential  of  5.5  psi  (37.9  kPa)  must 
be  contained  to  permit  operation  up  to  25,000  ft  (7,620 
m)  and  maintain  the  cabin  at  8,000  ft  (2,438  m). 

The  center  cabin  is  circular  in  cross  section  because  of  the 
pressurization  requirement,  and  is  constructed  from 
aluminum  frames  and  graphite  skins.  The  frames  are 
manufactured  using  high-speed  machining  techniques  and 
the  skins  are  made  using  fiber  tow  placement.  The 
principal  structural  problem  is  to  provide  a  load  path  for 
the  crash  loads  to  the  main  gear.  The  wing  is  attached 
through  two  lifting  beams  that  are  in  turn  supported  on 
five  frames  to  provide  the  load  path.  The  second  unusual 
problem  is  to  ensure  that  the  fuselage  deflections  under 
pressurization  are  accommodated  and  yet  also  provide  a 
stiff  joint  in  pitch  to  ensure  that  fuselage  inertia  is  a  factor 
in  the  rotor  wing  stability  problem.  The  aft  fuselage  is 
not  pressurized  and  contains  the  baggage  bay  and  the 
structure  for  the  tail  loads  and  main  gear.  The  BA609 
pressurized  fuselage  will  be  produced  by  Fuji,  in  Japan. 


Landing  Gear 

The  nose  gear  consists  of  the  air-oil  single  stage  shock 
strut  with  internal  centering  cams,  shimmy  damper, 
downlock  assembly,  landing  gear  door  assembly,  and  the 
wheel  and  tire  assembly.  The  nose  gear  is  360-degree 
swiveling  with  an  extend/retract  actuation  mechanism. 
The  main  landing  gear  consists  of  air-oil  single  stage 
shock  struts,  positioning  rod,  proximity  switches  for  gear 
lock  and  weight  on  wheels,  landing  gear  door  driver,  drag 
brace  and  up/down  lock  links.  The  extend/retract  actua¬ 
tion  has  normal  hydraulic  function  and  emergency  exten¬ 
sion  provisions. 

The  design  point  of  the  gear  is  to  be  able  to  withstand  a 
10  ft/s  landing  following  an  engine  failure  at  the  critical 
point  and  not  yield  the  gear  or  its  surrounding  structure. 

Empennage 

The  tail  configuration  selected  is  a  T -tail  design  typical  in 
appearance  to  many  modern  fixed  wing  airplanes.  A 
great  deal  of  development  time  was  put  into  wind  tunnel 
tests  to  ensure  that  the  BA609  thick  wing  on  top  of  the 
fuselage  did  not  create  undue  losses  in  tail  effectiveness 
at  angle  of  attack.  The  vertical  is  designed  by  the  Dutch 
roll  mode  at  low  speed  and  high  altitude.  Although  this 
took  a  lot  of  work,  the  result  is  worth  the  effort  since  the 
wake-on-tail  effects  that  were  noted  on  the  XV-15  are 
shown  to  be  significantly  less  in  the  powered  wind  tunnel 
model  data.  As  a  result,  a  smooth  ride  should  be  possible 
with  any  quartering  wind  at  low  speed.  The  design  of  the 
tail  is  fairly  conventional  and  must  also  be  capable  of 
dealing  with  the  bird  strike  problem.  (Initial  bird  strike 
tests  were  passed  in  Spring  2000).  There  is  no  rudder  on 
the  aircraft;  yaw  control  is  provided  by  differential  collec¬ 
tive  pitch  on  the  rotors  when  the  pilot  pushes  the  pedals  . 

Wing 

The  wing  span  of  the  BA609  is  33.83  ft  (10.31  m)  be¬ 
tween  the  rotor  centerlines  with  a  constant  chord  of  65 
inches  (1.65  m),  giving  a  reference  wing  area  of  183.3  ft2 
(17.03  m2)  and  an  aspect  ratio  of  6.25.  The  wing  setting 
incidence  is  3  degrees  with  a  small  degree  of  dihedral  and 
forward  sweep.  This  geometry  was  selected  based  on 
several  factors.  The  span  is  driven  by  the  rotor  diameter, 
the  fuselage  diameter,  and  the  required  blade  tip  clearance, 
which  was  selected  to  be  18  inches  (45.72  cm).  The 
chord  was  set  by  the  requirement  to  provide  enough  area 
to  allow  a  low  stall  speed.  The  wing  thickness-to-chord 
ratio  was  calculated  to  give  a  cross  sectional  area  for  the 
torque  box  sufficient  for  the  torsional  rigidity  required  for 
aeroelastic  stability  and  also  to  provide  enough  fuel  vol¬ 
ume  to  meet  mission  requirements.  It  also  provides  effi¬ 
cient  slow  speed  flight  characteristics  while  acceptable  in 
high  speed  flight  for  drag  considerations. 
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In  helicopter  flight,  the  center  of  gravity  of  the  aircraft  is 
nominally  on  the  line  between  the  rotor  centers.  As  the 
nacelle  converts  to  airplane  flight,  the  center  of  gravity 
migrates  forward.  The  forward  sweep  of  the  wing  is  se¬ 
lected  in  such  a  manner  that  the  airplane  mode  nominal 
center  of  gravity  coincides  with  the  typical  25%  aerody¬ 
namic  mean  chord  location,  and  also  is  helpful  in  provid¬ 
ing  a  greater  degree  of  blade  flapping  clearance  from  the 
wing  leading  edge. 

The  35%  chord  plain  flaperon  provides  for  both  flap  func¬ 
tions  and  airplane  mode  roll  control.  It  was  selected  for 
manufacturing  simplicity  and  adequate  roll  control  power. 

The  structural  design  of  the  wing  includes  two  spars:  a 
main  spar  at  mid-chord,  and  a  forward  spar  at  5%  chord. 
Three  composite  ribs  support  the  spars  across  the  center 
of  the  aircraft  and  three  more  on  each  side  along  the 
length  of  the  wing.  At  the  tip  there  are  two  special  ribs 
on  each  side,  which  are  fabricated  out  of  aluminum  for¬ 
gings.  These  tip  ribs  serve  the  function  of  housing  the 
nacelle  and  conversion  actuator  spindles;  the  tip  ribs  react 
all  of  the  loads  from  the  rotor  and  nacelle  and  distribute 
them  into  the  wing  structure.  Upper  and  lower  graphite 
skins  with  integral  hat  section  stiffeners  complete  the 
torque  box  for  proper  stiffness,  dynamics,  and  load  man¬ 
agement. 

The  cove  aft  of  the  main  spar  contains  the  drive  system 
cross  shaft.  The  bearings  for  this  shaft  are  mounted  off 
the  main  spar.  All  of  the  fuel  for  the  aircraft  is  contained 
in  ten  crashworthy  fuel  cells  in  the  wing.  These  cells  are 
fitted  with  breakaway  fittings  to  ensure  that  no  fuel  spill¬ 
age  will  occur,  thus  reducing  the  chance  of  fire  in  the 
event  of  a  major  accident. 

The  leading  edge  section  contains  the  conversion  system 
cross  shaft,  and  is  designed  to  take  a  4-lb  (1.8-kg)  bird 
strike  at  240  kts(444  km/h)  with  no  penetration  of  the 
wing  torque  box,  thus  preserving  the  integrity  of  the  fuel 
system  and  enabling  flight  loads  to  be  carried  with  no 
problem  after  the  event. (  The  main  wing  bird  strike  tests 
were  passed  in  1999). 

Pylon  Conversion  System 

This  system  is  unique  to  tiltrotor  aircraft  and  is  in  the 
machining  tool  in  Fig.  6.  The  actuator,  which  provides 
the  nacelle  motion,  is  mounted  on  a  spindle  located  in  the 
wingtip  and  mounted  off  the  front  wing  spar.  It  consists 
of  a  double  telescoping  ballscrew  that  is  driven  through  a 
planetary  differential  gearbox  by  either  a  primary  hydrau¬ 
lic  drive  unit  or  a  backup  hydraulic  drive  unit.  Each  drive 
unit  has  its  own  hydraulic  brake.  An  interconnecting 
shaft  runs  through  the  wing  leading  edge  and  provides 
another  drive  path  to  the  actuator  through  a  90-deg  bevel 
gearbox. 


Fig.  6.  BA609  Tiltrotor  Conversion  Pylon 

The  system  has  five  angular  displacement  transducers  on 
each  side  of  the  aircraft  that  provide  nacelle  position  in¬ 
formation  and  allow  any  mechanical  failure  to  be  identi¬ 
fied  and  isolated.  The  actuators  on  each  side  of  the  air¬ 
craft  are  mechanically  linked  via  the  cross  shaft  and  are 
also  monitored  electronically  to  ensure  synchronous  op¬ 
eration  even  if  the  cross  shaft  were  to  fail.  The  planetary 
gearbox  design  permits  a  hydraulic  drive  unit  seizure  to 
occur  without  preventing  actuator  operation,  and  is  de¬ 
signed  to  operate  without  lubrication  for  a  minimum  of 
four  complete  conversion  cycles. 

The  hydraulic  power  to  drive  the  actuator  can  be  supplied 
by  any  of  three  independent  hydraulic  systems.  The  elec¬ 
trical  power  is  provided  by  triple  independent  systems. 
The  fundamental  design  of  the  flight  control  system  is 
triplex,  so  we  have  three  independent  flight  control  com¬ 
puters  controlling  the  actuator. 

This  level  of  redundancy  and  the  care  taken  to  obviate  or 
minimize  the  effects  of  mechanical  failure  give  a  system 
confidence  level  that  a  critical  failure  of  this  system  is 
less  than  one  chance  in  a  billion.  The  critical  sizing  con¬ 
ditions  are  the  cold  ambient  cases.  At  -40°F  (-40°C),  the 
actuator  can  operate  at  10  degrees  (deg)  per  second  in 
normal  operation  and  degrades  to  8  deg/s  after  three  fail¬ 
ures  have  accumulated  if  only  one  primary  hydraulic 
drive  units  is  powering  both  sides.  This  would  not  be 
noticed  by  the  pilot  without  the  monitoring  system,  since 
the  flight  control  computer  would  limit  nacelle  conver¬ 
sion  rate  to  less  than  these  values  for  normal  operation. 

The  conversion  system  will  operate  normally  down  to  - 
65°F  (-54°C)  and  is  tolerant  of  failures  at  this  condition, 
though  the  rate  of  conversion  may  slow  to  a  noticeable 
degree. 

The  mechanical  systems  are  designed  to  be  tolerant  of 
failure,  with  jam-resistant  design  redundant  bull  gears, 
and  for  example,  molded  elastomer  wipers  on  both  ball 
nuts  to  reduce  the  possibility  of  a  jammed  ballscrew. 

In  addition  to  providing  nacelle  motion,  the  actuator  also 
preloads  the  nacelle  onto  the  downstop  in  cruise  flight. 
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This  augments  the  stiffness  of  the  pylon  and  provides 
greater  margin  from  aeroelastic  stability  boundaries.  Af¬ 
ter  two  failures  in  cruise  flight,  we  will  restrict  the  ma¬ 
neuver  load  envelope  to  less  than  2 g  to  ensure  that  the 
nacelle  remains  down,  and  the  stability  margin  is  assured. 

This  description  should  provide  a  partial  answer  to  the 
often-asked  question,  “what  happens  if  you  cannot  recon¬ 
vert?”  The  system  is  designed  to  operate  even  if  BA609 
lost  two  hydraulic  systems,  two  electrical  systems,  and 
two  flight  control  computers — and  in  some  cases,  a 
simultaneous  mechanical  failure  on  a  cold  day.  This  re¬ 
duces  the  probability  of  the  problem  to  less  than  one  in  a 
billion.  None  the  less,  even  if  all  of  these  efforts  to  pre¬ 
vent  trouble  are  not  sufficient,  it  is  still  not  a  catastrophic 
event.  The  airplane  is  still  in  a  safe  flying  condition,  and 
a  clear  landing  site  needs  to  be  found.  The  problem  is  no 
worse  than  landing  a  propeller-driven  aircraft  with  the 
wheels  up.  Many  pilots  have  walked  away  from  such 
landings,  even  though  the  propellers  were  bent  or  even 
torn  off  the  aircraft.  The  composite  design  of  the  propro- 
tor  is  an  advantage  in  this  unlikely  event,  since  it  has  been 
shown  that  the  blades  will  shatter  on  impact  into  small 
fragments  and  dust. 

Drive  System 

The  drive  system  is  unique  in  the  tiltrotor.  The  engine 
power  comes  in  at  the  bottom  of  the  proprotor  gearbox  on 
a  30,000  rpm  engine  output  shaft.  The  first  stage  reduces 
the  rpm  nearly  4  to  1,  at  which  point  we  have  an 
overrunning  sprag  clutch.  The  power  is  then  transmitted 
to  the  second  stage  pinion  and  bull  gear  and  through  a 
planetary  set  of  gears  to  the  proprotor  shaft,  which  turns 
at  569  rpm  at  100%  shaft  speed.  A  pylon  shaft  made  of 
stainless  steel,  with  flexible  couplings  on  each  end, 
provides  a  means  of  transmitting  power  aft  to  the  tilt-axis 
gearbox.  This  box  has  two  roles:  (1)  to  turn  the  corner 
and  permit  power  to  be  transmitted  across  the 
interconnect  shaft,  and  (2)  to  provide  a  location  for  the 
accessory  drives  for  generators  for  the  icing  system, 
hydraulic  pumps,  oil  pumps,  and  cooler  blower  drive. 
The  interconnect  shaft  allows  the  aircraft  to  lose  an 
engine  with  no  asymmetry  in  flight  or  control.  In  the 
event  of  a  shaft  failure,  the  control  system  is  capable  of 
synchronization  and  maintains  symmetric  power  and 

control  application,  provided  that  both  engines  are 
operating.  If  both  an  engine  and  a  cross  shaft  fail,  then 
the  aircraft  can  survive  if  prompt  action  to  shut  down  the 
remaining  engine  is  taken,  and  the  aircraft  survives  the 
transient  condition.  After  that,  the  vehicle  can  be 
reconverted  with  power  off,  to  helicopter  mode  and  an 
autorotative  descent  entered.  If  two  engines  fail,  steady 
state  autorotation  entry  can  be  achieved  without  the 
difficulty  of  the  transient  asymmetric  condition. 

This  maneuver  has  already  been  flown  on  the  XV-15 
aircraft  (Fig.7). 


Fig.  7.  Tiltrotor  Hovering  approach  to  land. 


Rotor 

The  BA609  rotor  is  very  similar  in  concept  to  the  V-22 
design  and  draws  on  some  of  the  manufacturing 
experience  of  the  Bell  Model  430  helicopter.  It  is  26  ft  in 
diameter  (7.925  m)  and  has  three  blades,  each  of  which 
has  a  thrust-weighted  mean  chord  adequate  to  which  is 
estimated  to  provide  for  a  maximum  gross  weight  takeoff 
from  Denver  on  a  hot  day  and  allow  for  normal  air 
vehicle  maneuvers  with  a  margin  from  rotor  stall.  The 
blade  twist,  47.5  deg,  was  chosen  to  provide  the  best 
balance  between  hover  and  cruise  flight.  In  helicopter 
mode,  the  tip  speed  is  775  ft/s  (236.2  m/s),  which  is 
reduced  to  651  ft/s  (198.4  m/s)  in  cruise  flight  to  increase 
the  fuel  efficiency  of  the  aircraft  and  also  to  provide  a 
very  quiet  airplane.  The  blade  spar  is  made  of  fiberglass 
with  carbon  torsion  wraps.  The  afterbody  is  made  of 
Nomex®  core  with  fiberglass  skins.  The  blade  has  a  full- 
length  titanium  abrasion  strip  and  also  has  electrothermal 
de-ice/anti-ice  protection. 

The  yoke  assembly  is  also  made  of  fiberglass  and  pro¬ 
vides  the  necessary  amount  of  precone  to  the  rotor.  The 
centrifugal  force  bearings,  the  drive  links,  and  the  hub 
flapping  spring  are  all  elastomeric  components  included 
in  the  assembly. 

The  design  incorporates  provisions  for  pendulum  absorb¬ 
ers  inside  the  blade  cuff  to  reduce  rotor-induced  vibration. 
The  pre-implementation  of  this  design  prevents  the  issues 
of  icing  contamination  and  drag  penalties,  since  the 
installation  is  enclosed. 

A  slipring  assembly  is  mounted  on  top  of  the  rotor  mast 
to  permit  the  transfer  of  electrical  power  and  icing  control 
signals  to  the  rotating  blade  system.  The  BA609  rotor 
controls  are  very  similar  to  the  XV-15  design,  with  sepa¬ 
rate  collective  and  cyclic  actuation.  The  whole  assembly 
is  encased  in  the  spinner. 
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Nacelle 

The  nacelle  is  split  into  two  zones  by  the  horizontal 
firewall.  In  the  upper  zone  a  titanium  casting  with  an 
integral  spindle  is  the  basic  structure  that  collects  all  the 
rotor  and  nacelle  loads  and  transmits  them  to  the  wing. 
The  pylon  support  casting  supports  the  main  proprotor 
gearbox  and  the  tilt-axis  gearbox. 

The  engine  is  below  the  horizontal  fire  wall  and  is 
mounted  with  a  bipod  mount  close  to  the  engine  center  of 
gravity  and  attached  to  the  pylon  support  casting.  The 
forward  mount  consists  of  an  axially  soft  aluminum  tube 
to  the  lower  proprotor  gearbox  input  face.  The  coolers 
for  transmission  oil  and  hydraulic  oil  are  located  in  the 
upper  zone  aft  of  the  tilt-axis  gearbox;  the  cooler  blower 
is  driven  off  this  gearbox.  Note  the  engine  exhaust  is  over 
7  feet  above  the  surface  for  safe,  friendly  ground  ops. 

The  engine  inlet  is  located  on  the  bottom  of  the  nacelle 
and  is  a  bypass  inlet  design  with  a  plenum  chamber  in 
front  of  the  engine  face.  A  bypass  duct  augmented  by  a 
bypass  blower  ensures  that  particles  do  not  turn  the  corner 
into  the  engine  but  are  exhausted  through  the  blower  ex¬ 
haust.  This  design  also  protects  the  engine  from  icing, 
and  has  been  used  for  a  number  of  years  on  the 
Model  412  helicopter. 


Fig.  8.  Nacelle  designed  for  ground  clearance  and 
maintainability. 


Flight  Controls 

The  cockpit  controls  are  almost  identical  to  those  of  a 
conventional  helicopter,  with  a  center  cyclic  stick  and  a 
collective/power  lever.  In  helicopter  mode,  the  collective 
input  on  both  sides  from  the  collective  lever  provides 
vertical  ascent/descent  control.  Differential  use  of  collec¬ 
tive  provides  roll  control  and  is  activated  by  the  center 
stick  in  the  roll  direction.  Fore  and  aft  motion  of  the  cy¬ 
clic  stick  provides  rotor  longitudinal  cyclic,  providing 
control  of  pitch  and  center  of  gravity  as  in  a  single-rotor 
helicopter.  The  pedals  provide  differential  cyclic  pitch 
input,  giving  yaw  control  of  the  aircraft.  In  airplane 


mode,  the  longitudinal  stick  commands  elevator  as  in  a 
conventional  airplane.  Roll  control  is  obtained  by  differ¬ 
ential  deployment  of  the  wing  flaperons.  The  collective 
lever  becomes  a  power  lever  and  blade  pitch,  is  controlled 
by  a  blade  angle-rpm  governer  as  used  in  many  turboprop 
aircraft.  In  airplane  mode,  the  only  unusual  facet  of  the 
design  is  that  the  Bell/Agusta  BA609  tiltrotor  has  no  rud¬ 
der.  Yaw  control  and  turn  coordination  is  accomplished 
by  using  differential  collective  pitch  from  the  pedals  and 
from  automatic  turn  compensation  algorithms. 

The  transfer  of  control  from  one  surface  to  another  as  the 
conversion  proceeds  is  totally  seamless  to  the  pilot  and 
does  not  require  any  special  action  on  the  pilot’s  part.  A 
thumb  switch  on  the  side  of  the  collective  lever  controls 
the  conversion  process  itself.  The  pilot  can  command 
either  direction  and  can  stop  the  nacelles  at  any  angle 
chosen,  although  recommended  gates  are  provided  for 
normal  operations.  Once  the  conversion  is  complete  and 
airplane  mode  is  established,  the  rpm  is  reduced  by  means 
of  a  beep  switch  to  84%  for  airplane  mode  flight.  The 
heart  of  the  system  resides  in  triplex  flight  control  com¬ 
puters. 

Each  computer  has  three  processors  to  enable  each  sys¬ 
tem  to  be  self-checking  without  the  possibility  of  con¬ 
tamination  of  another  system.  The  rotor  actuators  are 
also  triplex  for  collective  and  cyclic  control.  In  the  base¬ 
line  design  there  is  no  lateral  actuator,  as  calculations  do 
not  indicate  the  need  for  one.  However,  provisions  exist 
for  the  addition  of  a  duplex  actuator,  should  the  need  arise 
during  the  test  program.  The  flaperon  and  elevator  actua¬ 
tion  is  by  three  independent  simplex  actuators. 

Each  control  input  made  by  the  pilot  is  converted  to  a 
digital  signal  by  redundant  sensors  and  transmitted 
through  independent  wiring  with  as  much  physical  sepa¬ 
ration  as  possible  to  the  computers,  which  are  located  so 
that  no  one  event  could  damage  all  three.  The  computer 
computes  the  proper  input  to  the  actuator  from  the  pre¬ 
programmed  flight  control  laws  and  sends  signals  to  each 
actuator  to  execute  the  pilot’s  desired  command. 

The  secret  of  the  success  of  this  system  is  in  its  capacity 
for  failure  management  through  the  redundancy  manage¬ 
ment  software  that  minimizes  the  risk  to  the  airplane  if 
failures  occur.  This  system  logic  is  complex  and  beyond 
the  scope  of  this  paper.  The  system  is  designed  so  that 
the  probability  of  a  catastrophic  failure  is  extremely  re¬ 
mote  (i.e.,  less  than  one  chance  in  a  billion). 

Hydraulics 

The  BA609  has  three  independent  3,000  psi  hydraulic 
systems  to  meet  the  requirements  of  FAR  25.1435  and 
which  are  designed  in  accordance  with  the  guidelines 
established  in  MIL-H-5440  for  a  Class  II  system.  Each 
system  is  capable  of  providing  power  to  each  of  the  flight 
control  subsystems  and  is  capable  of  providing  sufficient 
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Fig.  9.  Tiltrotor  ideal  for  Coast  Guard  Missions;  Engineering  demonstration,  May,  1999. 


power  for  safe  flight  should  the  other  two  systems  be¬ 
come  inoperative.  Ground  test  connections  are  provided 
to  allow  operation  and  servicing  by  an  external  power 
source. 

Electrical 

The  BA609  has  both  an  ac  system  and  a  dc  system.  The 
aircraft  dc  system  is  powered  by  three  dc  generators,  a 
battery,  and  external  power.  Under  normal  conditions, 
the  majority  of  the  dc  power  is  provided  by  a  brushless 
400-A  generator  mounted  in  the  midwing  area  and  driven 
by  the  interconnect  drive  shaft.  A  small  amount  of  cur¬ 
rent  is  drawn  from  the  two  300-A  starter  generators  to 
help  with  brush  wear  and  to  allow  the  system  to  ensure 
the  generators  are  functioning  normally.  Each  generator 
is  monitored  and  controlled  by  a  generator  control  unit 
that  continuously  monitors  the  status  of  each  generator, 
regulates  the  voltage,  provides  for  protective  features,  and 
controls  switching  of  the  engine  starter,  generator  line 
contactor,  and  various  other  distribution  contactors  that 
control  the  flow  of  power  to  the  aircraft  loads.  Any  one 
generator  can  provide  sufficient  power  for  safe  flight  and 
the  battery  is  sized  to  permit  safe  emergency  landing  if  all 
three  generators  should  fail.  These  and  other  Certification 
conditions  are  of  key  interest  to  the  Coast  Guards  (Fig.9.) 


around  the  world  as  well  as  potential  public  and  private 
tiltrotor  operators. 

The  ac  system  is  powered  by  two  self-cooled  variable- 
frequency  115-V  ac  generators.  Each  generator  provides 
three  independent  sources  of  power:  (1)  an  ac  power 
source  for  the  electrothermal  ice  protection  and  also  the 
air  conditioning  unit;  (2)  a  permanent  magnet  source  of 
generator  control  unit  primary  power,  and  (3)  a  flight 
control  permanent  magnet  generator  providing  full  wave 
rectified  power  as  a  primary  power  source  to  a  single 
flight  control  computer. 

Avionics 

The  avionics  suite  that  is  standard  in  the  aircraft  is  a 
Collins  “Proline  21”  integrated  avionics  system  with  three 
active  matrix  liquid  crystal  displays,  as  shown  in  Fig.  10. 
Two  VHF  communications  radios  and  two  VHF  naviga¬ 
tion  radios  are  provided.  The  system  includes  a  single 
DME,  an  ADF,  and  a  mode  S  transponder.  Flight  director 
and  GPS  are  available  to  complete  the  modern  navigation 
systems. 

Icing  System 

The  icing  system  consists  of  (1)  two  25-kVA  generators 
powering  the  electrothermal  anti-ice  and  de-ice  systems 
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Fig.  10.  Cockpit  displays. 


and  (2)  pneumatic  boots  used  on  the  wing  leading  edge. 
The  windshield  and  air  data  sensors  are  heated.  Each  of 
the  six  prop-rotor  blades  has  seven  heater  blankets  that 
are  controlled  sequentially  by  a  dual  icing  controller. 
Icing  indicators  enunciate  a  warning  to  the  pilot  of  icing 
conditions.  The  design  does  not  include  icing  treatment 
for  the  tail,  since  experience  with  the  V-22  and  recent 
BA609  tunnel  tests,  have  shown  this  not  to  be  necessary. 

ECS 


The  engine  bleed  port  is  used  to  provide  pressurized  air 
for  the  cabin.  The  air  is  precooled  before  reaching  the 
nacelle  swivel  joint  and  runs  down  the  aft  cove  of  the 
wing  to  the  fuselage.  The  bleed  line  also  provides  pres¬ 
sure  for  the  wing  leading  edge  de-ice  boot.  The  bleed  air 
is  an  adequate  source  of  cabin  heat  and  air  conditioning  is 
provided  by  a  vapor  cycle  air  conditioner  driven  by  ac 
electrical  power.  The  system  is  capable  of  providing 
21,500  Btu/h  at  103°F  (39°C).  Fresh  air  is  provided  by 
bleed  air  or  by  an  additional  ventilation  fan. 


Weight  and  Performance 

Early  marketing  surveys  indicated  that  almost  all  cus¬ 
tomer  requirements  could  be  met  with  a  useful  load  of 
5,500  lb  (2,495  kg).  A  comparison  of  typical  mission 
weights  is  shown  in  Table  1.  The  data  in  Table  1  show 
how  various  mission  requirements  create  different  mis¬ 
sion  weights.  In  the  case  of  the  North  Sea  offshore  mis¬ 
sions,  we  have  to  add  a  standard  interior,  nine  crashwor¬ 
thy  seats,  and  offshore  kits  (e.g.,  flotation,  life  rafts). 
With  a  full  complement  of  fuel  of  2,481  lb  (1,125  kg)  and 


a  payload  of  1,980  lb  (898  kg).  At  the  takeoff  weight,  the 
BA609  has  a  significant  payload  margin  as  limited  by 
Transport  Category  performance  at  mid-mission  in  a  sea 
level  ISA  environment. 

For  a  typical  corporate  mission  we  should  be  able  to  take 
off  with  six  executive  passengers  in  an  executive  class 
interior  with  a  full  load  of  fuel,  under  Transport  Category 
conditions,  at  a  sea  level  ISA+20C  atmosphere. 

In  a  cargo  class  aircraft,  we  are  able  to  handle  a  maxi¬ 
mum  payload  of  3,093  lb  (1,403  kg). 

Table  2  shows  some  of  the  key  performance  parameters. 
The  BA609  should  be  able  to  hover  out  of  ground  effect 
at  maximum  gross  weight  in  excess  of  5,000  ft  (1,524  m) 
altitude  on  a  standard  day,  perform  a  slow  conversion  for 
the  comfort  of  the  passengers,  climb  out  at  a  comfortable 
550  ft/min  (168  m/min),  and  cruise  at  275  kn  (509  km/h) 
at  20,000  ft  (6,096  m),  or  a  little  slower  at  25,000  ft 
(7,620  m).  On  an  ISA  +20°C  (+95°F)  day,  the  maximum 
cruise  speed  is  about  265  kn  (491  km/h)  at  altitudes  be¬ 
tween  10,000  ft  and  16,000  ft  (3,048  m  and  4,877  m), 
while  economical  cruise  speeds  are  about  250kn  (463 
km/hr)  throughout  the  cruise  altitude  range. 

The  North  Sea  mission  described  earlier  and  depicted  in 
Fig.  4  is  limited  by  the  requirement  to  safely  survive  an 
engine  failure  at  the  most  critical  point  in  the  mission. 
This  occurs  when  the  pilot  has  committed  to  land  on  the 
rig  on  a  windless  hot  day.  Given  the  remarkable  in-flight 
reliability  of  the  PT6  engine,  the  probability  of  this  event 
occurring  in  the  critical  five  seconds  of  landing,  is  ap¬ 
proximately  four  times  in  a  billion  flight  hours.  The  land¬ 
ing  gear  was  designed  to  handle  a  10  ft/s  landing  (3.05 
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Table  1.  ESTIMATED  BA609  Selected  Typical  Weight  &  Performance  Elements* 


Missions: 

(2  pilots,  IFR  capable, 

Max  Ranges  at  Req'd  Payloads) 

North  Sea 
offshore 
(9  pax) 

Corporate 

(6  pax) 

Rescue 
(+1  crew, 

2  evacuees) 

EMS 

(+2  attend, 

1  patient) 

Cargo 

(0  pax) 

Useful  Load  (per  mission 
configurations) 

5,367  lb 
2,434  kg 

4,739  lb 
2,150  kg 

4,536  lb 
2,057  kg 

4,276  lb 
1,939  kg 

5,525  lb 
2,506  kg 

Interior/seats  and  equipment" 

265  lb 

120  kg 

470  lb 
213  kg 

551b 

25  kg 

461  lb 
209  kg 

0 

Unusable  fluids 

14  lb 

6  kg 

14  lb 

6  kg 

141b 

6  kg 

141b 

6  kg 

14  lb 

6  kg 

Kits  (per  mission) 

227  lb 

103  kg 

54  lb 

24  kg 

976  lb 
443  kg 

260  lb 
118  kg 

0 

Crew 

400  lb 

181  kg 

400  lb 
181  kg 

400  lb 
181kg 

400  lb 
181  kg 

400  lb 
181  kg 

Payload  (minimum  Required 
per  design  document) 

1,980  lb 

898  kg 

1,320  lb 
599  kg 

660  lb 
299  kg 

660  lb 
299  kg 

3,093  lb 
1,403  kg 

Max  Range  (  VTOL,  DRY  Tank, 

No  AUX  fuel,  No  Reserves) 

750  nm 

>  500nm 

675  nm 

675  nm 

>  400nm 

Speed,  (economy  CRUISE) 

250  kts 

250  kts 

250  kts 

250  kts 

250  kts 

*Based  on  ESTIMATED  weights/performance;  ALL  ACTUAL  BA609  tiltrotor  weights/performance  is 
Subject  to  FAA  Certification  and  Approved  Flight  Manual  requirements;  targeted  for  2003. 


m/s)  to  deal  with  this  case.  Given  the  flight  performance 
limits  of  this  condition  (ISA),  we  currently  have  an  ade¬ 
quate  positive  payload  margin  with  the  mission  flown  at 
25,000  ft  altitude  (7,620  m)  at  MCP. 

For  the  Gulf  of  Mexico  mission,  we  have  less  margin 
because  of  the  ambient  temperature  in  this  case 
(ISA+20C).  Even  so,  we  currently  calculate  a  positive 
payload  margin.  At  this  stage  in  development,  it  is  neces¬ 
sary  to  have  margins,  since  weight  growth  during  certifi¬ 
cation,  flight  test  has  been  a  historical  fact  of  life.  None¬ 


theless,  we  believe  we  have  adequate  margin  for  the  task 
and  should  be  able  to  deliver  design  mission  performance 
in  the  production  vehicle. 

In  a  corporate  mission  using  a  Transport  Category  depar¬ 
ture  from  a  ground  level  helipad,  we  have  a  range 
capability  of  675  nmi  (1,205  km)  on  an  ISA  plus  20°  C 
(95°F)  day  and  slightly  in  excess  of  750  nmi  (1,389  km) 
on  a  standard  day  (59  deg  F). 


Table  2.  Key  BA609  tiltrotor  selected  mission  performance  parameters  * 

1.  Hover  AEO  standard  gross  weight  =  16,800  lb  (7,620  kg),  altitude  =  5,000  ft  (1,641  m) 

2.  Maximum  speed  =  282  kt  (522  km/h)  at  MCP,  gross  weight  =  15,000  lb  (6,804  kg)  at  20,000  ft  (6,096  m) 

3.  Maximum  rate  of  climb  =  2,900  ft/min  (884  m/min)  at  SLS,  gross  weight  =  16,000  lb  (7,257  kg) 

4.  Service  ceiling  OEI,  standard  day(ISA)  =  16,000  ft  (4877  m)  airplane  mode  @  200kts 

5.  Service  ceiling  OEI  ,ISA+20°C  =  13,000  ft  (3,962  m)  airplane  model 

6.  Transport  Category  takeoff  gross  weight  =  15,600  lb  (7,076  kg)  at  ISA  +20°C  “confined  area”  VTOL 

7.  Transport  Category  takeoff  gross  weight  >  16,800  lb  (7,620  kg)  at  ISA  +30°C,  STOL  w/  400  ft  roll 

8.  Range  -  corporate  mission,  standard  day(ISA)  =  750  nm  (1,389  km) 

*  All  BA609  tiltrotor  mission  performance  parameters  Subject  to  FAA  Certification  and 
Approved  Flight  manual  conditions  and  requirements;  targeted  in  2003. 
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Maintenance  and  Supportabilitv 


Summary  and  Conclusions 


Operating  cost  is  a  major  factor  in  the  operators  acquisi¬ 
tion  decision  process.  The  design  reliability  of  each 
component  has  been  estimated  and  each  contribution  to 
scheduled  and  unscheduled  maintenance  costs  has  been 
calculated.  At  this  stage  in  the  design,  BA609  targeted 
direct  operating  cost  of  the  aircraft  will  be  in  the  vicinity 
of  $85 0/hour  (as  calculated  in  1996  USD),  yielding  a  very 
competitive  cost  per  seat  mile  capability  compared  to 
other  VTOL  alternatives. 

Since  in  the  first  80+  orders  we  have  18+  countries 
represented,  it  is  clear  that  a  worldwide  network  of  parts 
and  overhaul  facilities  is  needed.  It  is  our  current  plan  to 
leverage  the  networks  that  Bell  and  Agusta  have  in  place 
to  service  the  more  than  5,000  helicopters  we  have  in 
service  worldwide.  Bell/Agusta  Aerospace  Company 
plans  to  offer  warranties  and  spares  programs  competitive 
in  the  medium  class  fixed  wing  and  VTOL  industry. 

Training 

The  FAA  has  determined  that  a  new  pilot  rating  will  be 
required  for  “powered  lift”  pilots,  and  the  training  sylla¬ 
bus  for  this  rating  is  still  a  matter  of  discussion  between 
our  pilot  staff,  who  have  had  most  of  the  tiltrotor  pilotage 
experience  to  date,  and  the  regulatory  agencies.  We  will 
provide  pilot  training  sufficient  to  satisfy  the  require¬ 
ments  of  this  new  rating.  Initially  we  will  provide  a  syl¬ 
labus  for  dual  fixed  wing  and  helicopter  rated  pilots  who 
should  be  able  to  transition  to  a  powered  lift  rating  rela¬ 
tively  easily.  It  is  believed  for  these  individuals  that 
about  twenty  hours  of  instruction  in  flight  should  be  suf¬ 
ficient  after  ground  school  and  simulator  time.  We  will 
also  provide  a  syllabus  for  helicopter  pilots  and  one  for 
fixed-wing  rated  pilots,  however,  the  requirement  in 
terms  of  flight  time  is  currently  not  published  by  the  FAA 
as  of  this  writing.  Pilots  will  be  trained  to  proficiency. 

Development  Program 

The  development  program  of  the  BA609  civil  tiltrotor 
was  officially  announced  on  November  16,  1996  at  the 
Smithsonian  Museum.  Since  then,  much  of  the  engineer¬ 
ing  definition  and  design  release  of  the  aircraft  has  been 
accomplished.  Bell/Agusta  Aerospace  Company  has 
completed  the  critical  design  reviews  and  are  well  into  the 
tooling  and  part  fabrication  phase  of  the  program.  At  the 
time  of  writing  this  paper,  the  program  schedule  shows 
First  flight  in  Summer  2001,  including  four  BA609  air¬ 
craft.  BA609  dual  pilot  IFR  certification  and  deliveries 
are  then  scheduled  to  begin  in  2003. 

For  further  updated  information,  please  visit  our  web  site: 
www.bellagustaaerospace.com 


The  development  of  the  BA609  tiltrotor  represents  a  new 
threshold  of  technology  being  implemented  as  a  civil 
aviation  alternative  for  the  21st  century.  The  paper  has 
shown  the  results  of  work  over  the  past  50+  years  and 
concludes  that  the  technology  is  understood,  the  systems 
are  designed  to  be  safe  and  comply  with  new  FAA 
certification  criteria,  the  materials  are  tailored  for  the 
design,  and  the  performance  and  design  characteristics 
have  been  determined  by  the  market.  The  confidence  is 
high  for  the  civil  applications  of  tiltrotor  because  of  its 
large  and  unique  operating  envelope  offering  customers 
the  ability  to  hover,  takeoff  vertically,  fly  IFR  275kts  up 
to  25,000  feet,  and  land  up  to  675nm  away,  vertically. 
Obviously  today's  airports  may  be  used,  but  the  real 
growth  potential  is  in  off-airport  operations.  Missions 
including  offshore  shuttles,  hospitals  transfers,  corporate 
itineraries,  as  well  as  other  civil  government  utility  roles 
like  Search  and  Rescue,  are  ideal  for  this  newly  applied 
technology.  We  anticipate,  just  as  the  world  has  seen  the 
birth  of  airplane  and  helicopter  flight  in  the  20th  century, 
we  will  all  experience  the  choice  of  more  convenient, 
cost  effective,  fast  hybrid  VTOL  flight  in  the  21st  century. 

The  BA609  tiltrotor  is  the  first  civil  certified  alternative 
for  this  new  way  to  fly. 
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